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Summary

. The interaction between shock waves and boundarK. | ayers has
inportant effects in many problenms of high-speed flow. This paper has
been wratten as a guide to the literature On the subject, and as a
critical review of the present state of Xmowledge concerning both the
under|ying physzcal processes and the practical applications. It will be
clear to the reader that, although substential progross has beecn nmade,

cur know edge is still far from complete and that more work both of a
fundamental nature and on specific applications i s nceded bcforo the *
problemis understood sufficiently well for design purposes.

Part | of the paper describes experiments on conparatively
simple types of flow dosigned t o prw do fundamental infomataon and te
assist in the devel opment of tho theory. These exporiments show that
the interaction dopends mainly on the Mach and Reynolds numbers and on
the «trength of the sheck Wave. In particular, tho intoraction of a
shock Wave vwith a laminar boundary layer i S shown to produce much |arger
effects than if the boundary layer is turbulent. For most oases Wiere
t he effects of the iatoraction arc largo onough t 0 havo serious practical
consequences it is found that the boundary leyor separates fromthe
surface, and the difference betveen the interaction Wth leminar and
turbwlent | ayers arises mainly because the laminar |ayer separates much
nor e readily i n an adver se pressuro gradient. 50 details of the
interacticn downstream of the separation point thus depend critically
on the behaviour of the separated layar, and on tho conditions under which
it reattaches to the surfaco.

ny of the features found in the fundamental experinents
appear also in practical applications and these are considered in Parts I
and I:I of the paper. Although the erphasig here is on tho performance Of
aerofoils and wingsmoring at hi gh subsonic speeds, the amportance of the
interaction in other exanples such as at supersonic trailing edges and in
supersoni ¢ intakes is also discussed briefly. The differences between the
interaction Wth laminar and turbul ent boundary layers are often a source
of serious discropancy between model experiments and. ful | - scal e conditions.
for small-scelemodels it IS, thereforo, frequently essontial to make the
boundary | ayer_turbulent by artificial mans. Some of tho difficulties
anvolved | N doing this, and certain of tho more promising methods are
briefly discussed. It is shown that experiments on models Wth transition
fixed can be used t o explain a nuwibér of aorodynariic offects encountered
in transonic flight, and connected with tho occurrence of shock-induced
separation of the turbulent boundary layers. For both two~dimensional
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aerofoils and straight and sweptback Wngs, turbul ent separation occurs
for shooks above a certain strength Wich applica for both nodel and
fulle-scale conditions. The effocts of separation arc qualitatively
simlar under model and full-scale conditions; differences in magnitude
Wul d be expected if the pressure recovery along tho separated layer
between tho shock and the trailing edge i s affected by Reyiolds muiber,
but 1ittle information is at present available on thi, point.

Most of the repercussions Of turbulent separation On the
steady-motion characteristics of aerofoils and wings can be traced to
the associated reduction in the pressure rocovery over the rear of tho
surface. This i S because the pressure attho trailing edge controls
the inter-relation between the two surfaces (so long as the flow at the
trailing edge remains subsonic), and in particular tho relative novenents
of the shock wavss and the extonts of the |ocal regions of supersonic
flow  Certain unsteady-flow characteristics such as buffoting and contro
surface "buzz" are algo thought to be closely associated Wth boundacy-
| ayer separation.

Some evidence is prosentcd on the influence of section shape
on the occurrence and effects of separation, but in this, as in mery
other respects, information relevant t0 turbulent boundaxy |ayers is
scarce, Some notes on the further work which iS required are given in
Part |V of the paper
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1. Introduction

In many aeronautical problens, such as the flow past wings and
the flow through engine intakes and wind-tunnel diffusers, shook waves meet
the boundary, layer on the surface under consideration. In such circunmstances
it is well known that the shook wave and the boundary |ayer interact, and
that a flow pattern may result which bears little resomblance to t hat
oxpocted in the absence of viscous offeots. An example is given in Fig. 1,
Hero an obliquo shook waye generated bﬁ a wedge hel d in a supersonic stream
strikos the surface of a flat plate, the conditions being such that
rogular reflection (Fig. Ib) would be expected in the absence of the
boundary layer. It iS seon in Fig. la that tho actual conditions
aro vory difforent fromthis. Thus, for example, instead of being
roflocted as a singlo shock, the incident shock is reflected as a
system of compression and expansion waves springing fromregions of the
boundary layer cxtending froma point well upstream of the incident

" shock/
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shock to a point well downstream, |t iS also clear that there are
correspending differences between the neasured static pressure distribution
onthe surface of the plate and that calculated for regular reflection.

Attention was first drawn to the problem an 1939 by Ferri!,
who,during tosts in a supersonic tunnel observed boundary-loyor
soparation ncar the trailung edge of an aerofoil in a regiom where a
favourable pressure gradientwouldbe expected. Soon afterwards
observations in several high-speed tunnels reveal ed the irportance of
the interaction at high subsonic speeds where tho supersonic flowis
limited to a region close to the aerofoil. Detailed studies werginitiated
i ndependently in Geat Br:.tainz, Switzerland? and the U.S.A.*2#8 n about
1945. 'The Briti sh experimentswer e confined t o t he comparatively sirple
case of the interaction of a shock wave with the turbul ent boundary Iayer
on the flat wall of a supersonic tunnel. The Swiss3 and Americ
oxperinents exariined t he more corplicated problem of the interaction at
t he rea~ of tho limited regi on of supersonic flow ncar a curved surface
hel d in a subsonic stream. Thegy were made with both laminar and
turbulent boundary | ayers upstream of the shock wave and showed. that the
nature of the interaction depended critically on the state of the
boundary layer. This observation suggested a possible source of serious
scal e effect in wind-tunnel tests made at |ow Reynol ds muibex, and
increased effort was accordingly put into the derelopment of Gechniques
for romanizing the scale effect by meking the boundary | ayer on the test
surface turbulent artificially.

In experiments on curved surfocesit iS sometimes difficult to
separate the effects of the interaction from those arising from the
limited extent of tho supersonic region and fromthe pressure gradient
associ ated wath tka curvature of the surface. Thus, although useful
anformation contanues t0o be obtained fromtests on isolated aerofoils and
cascades at high subsonic speeds, mnost recent experiments which have
been Jesigned specafically to investigate the interaction have been made
i N purely supcrsonic flow wath a boundary |ayer which is not subject to
pressure gradients other than that occurring in the shook wave under
anvestigation. To achicove this condition the boundary |ayer under test
Is formed either on a flat plate spanning the tunnel or on a parallel-
si ded body of revolutionj the latter arrangement i S more difficult
experiaentally but has the advantage that effects arising fromthe
presence Of the boundary layers on the side walls of the tunnel are
rinirized. The shock wave is usually produced by placing a wedge in
t he superscnic stream above the flat plate (Refs. 7 t013) orby
attaching a wedge or step to the surface of the plate (Refs. 14 to 16)
or a collar to the body of revolution (Refs. 17 to 19).

Largely as a result of experimontsof the type described above
the major effects of Mach nuniber, shock strength and boundary-|ayer
Reynol ds muaber on the flowin the vicinity of the interaction are
knowm, and the physical nature of the underlying mechanism is at |east
partiaTIy understood.  These aspects are reviewed in the first part of
the present paper.

The theoretical study of the interaction presunts many
difficulties. For exarple, the usual sinplifying assumption of boundary-
laycr theory that changes parallel to the surface are negligable compared
with those normal to the surface clearly fails near the POi nt where a
shock wawve mcets the surface. Thus, al though considerable progress has
been made, the theory is still far from being corplete, or adequate for
design purposes. A feature Whi ch has receaved mch atention by
theoretical workers in the upstream effect of the shock wave (see, for
exarple, Fi 9. 1) which would, of course, be absent in purely supersonic
flow. At one tame it was thought that this effect could be explained
entirely in terus of the propagation of disturbances upstrean through

t he/
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the region of subsonic flow which is always present within a boundary

| ayer near the wall. It was hoped, thercfore, that it =zdight be possible
t 0 calculate t he upstrean influence DYy a comparatively sirple t heory

whi ch neglected the effects of viscosity other then those which produced
the velocit¥ profile in the boundary |ayer and the subsonic region near
the wall{ he original theory due to Howearthe0 was extendad by Tsien and
Finston®! who considered a uniform subsonic stream perallel to the wall,
by Lighthil122 who took a_linear velocity profile wth zero velocity at
the wall, and by Robinson’3 who considered an arbitracy profile. It was
found, however, that these theories predicted upstrean effects which were
much gmaller than those observed in practice, and that the difference
between the extents of the upstrean effect observed for laminer and
turbul ent boundary | ayers coul d not be explained7 in terms of the
difference between the thicknesses of the subsonic |ayers.

An alternative approach is to consider the interaction between
changos Of the boundary-Iayer thickness and the pressure changes whuich
they produce in the general stream. FOr exarmple, a positive pressure
gradient (such as that in a shock wave) causes the beandary |ayer to
thicken, and the associated curvature of the boundary |ayer produces a
further positive pressure gradient (tho flowin the general strean being
supersonic). This gradient an turn causes a further thickening of the
bounda:y |ayer and a further pressure gradient. The boundary |ayer thus
grows in equilibraum with the pressure gradient caused by its growth,
and the pressure gradient decays gradually as the distance upstrean of
the original disturbance increases. I't is thought that this mechanism
accounts for a large part of the upstream effect of weak shock waves,
and for almost the whole upstream effect of expansion waves. The
difference between the upstrean effects with laminar and turbul ent
boundary | ayer arises because a laminar layer thickens ruch more readily
in an adverse pressure gradient. fTheorics have been developed on this
basis by Oswatitsch and Wieﬁhardtzh and by Lighthill? and appear to be
in reasonabl e agreement W th experiment for weak shook waves
(see section 4).

If 4.e sheck wave is strong, the adverse pressure gradi ent
may exceed that needed to separate the boundary |ayer from the surface.
Separation then occu~s, and the associated curvature of the edge of the
boundary |ayer causes a furthe. adversc gradient ahead of the shook
which may still be sufficient to cause separation. The Separation point
nay thus be considered to move upstrean in a manner sirdilar to that
descrabed in the prericus pa-agraph, until the adverse gradient falls
to a value which is just sufficaient to provoke separation. In this case
the equilibrium i S between the pressure changes produced in the free-
stream Dby the curvature of the edge of the separated |ayer, and the
pressure §radient that the frictional forces in tho dead-air region
can withstand. SONE thickening of the boundary iayer nay occur upstrean of
the separation point tecause of the adverse pressure gradient there, The
relative  ease wath which a laminar | ayer separates in an adverse gradient
leads to large differences between the upstrean effects for lamanar and
turbulent layers. fTheories dealing with boundarg-layer soparation ahead
of the incident shock have been advanced by Lees26, Crocco and Lees®/,
Stewartsong8 and Gagac9,30,

The details of the flow dowmstream of the separation point
dopend On several factors such as the shape of the wall, the flow
deflection in the incident shock and, for initially laminar boundary
| 'ayers, the position of the region where transition to turbulent flow

takes place (see Refs. 12 and 26).

Separation occurs i N most cases where the effects of the

interaction are important in practice. fThese effects, which are usually
undesirable, are discussed in Parts || and |11 of the present paper.

Al t hough/
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Al'though the enphasis here is on the performance of two-dimensional
aeroforls noving at high sibsonic speeds, other aspects such as the
conditions at supersonic trailing edges, the flow round wings of finite
aspect ratio, and the flow through engine intakes are also described
briefly. The inportant question of scale effect is first discussed, and
it is shown that tests made at |ow Reynolds nunber may be of limited due
for full-scale application unless the boundary |ayer i s made turbul ent
upstream of the region where it interacts with the shock wave. For this
reason mogt of the observations described in the subsequent paragraphs
were made with turbulent boundary |ayers. Examples are included to
illustrate the conditionsunder which boundary-|ayer separation may be
expected to occur near a shock wave, and the effects of shook-induced
separation on the characteristics of aerofoils and control surfaces.
Possi bl e renedies for the adverse effeots of separation are al so
nentioned, togetaer with the ties on which further work coul d usefully
be done.

The probl em of predicting the pressure on the base of a twoe or
three-di nensional bogy in supersonic flowis closely sallied to the
exanpl es mentaioned sbove, and. is reviewed in Ref. 31. The inportance of
the interaction in the performance of cascades at high speeds is
di scussed in Refs, 32 and 33.

Part_|. Experiments Designed to Provide
Fundamental Information on the Interaction

2. The Interaction Between the Boundaxy Layer on a Flat Plate and an
ol 1 que Shock Wave Cenerated in the Main Stream

~ The intcractions between shock waves and boundary |ayers which
occur in practics are frequently affected by many conp||cat|ng|factors,

and in an attenpt to give a physical understanding of the problem
sinpler types of interaction will be discussed in this part ofthe
paper. As nentioned above, a type Of interaction Which has been studied
by may experinenter-, is that between a plane incident shock produced by

a wedge and the bovndaxy layer on a flat plate. This will, thereforé,

be considered first as it illustrates many of the important features
Since they cover a wider range of conditions than nost other tests, and
give results which are in nost cases in agreenent with those obtained by
cther investigators, t he experi.sents made recently??s?2 at the N.P. L.
have been uset? to provide the exanples included here,

The principal factors affecting tho interaction are the
boundary=-layer Reynol ds number, the Mach nunber and the strength of the
shook wave. The wind tunnel used in the investigations at the NP.L
wes designed to enable each of these factors to be varied independently
over a wde range.

2.1 Description of the Apparatus

The wind tunnel is of the "direct-discharge" type (Fig. 2a) and
works between a source of dry compressed air and a vacuumsupply. The
working section is 1.5 In. wideand 2.6 in. high and has glass side walls
permitting photography Of the flow. There iS a by-pass %Fig. 2b) beneath
the flat plate AB through which the boundary |ayer on the tunnel wall
passes, so that a new |ayer begins at the loading ed?e A of the plate
The plate is 6 in. long and Spans the tunnel conpletely; along its
centre line there are a nunber of statie pressure tappings SO that the
pressure distribution on the surface can be measured. The shock wave is
generated by a wedge C which in nmost cases fully spans tho tunnel, and
can be moved along the tunnel by means of a lead screw

The/
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The Stagnation pressure of the air entering the working section
can be varied between about ¥ and 15atnospheres absol ute, giving for
example at M, = 2 a range of Reynolds nunmber from about 1.7x 109 to
5x 100per inch. The Mach number can be changed by using different
nozzl es, and investigations have been made at Mach nunbers of 1.5 2,3
and L4« The strength of the shock is varied by using wedges of different
angles. At My = L wedges of up to 20 deg. apex argle can be used,

but at Mo = 2, for eximple, the maximmm Shock deflectisn angle that
can be used is only about 10deg. because the tunnel chokes nore easily

at the lower Mach number.*

This apparatus is well suated for detormining the overall
characterastics of the interaction such as the pressure distribution at
the wal | and the upstream effect of the shock. Its small scale makes it
l ess suitable, hrwever, for the determination of details of the flow
such as the boundary-layer profiles.

2.2 Preliminary Di scussi on of the Experimontal Results

Experinmental results for a nunber of Reynol ds mumbers, Mach nunbers
and shock strengths are reproduced in Fig. 3.In Fig. 3(a) the Reynolds
nunber is very low and the shock is very weak so that the boundary |ayer
remai ns laminar throughout the region of interaction. Wth a slightly
greater shock strength and slightly higher Reynoids nunber the flowis
as in Fig. j(ba where transition to turbulent flow occurs at the position
where the shock strikes the boundary |ayer. Wth strong shocks but
fairly low Reynol ds nunbers the boundary |ayer is laminar at separation
but turns turbul ent upstream of the shock, as in Fig. 3{(c).!f the
Reynol ds number is increased sufficiently, transation takes place
upstream of the regrom of interaction, The flow pattern is then simlar
to that for regular reflection if the shock deflection angle is less
than about 6deg. as in Fig. 3(d). For stronger shocksflow separation
occurs even for turbulent boundary |ayers, however, and the flow pattern
1s thm like that shown in Fig. 3(e).

It can be seen that large departures of the flow pattern from
that predicted 1or regular reflection occur when there is considerable
separated flow, and the prancipal difference between laminar and
turbul ent interactions 1s associated Wi th the nuch greator readiness
with which a laminar boundary |ayer separates.

A feature common to all interactions of the type considered
here is that the ultimate precsurs rise on the plate is roughly the
same ag for regular reflection of the shock because the conbination of
conpressi on and expansi on waves reflected fromthe boundaay | ayer has
the overal |l effect of turning the gxternal flow (which has peen deflected
through the aneident shock) back to a direction approxi mately parallol
to the wall just as the reflected shock does in regular reflection. A
furthor characteristic, excopt for weak shocks and turbul ent boundary |ayers,
is that the shock is reflected. locally where it strikes the boundary |ayer
as an expansion wave. This iS a consequenco Of the fact that the
separated boundary |ayer is unable t0 waithstand @ sharp pressure gradient and
thus behaves rather |ike a constant-pressure boundary as far as shock
reflection is concerned.

The particul ar affects produced by different boundary-|ayer
conditions are discussed below.

2.3/
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A1 is not possible to r-educe the bl ockage by malking the wedge very short
because the incident shock is then followed too closely by the expansion
wave springing fromthe rear of tho wedge.



-8

2.3 Results for Boundary Layers ILaminar over the Vhole Regi on of
Interaction

(a) Flow Patterns and Pressure Distributions at the Wall

These are as in Fige 4« [f the shock is sufficiintly weak
(wth a deflection angle less than about 2 deg.) flow separation does not
occur, The pressure distribution at the wall has a single point of
inflection at approximately the position where the shock strikes the
boundary layer. For stronger shocks separation occurs, and the pressure
distribution at the wall has three points of inflection, i.e., the curve
has a "foot". This type of distribution arises in the following manner.
The pressure gradient i ncreases continuously up to separation, but
downstream of separation there is a dead-air region*® near the wall, The
boundarK | ayer cen withstand a considerabl e adverse pressure gradi ent
where the dead=air region is thin, because the rate of change normal to
the wall of the frictaon forces acting on the dead air can then be
consideiable, but this is not so when the region is thick. The dead=air
region thickensrapidly downstream of separation becausje the edge of the
boundary layer is defleoted away from the wall. The pressure gradient thus
falls of f downstreamof separation. At the point where the shook strikes
the boundary | ayer the flow is deflected towards the wall by the shock and
the reflected expansion, so that the dead-air region becomes thinner again
Hence the pressure gradient increases once nore until the reattachnent
point 1s reached. Downstream of this point tho pressure gradient again
falls as the boundary-layer profile returns to tho undisturbed zero=
pressure-gradient form and the pressure approaches its peak val ue
asynptotically.

I't should be noted that with conpletely laminar boundary |ayers
the foot on the preossure curve ends where the shook strikes the edge of
the boundary layer. A so, the maxdmypressure gradient downstream of the
foot is of the same order as that near the separation point at the
upstream end of the foot

(b) Upsgtream Influence

I't is found that for given shock strength the upstream distance

d divided by the displacement tnickness 8o* gsee Fig. ) increases with

i ncreasing: Reynol ds nunber Rg roughly as 5@4/“ (this is discussed further
a o

i n section 2.3(b)). The quantity --;( ---) is, therefore, a function
8.¥(. R

of shock strength and free~stream Mach num%er only. It is plotted in Fig. 5

for Mo = 2, 3 and L** ageinst peak pressure ratio .

Prmax . 2 | Puax ’

---- and also against peak pressure coegfficient === | —w== - 1| . The

P o vl 1o
upstreameffect for a given prossurc ratio i s much sneller at the higher
Mach nunbers, although for a given pressure coefficient the effect 18

approxi mtely independent of Mch nunber

2./

- T g A - - -

"The doad—ai; region is defined as being of thickness t where, in the

usual notation ]. pudy = 0. The velocities in the dead-air region

O
although small, are not zerosince there is reversed vlow at the wall and
forward tlow further out.

**Experimental difficulties prevented boundary-|ayers laminar over the whole
region of interaction from being obtained at My = 1.5
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2., Results for Boundary Layers Lamainar at Separation but Turbulent
before Reoattachment

Tho boundary layeor turns turbulent before reattachmont unless
the Reynolds mvmber is vory low and the shock is weak. Tho fully
laminar type of flow described above is, therefore, rmuch less froquently
encountered than that considered here.

(a) Flow Patterns and Pressure Distributions at the Wall

These are as in Fig. 6. The position of transition relatave
to the shock depends on shock strength. For moderately weak shocks it
may be at or slightly downstream of the shock as in Fig. 6(a). For
stronger shocks it is upstream of the shock as in Fig. 6(b) and (c).
When, as with vevy strong shocks, transition is a long way ahead of the
shock (Fig. 6(¢)), the pressure distribution at the wall may have five
pointa of inflection. There is first a "foot" where the boundary lcyer
is leminar and the pressure gradient falls off after separation because
the dead-air region becomes thick as discussed in sec .don 2.3(a). When
transition occurs the boundary layer, although stall separated, becomes
capable of withstanding a larger pressure gradient and the pressure rises
steeply. However, the dead-air region becomos very thick further down=
stream so that even the turbulent friction forces acting on it are not
sufficient to permit a large adverse pressuro gradient. The pressure
gradient accordingly falls once more. Where the shock strikes the
separated layer the flow 1s deflected towards the wall so that the dead-
air rzgion is thimned and the pressure gradient rises again. Recttachment
occurs near the peak pressure position since downstream of reattachment the
pressure gradient falls rapidly as the boundary-layer profile approaches
the zero-pressure-gradicent turbulent forn.

Phe quintuply inflected form of pressure distribution occurs
only when transition takes place a long way ahead of the shock. For
weaker shocks there is a steady increase of pressure between transition
and reattachment, presumably because the boundary laycr does not thicken
‘sufficiently betweon transition and the shock for the pressure gradient
to be appreciably affected. The pressure distribution then has the
triply inflected form of Fig. 6(a) and (b). It differs from the pressure
dustribution for a separated whilly laminar layer in that the pressure
gradicat after the lamnar "foot" is usually considerably stecper than at
the begimning of the foot. Also, the "foot" ends where transition occurs
and this moy be upstream of the point where the shock strikes the edge of
the boundary layer.

(b) Upstream Influence

When the Rgynolds nunber is raised with a given shock strength
it is found that the separation point noves closer to the transition point,
ie8e, the laminar "foo." becomes shorter but the transition point remains
fixed relative to the shock. Thus the total upgtreoam distance 4 divided
by the displacement thickness 0o (see Fig. 6) decreases with increasing

d
Reynolds number R, for a given shock strength. Fig. 7 shows g-;
o)
plot*ed against Re at M = 2 for verious values of the peak pressure
ratio. The left-hand end of the curve for the lowest pressure ratio is in
d
the wholly laminar regime where - increases with Ro; the difference
8o
between the upstreom effects for the two rogimes is very clear in this
d
diagram., The increase of === for wholly laminar flow is associated with
5 %
o]
the fact that separation eppears to occur at a lower pressurc when Reo 1s

increased,



d
increased. This presumably tends to make - increase with R, even
8
o}
when transition occurs, but the effect is masked by transition occurring
d

more closely after separation and actually === then decreases with
&

o)

increasing Rp. Similor effects occur in the experiments described in
section 5 where minute quantities of air are injocted into the boundary
layer on an eerofoil in order to fix transition. When the guantity of
air injected is insufficient to provoke transition ahead of the inter-
action, the upstream effect of the shock is nevertheless reduced because
the boundary layer is less stable and turns turbulent more readily after
separation. An increase in the turbulence of the free stream is found
to have a similar effect (see section 5).

d
The upstream effect - is found to voary approximately as
b6
RC,"'/Ea when transition occurs in the region of interaction., Hence the
d R
o}
factor g-;(--z> is a function of shock strength and Mach nurber
10
©

only, aid in Fig. 8 curves of this factor are plotted for

= 1.5, 2, 3 and 4 against peak pressure ratio and peak pressure
coefficient. For a given pressure ratio the upstrear effect is rmch
emaller at the higher Mach nunbers, but thoro is ruch less dafference
for a given pressure coefficient., ‘

2.5 Results for Boundary Layers Turbulent over the Whole Region of
Interaction

At sufficiently high Reymolds number transition occurs ahoad
of the region of interaction and the following effects are observed.

(a) Flow Patterns and Pressure Distributions at the Wall

These are as in Fig. 9. TIf the shock is of only noderate
strength, with a defliction angle of less then about 6 deg., flow
separation does not occur. Thece is then a very steep rise of pressure
(Fig. 9(2)) at the point where the shock strikes the boundary layer, and
conditions are similar to those for regular reflection.

For stronger shocks separation occurs and the pressure
distribution at the wall is similar to that shown in Fig. 9(b). The
presgure rises steeply tp to the separation point after which the pressure
gradient falls, Downstream of the point where the shock strikes the
boundary layer tho pressure gradient increases, but it decreases again
after reattachment which occurs close to the peak pressure position.

The mechanism is physically very similor to that for wholly laminar layers
discussed in section 2.3(a) but there is a very large difference in the
scale of the pressure changes which occur. This is associated with the
fact that the pressure rise needed to separate a turbulent boundary layer
is approximately five times as large as that needed to separate a laminar
layer,

(b) Upstrean Influence

Over the range covered there appears te be no systematic

4
variation of the upstrean effect -~ With Roynolds nuriber Ry (sce
&

o}
d

Fig. 9). Accordingly in Fig. 10 T is plotted as a function of shock

O
strength/
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strength and Mach number against peakepressure coefficient. As with
boundary layers laminar at separation, the upstream effect for a given
pressure ratio is much smaller at the higher Mach numbers, although for
a given pressure coefficlent there is much lesg vardiation with Mach
number.

(¢) The Interaction with Boundary Layers :ede Turbulent
Artificially

It would be expected that the details of the interaction will
be substantinlly the same for "naturally" turbulent boundary layers and
for turbulent boundary layers formed "artificially" by using some type
of spoiler to provoke transition, provided that the boundary loyer
thickness is roughly the same in the two caseg and that observations are
not made too close to the spoiler. Indeed (as argued by Ldiepmonn)7 it
nay sometimes be preferable to use an artificial layer as the transition
front 1s then uniform across the body instead of occurring arregulurly
as it ,sometimes does when transition is frec. The similarity betweon
the flow patterns and pressure distributions for natiral and artificial
turbulent layers is illustrated in Fig. 11; the small differences which
exist arise mainly from diffeorences of boundery-layer thickness. Also
shown in Fig. 11 are the flow pattern and pressure distribution which
are otserved at the lower Reynolds number if transition is not fixed,
and it is clear that a large scale effect would arise if tests made at
the low Reynolds number without fixing transition were used to predict
the flow at hagh Reynolds numbers or with turbulent-boundary layers.

T™e technique of sirulating high Reynolds nuiber conditions by making
the boundary layor turbulent is thus of great value in nmodel tests and
1s discussed in greater detail in scctions 5 and 6.

2.6 The Prussure at Scparation for Lominar and Turbulent Boundary
layers

The difference in the pressure ot separation with laminar
and turbulent boundary layers is very marked. Thus, for a laminar layer
an approximate thocretical analysi52 gives the pressure pg at
separation as

- / §
’,/ y = 1 1,/2 :L/a
ff 0.636 ton™* (-——-—) i, !
(‘i I 1M2 1 ! ’ |
o ' e . _
2 3 y = | /2
() =
Py = By 0.780y2% 2
o LO2 - 1R 1+ 0,693 (v - 1) 12 )
ol LN N 1)
wherce Py 1is the prosswre upstream of the interaction, I\Ii is the free=

stream Mach number, and Rg is tho Reynolds number bapsd on the freo-

stream conditions and the distance from the leading cdge to the separatiog

point, Accordang to this equation, for Yy 1e4 and Rg 0.25 x 10°,
Pg = Py

—_ p=]

the values of =

at M, 1.5, 2, 3 and ) are respectively

By
0,065, 0.095, 0.175 and 0.272. Experinent confirms ihat these values are
of tho raght order.

For/
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o For turbulent boundary layers, on the other hand, a seni-
enpirical relationd0,* is

y -1 IY-1
1 + ke i M2 ‘
Ps - p; | 2
T - - A i P O D e g PR gl g —1 . __(2)

Pi y -1

which gives the val ues 0.?2, 0.84, 1.51 and 2.08 at M, = 1.5. 2. 3 and
4 respectively. These val Ues are again in fair agreement W t h experinent.

Conparison of the values cal cul ated from equations (1) and (2)
shows that the turbulent layer can withstand a rmch lsrger pressure
increase than the laminar | ayer without separating.

In section 2.5(a? it was stated that a wholly leminor boundery
| ayer would not separate it the incidence shock wag of |ess than about

2 deg. deflection angle. The pressure rise for regular reflection of a

2 deg. shock is roughly twice as |arge as that given by equation {1).
This equation is, however, applicable only where separation occurs
upstrean of the shock. |f the shock strikes the boundary layer at a
position where the pressure rise is |ess than that given by equation (1)
It is possable for separation not to occur even if the ultimate pressure
ri se dovmstream of the shock is considerably greater than that given by
the equation. With wholly laminar layers it is found that the pressure

i ncrease downstream of the shock is roughly the sane as that up to the
shock, so that the ultirete pressure rise for a shock just strong enough
to cause separation i s roughly twice the pressure increase at separation.

Wth turbul ent boundary |ayers the pressure increase downstrean of
a shock just strong enough to nuse separation is much |ess than that up
to the shock. Accordingly, as stated in sectaon 2.5(a), separation for a
turbulent boundary | ayer occurs for incident shocks of greater than about
6 deg. deflection angle since r:gular reflection of a 6 deg. shock gives
a pressure rise approcimately equal to that predicted by equation (2).

Thi.s concl udes the survey of the exporiments performed at the
N.P.L. On the interaction between a boundary layer on a flat plate and an
obl i que shock wave generated in the mainstresm. Further details will be
found in Refs. 11 and 12. A brief account will now be given of the
experiments which are 4ill in progress. Here the shock wave is generated
by a wedge attached to the flat plate and the conditions thus bear certain
similarities to those at the trailing edge of a supersonic aerofoil (see
section 8).

3o/
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3. e Interacticn bhetween the Boundary Iayer on a Flat Plate and a
Shock VWAVE (anerated by a VEAQE on the Plaie

3.1 Description of' the Apparatus

The apparatus is the same as that used in the experinents
described above except that the wedge is placed on the surface of the
plate as sketched in Fi%. 2(c). The wedges are considerably shorter than
those used to produce shocks In the meinstream®. It is, therefore,
possible t0 use larger wedge angles without choking the tunnel. However,
wedge angles nearly twice as |arge are needed to producce tho sane pressure
rise in the boundary layer, and accordingly, the range of peak pressure
rati os covered is no greater than with shocks genorated an the mainstream

The wedges have pressure tappings al ong tho anclined face so
that the pressures on the wedge as well as on the plate can be measured.

3.2 Discussion of the Experinental Resul .s

As with shocks generated in the mainstreamit is found that
throe types of boundary-layer flow can occur = whol |y leminar, laminar at
separation but turbulent at reattachment, and wholly turbulent. The
variation of upstreameffect with Reynolds nunber in these three régimes
follows the same |aws as with external |y generated shocks. In all cases,
however, the ipstream effect is considerably smaller than for an extornal
shock giving the same overal | pressure rise and for the same Mach nunber
and Reynol ds nunber. This i S 1llustrated i N Fag, 12 vhich Shows the
interaction 0f a strong shock wave with a turbulent boundary |ayer at

= L. The upstream effect is much less with the wedge on tho plate
althou?h the pressure rise in the region Of intoraction IS actually
slightly greater than for the external shock. Figs. 13, 14 and 15 also
show this difference of upstreameffect. Here the dotted curves give
the distance fromthe point where the pressuro begins to riso to the
poi nt where the externally-genorated shock strikes tho boundary |ayer.
Al though the dif'ference 1s undoubtedly associated with the different ways
in which the dead-air region devel ops and an Which reattachnment takes
place, the details are not yet undorstood but it is hoped that further
work now in progress wll reveal the explanation.

Separation is found to occur at the seame pressures with the
wedge on the plate as with a shock generated in the mainstream. This is
because the pressure distribution in the region of the separation point
nust be in equilabrium With the |ocal rate of thickening of the boundary
layer. Hence provided that the positaon of the agency which provokes
separation is so adjusted that the separation point remains fixed, the
pressure distribution in the neighbourhood of separation Wl be
I ndependent of the nature of the agency.

4. An Experiment to Deternmine the Upstream Influenco in tho Absence of
Separation

Since the upstreaminfluence which tekos place in tho absence
of separation iS small (of the order of ten boundary |ayer thicknesses
for laminar, and one boundary layor thickness fOr turbulent | ayers) it
ag difficult to nmeasure accurately in experiments of +tho type described
above.  Moreover, in the case of a lominar layer, it is difficult in
practice to produce a shock wave which 1s SC weak that scparation does
not occur. 0 provide data for comparision W th thoory an experimemtl
has, therefore, been made rccently at the N.F.L. On a comparativoly
sinpl e model Of a boundary |ayer produced by tho apparatus sketched in
Fig. 16. Here a subsonic stream noving parallel t0 tho suporsonic
mai nstream (Mg = 1.6) is forned by a sccondary nozzle located \:vzﬂ |t}10

#ney nevertheless avoid interiorence effects Irom The oxpansion at The
re%;- of the vved%e equal | y well becausc tho convergence of the expansion
hock cannoti nfluence the flow in the region of anteracticn as it
can fOr the externally gencrated showi,
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wall of a supersonic tunnel. The Mach nuribor Of the socondarystreamis
adjusted by controlling its total head by means of a valve at tho entry
to the secondary-streamsettling chambeor.

The flow examined was that up a wedge attached to tho wall
under the secondary stream and the upstrean effects of the wedgo were
determ ned by schlieren photography and pressure rwasurements at the
wall., The Mach mumber profiles an t he secondary stream were det er m ned
from explorations made with Pitot and Static tubes; the conditions wore,
of course, not uniform across the stream because of the formation of a
boundary | ayer near the wall and a mixing regi on near the outer edge.
Some of the experimental results are shown in Fig. 17 where the distance
upstream of the lezding edge of the wedge at which tho pressure rise
at the wall has fallen to 0.1 of the total pressure rige is plotted
agai nst the mean Mach muber of the secondary gtream,

The theory gested25 by Lighthill enables the upstream effcct
to be caleulated for S|t'lﬁe neasured Mach nurbor profile in tho seccondary
stream and the results thus obtained arg included in Fig. 17 for
conpari son with the upstream ef f ect observed cxperimentally. Tho
agreement 1S seen to be quite good, and gsince tho upstrean effect Which
occurs an the absence of separation does not nsed t0 b0 knowm accurately
this suggests that the theory is satisfactory for mst practical purposes.

Part |l. The Effects of tho Interaction
on Aerofolln and Wings

These effects are found to be very irportant and to have
consi derabl e influence on the aerodynemic forces and moments for
aerofoils, wangs and control surfaces. This 1s particularly so at
transonic speeds when the flow is supersonic over part of the chord
only and the shock-waves move al ong the surface to the trailing edge
as the free~stream MaCh mumber iS raised and the supersonic flow extends
to the trailing edge. The transonic régime i S oxtracordinarily corplex
theoretically, because, in addition to tho difficulties assocwed srith
the mixed subsonic and supersonic flow, the strong inter-relation between
the main flow and t he boundary-layer fl ow precl udes a troatront similar
to those which hawve proved successful for flowwth boundary layers at low
speed& and smpersonic speedsfé. The experinental results descrabed in
the succeeding paragraphs illustrate how closely the behaviour of the
mxxed flow and the effects of the shook-wave boundary-1ayer interaction
are I nterwoven, and how the work on the idealized flow-nodels discussed
above (Part |) is helping towards a better understonding of both.  They
further denonstrate how the results of carefully controlled w nd-tunnel
tests can be used to explain a myiber Of acrodynamic phenomena encountered
an transonic flight and connected with the occurrcnce of shock-induced
separation of the turbulent boundary-Iayers.

5. Scale FEffects

_ ~ As one might expect, the influence of Reynolds number on the
interaction leads iN certain circunstances to considerable scale effects

on aerofoils. An understanding of such effects i s important for the
nrnnar cnntrnl nf wi nd-tiinnel avmerdrente axd reliahl a i nternretatinn
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These separaticns are the cause of the |arge 'upstrean~influencet® of the
shock-waves, end al so of the changes an shock pattern illustrated by the
examples given in Figs. 18 and 19, The extensive 'foott on the norral
shook i n Fig. 18(a) shows t ho extent of laminar scparation in that case,
the forenost inclined corpression occurring irmediately upstrean of the
poi nt of separation. The mechaniss which produces the upstroam=-inclined
wave n Fig. 19{a) i s thought to be associated with the fanito height of
the supersonic region"; the gradual compression accorpanying the soparation
produces a convergence of tho 'incoming' fanily of charactoristies

(i.e., thogy inclined upstreamw th respect to the surface and along
vhich infinitesumally mal | compressive di sturbances are occurring) and
therefore a finite disturbance at a point above the surfacc, which In
turn | eads to the *incaming! shock.

The pressure changes on the surface under the two shock patterns
illustrated for lominar |ayers are the sane, and Very gsixilar to those
observed for an inclined wave impanging On a flat plate (sce 82.3). This
type of ﬁressure distribution seem in fact to occur almost universallr
when a shock-wave interacts with a laminar boundary-layer at |ow Reynol ds
nunbers.  The shape of the curve has the appearance of the %lapminar foot*
described in 82,3 if plotted with increasing pressure upwards, or of a
Ytruncated peak' af plotted with decreasing pressure upwards, as is usual
for aerofoils. The weak corpression always occurs at, or just upstream
of tho separatizon point. For the shock showm in Fig. 18(a) the main
conpressi on occurs through the main, or normal, branch of the foot; for
that in Fag. 19(a) t he main corpression occurs throuszh the shorter normal
shock downstream of the other waves, the upstrean-inclined wave and:its
reflected expansion togother having a corparatively smoll effect on the
pressure at the surfacc,

The effect of larnar separation on an aerofoil decreasgs
Wi th increasing Reynolds rnumber i N much the sae way as was observed for
the flat plate. This is shown in Fag, 20(a) by the pressure distributions
for a typacal case38, the truncation of the peak becornng | 0ss noticeabl e
as the Reynol ds nurber i S increased. fThe effect of the lapinar separation
had apparently becone negligible at R= 3.5 x 166%** g t hough t ho
boundary |ayer remained lominar upstrean of the shock.

An effect simlar to that of increasing Rgynolds number has been
obtained by injocting minute quantities of air into the boundary layer and
is illustrated an Fig. 21. fThe aerofoil Was syrmeotrical and vas fitted
with a row of small holes across the span at 0.15 chord back from tho
leading ed?e. The purpose of these holes was to promote transition to
turbulent tlow by the method introduced by Fage and Sargent?”. As found
by them it was necessary to anject about 0.01 to 0.02 of the mass
flow in the boundary |ayer to cause transition, but if smaller quantities
were mnjected a progressive change took place in the interactiun between
t he shockewave and di st ur bed laminar boundary-layer. The phot ogr aph
in Fig. 21 (a) for no injection (top left-hand corner) shows nod shocks
on both surfaces, each with laminar separation and gradual comprossion

soro/
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*1t should be noted that this type of shock pattern changes to the one
illustrated in Fig. 18{a)as the free-strew Mach nuriber, and there-
fore the height of the supersonic region, is increased.

*#The exact shape of the curve camnot of course bc found on an aerofoil
whorge tho numbor of pressure holes is usually severcly linited.
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sone distance upstream of its foot. The Ot her phot ographs show the
progressive change in the |ower surface shock as the injection guantity
was increased On this surface. The point of -eparation noved nearer to
the main shock, just as it does Wth ancreasing Reynolds nunber; for the
hi ghest injectica there wag practically no upstreameffect, the boundary
| ayer being turbulent at the shock for this case. No air was injected
on the upper surface for any of the photographs. The change in the
pressure distribution for the |ower surface is shown in Fig. 21(b).

It is suggested in 82.3 that the injection of increasing
quantities Of air has this samilarity to ancreasing Reynol ds nunber
because the disturbance to the lamnar layer becomes sufficient to
affect the stabali%y of the separated, or vortex layer, and hence the
extent of the separation, before it is sufficient to cause transition
upstream of separation*.  This suggestion | S supported by the comparison
in Fig. 22(a) of four pressure distributions obtained on an aercfcil for
i dentical conditions except for changes in free-stream turbulence®**. For
the | owest turbulence the 'truncated peak', typical of separated |ani nar
boundary |ayers, is very marked, but its extent and presumably that of
the laminar separation decreases for increasing tumel turbul ence. A
di rect - shadow phot ograph indicated that the boundary | ayer was still
laminar back to the shock for the case with highest turbul ence (the
pressure gradient in the local supersonic flow upstream of the shock is
of course strongly fa-able).

The pressure distributions in Figs. 20(b) and (0) suggest that
the changes in flow with anereaso in Reynol ds nunber when the bounda.-y
layer is turbulent- atthe interaction, and al SO the differences Wwith
laminar and turbylent boundary-layers when the Reynolds number i S as
high as 3.5 x 10°, are =small ::é conparison with the effect of increasing
Reynol ds nunber up to 3.5 x 10° when tho boundary laycr iS laminer

see Fig. 20(a)). Thisis in agreement With results on the flat plate

see above), and it hus al so been confirmed in flight4C on a special
smoot h aerofoil built round the wing of an aircraft that there is little
difference between the shape of the pressurc distribution curves :E‘og
laminar and turbulent layers at high Reynolds munber (17to 20 x 10 ©, based
on the chord of the special aerofoil);**#* a typical conparison is shown

in/

*A similar change, but an the reverse direction, has been observed' 5
as carborundum, Stuck to the surface to cause transition, was
gradually bl own of f by the airstreem.

"These observations were made in the N.P.L. 20 in. x 8 in. Hgh Speed
Wnd Tunnel, for which tha turbul ence is now normelly low, during an
ear|y investaigataon of inconsistencies which mere traced to dirtiness
of gauzes and poorly designed. straaghtener vanes. The inference that
the rel evant change was in the free-streamturbul ence was drawn from
| ow- speed dxag measurenents at another incidence. These axe shown
an Fig. 22(b).

Transition wag fixed by a ware ahead of the leading edge.

%HHhTy 3 ¢ oxperdment 1S noteworthy for other reasons, namely, that with
transition free the boundary |ayer remained laminer right back to
the shock, that extrenely gmall regions Of laminar scparation were
then detected just upstreamof the shock but had no effect on the
pressure distribution, and finelly, that the profilo just upstrean
of the shock in a boundary |ayer made turbul ent artificially was
a typical "turbulent" profile (sco Fig. 20(d)).
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in Fag. 20(d). Tt should be noted, however, in Fig. 20(c) and (4) that
the pressure recovery downstrean Of tho shock i1z more ccnplstc when the
boundary |ayer is laminar up to the shock and in particular a higher
pressure is reached at the trailing edge. Results at high Mach rumbors
for the case represented an Fig. 20(c) s%qgest t hat the difforence tends
t0 increase with increasing Mach nwiber3S,

The nost obvi ous danger of nakin% tests at low Reynolds nunbers,
if the results are to be applicable at high Reynol dS mumbors, i S tho
probabl e occurrence of extensive laminar separation upstrear of the shocks.
This coul d be avoiged either by making the tests at Roynclds nurbers

above about 4 x 10° or by fixing transition forward of the shocks. Wo
feel, however, that even at high Roynclds nunbers it is inportant also to
distanguish between rgsults obtained with laminar and those obtained with
turbul ent boundary-layers at the interaction because the differences,

al though | ess obvaous, are still very real for aercfcils and wings.
Separation at tho shock will ocour at different free-stream Mach numbers
for the two cascs, for example, and wall have different effects on the
pressure rccovery downstream (see Fy. 20(c) and (a))*. That these
factors can be highly signaficant wWill be realized fromthe discussion

in 87.

Sance extensive areas of laminsr boundary-|ayer flow are not
yet attained in fli?ht, the more inportant practical case is that with
turbulent boundary [layers, and wind=tunnel tests should therefore if
possi bl e be made with the boundary |ayers turbulent at the shock waves™:.
There should then be little effect of Reynolds mumber on the actua
interaction or {low pattern; in particular, the occurrence of separation
should not be affected (see 2.6). The pressure distributions in
Fig. 20(b) suggost also that in some circunstances the pressure
recovery downstream of the shock may not be greatly affacted, but it is
emphasized that there is little anfoimation on this inportant point
whi ch w11l be referred to again in 57.

As suggested by Youngh!, the interest in rosults obtained with
laminar boundary-layers may wel |l increase when aircraft fly at high
Sﬁeeds at great altitudes, because the Reynol ds nunmbers will be low and.
there wall be a stabilizing effect on the laminar |ayers due to radiation
fromthe wing and consequent heat transfer fram the boundary-layer to the
wing. Results with laminar boundary layers may be applicable to conpressor
bl ades and propellers. For any application 1t will alvays be necessary,
however, to %ake the Reynol ds nunber into account if it is less than
about 4 x 10° and al so stream turbul ence and condition of the surface.

6./

*In an experiment described an Ref. 57, Gothert found that deliborate
rougheni ng of the surface on an aerofoil |ed to faxrly |arge changes
in the chordwise positions of the shock-waves. These changes were
caused by a reducticn in the pressure recovery downstream of the

shook _and hence in the pressure at the trailing edge position
{con B It ie nnt lknnuwn whet har t ha affart nf tha rniinhnace wac
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6. Methods of Faxang Boundary=-layer Transition

One difficulty when tho rodels are gnll 18 t0 introduco a
disturbance sufficient to cauge transition without interfering too
seriously with the main flow. It is also important that the profile
and thickness of the turbul ent boundary-|ayer created artificially
should differ as little as possible from those of the turbulent |ayer
whi ch would occur more naturally at higher Reynol ds numbers.

M ss Garble3B observed some unsatisfactory effects with threads on tho
surface whizh coul d have been due to differences of this kind, but on

the other hand there is considerabl e gvadence to show that similaxr results
can be obtained for 'nmatural! and "artificial' layers, (see for

exarple, 82.5).

The methed of injecting small quantaties of air into the
boundary |ayer39 has many advanteges for small aerofoils. This is now
in use at the N,P.L. and 1 proving satisfactory provided care is taken
not to inject rmech air in excess of the minimum required to fix
transition. Its dasadvantages are that it corplicates the construction
of the nodel and that it is difficult to use it to fix transition near
enough to the nose for tests at high incidences.

Qther nethods anclude the stretching of a fine wire ahead of
and parallel t o the leading edge, a technique whach avoids any
di sturbance on the surface but is daffacult to use for three-dimensional
nodels; an area of deliberate roughness such as a |ayer of carborundun
powder stuck to the surface, which however, tends t¢ get blown off after
a time; and strips, wires or threads protruding from the surface, which,
on =small models at |east, tend to antroduce |arger disturbances than
some Of the other methods.

There is need for further anvestigation of these techniques,
i n particular to discover whether the pressure recovery downstream of
a shock-induced separation differs for layers in whach the turbul ence
was created differently or at different chordw se positionse

7. Shock-induced Turbul ent Boundary Layer Separation

7.1 Effects on the Steady Fl ow round Two-dimensional Aerofoils

Shock waves above a certaan strength cause separation of
turbulent laayers on aerofoils just as they do for flat plates
(see above §§_6)_ Recent work at the N.P.L. on aerofoils with the
boundary | ayers made turbul ent upstream of the shock waves, including
systematic pressure plotting and flow photography on three sections**,
has led to a clearer understanding of the consequences of such
separation

The most irportant effects of the steady flow arc those on
circulation"" and relative shook positions; the effects on shock-wavo
gtructure and on surface pressures in tho irmediate vicinity of the shock
are | ess spectacular than for laminar geparation. y

In
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In the description of the effects on shock position it zg
convenient to consader the novenent of a normal shock along a convergent-
di ver gent nozzle for one-dimensional, inviscad fl ow, %Fy. 23(a)). In
spite of the obvious over-simplifacation, the anal ogy between this and
the flow in the streamtube adjacent to the aerofoil g usefu
qualitatively. Once the speed of sound has been reached at the narrowest
cross section of the nozzle, a further reduction in fexit pressure! |eads
toa region of supersonic flow downstream of the tthroat!, which is
terminiated by a shock. The pressure distribution up to the throat is
unchanged. The location of the shook is such that the pressure rise
through it and tho subsonic recovery downstreamload to tho required
exit prossure, considerod here to be the independent variable. The shock
moves through the nozzle as the exit pressure is still further reduced,
tho only c¢hange upstream being the expansion of the supersonic flow
permitted by this movament.

The features of the flow about an acrofo1l Which resemble those
in the hypothotacal nozzle devel op as the free-stream Mach number is
increased for a faxed angle of incidence, and the ensuing discussion
relates to such a case. The point at which SONi C velocaty IS reached
locally noves forward along the surface at farst but soon tends to a
limting position near tho |eading edge with only small subsequent
novenent s. The supersonic flow upstreamof the termnating shock then
correspondingly, changes only very little. It is found also that this
shock noves along the surface as the pressure at tho trailing edge is
reduced*.

The position of the shook in a nozzle (Fag. 2§ﬁa)) for inviscid
flow W th constant upstream pressure 1g determaned uniquely by the exat
pressure, and the rate of shock novenent is therefore fixed for a given
variation in exit prossure. |f, however, viscous effects are present which
influence the rate of pressure recovery downgtream of the shock there will
be a different rate of shock novement for the same variation in exit
pressure. The reduction in the rate of pressure recovery gue to a
boundary-|ayer separation could be such an effect, and if. for exanple,
separation occurred once the shock had reached a certain point (hence

a certain strength), tho rate of movement of tho shock would thorcaftor

be reduced in conparison to that whach woul d have occurred for tho same
variation of exit prossuro an the absence of separation (see Figs. 23(a)
and (b)) .

For an aerofoil one can consider the pressure at thec edge of the
boundary layer (or wuoke) at the trailing-edge POSition as béing equival ent
to the exit pressure in the nozzle, éﬁgsit I's horo that a further important
condi tion nust be considercd. This is that the prossuro at the edge of the
wakc at tho trailing-edge position iom one surface NUSt be related to that
at thc corresponding position on the other surfaco, For the present
qualitative dascussion they can be considered to be equal**, This
condition controls the inter-relation betwoen tho two surfaces and explains

why/

*Tt is belioved that further justification for the use of this anal ogy will
follow froman analysis at present being made of results obtained with
spoilers on an aerofoil. Spoilers of various heights were placed at
various posations al ong one surface of an aerofoil and a prelimnary
exam nation suggests that, for a given incidence, tho position of tho
shock on the other surface depended only on the pressure at the trailing-
edge (with a small amount of experimental scatter).

®rmig IS accurate if' there is no change of static pressure across either
half of the wake, or if the changes across the two halves are equale. In
practice the changes are probably relatively small and any differences
even smaller o
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why a change locally on one surface affects tho flow about the whole
aerofoil or, in nore mathematical terms, affects the circulation on a
circuit enclosing tho aerofoil and shocks (see footnotc On page 18).

|f, in the absenco of shock waves, a change occurs on ome surface
tending to disturb the equality of pressures at the trailing odge, the
equal ity is maintained by a change inN cairculation; for oxample, if tho
di sturbance tended to decrease the pressure at the trailing odge on the
upper surface the change in circulation would bo in the direction to gave
decreased velocities (i.o0., increased pressures) over tho upper surfaco
and increasel velocities over the [ower surface, i.e., a docroaso in
circul ation. If the equality 1s disturbed when shock vwaves are present
it is maintained chiefly by movements of the shocks, in the same way as
effects on exit pressure would be conpensated for in a nozzle, end the
supersoni ¢ flow upstream of the shocks s only slightly affected*.

The pressure at the trailing-edge position clearly plays a
vital part in determining thc flow about the whole aerofoil and, before
finally discussing tho ovorall effect of turbulent separation, it is
rel evant to consider howthis pressure depends on free~stream Mach
number in the absence of separation and howit is affected by separation
I't is found that thecoefficient Cpyp g** is almost constant, possibly
ancreasing Slightly, for increasing iach nunber up to a certain value,
after Which it begins to decrease more or less abruptly. fMnsis
illustrated in Fig. 24 where the scale of Gy decreases upwards, i.e.,
increasing velocity upwards. It is fairly Wl | establi she (see Dbel ow,
§7.3)that the abrupt decrease Starts at about the same Mach nunber as
shock induced separation occurs on ene Ssurface or tho othor and IS duo
to a change in pressure recovery between the of fending ghock and the
trailing edge, this being less conplete in the presence of separation
It seenms reasonable to surmise that in the absence of separaiion the
Jragual and snooth variation in Cpp . Would continue until the shook
on one surface reached the trailing “edge’

The/

sk
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*I't shoul d perhaps be noted here, although it will. be roferred to again
later, that once the pressure at the trailing edge position on ono
surface or the other (and hence on both surfaces) has fallen to the
sonic value, then the equality of pressure can be maintained by an
abrupt expansion or shock at the trailing-edge itself (provided the
wake is not too thick).  Changes on one surface then no |onger affect
the flowon the Ot hor even if 1t |'S subsonic upstreamof the trailing
edge. The trailing-edgebehavos, infact, in the some way as it does for
supersoni ¢ free-stream Mach nunbers and is often referred to somewhat
loosely, perhaps, as a "supersonicC trailing-edge" .

**CPT.E. = --u:---;l-—, where pp g, IS the pressure at the trailing
2Po% . :

edge and suffix O refers to conditions in the free strean. ppw, IS

usual Iy measured at a point in the trailing-edge of the actual aerofoil and

may not therefore, reprosent the pressure at the edge of the boundary

| ayer precisely.
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Tho fact that the ocecurrence of turbul ent separation disturbs
the smooth variation of pressure at tho trailing-edge position, vhen
considered in conjunction wath the two features previously dascussed,
nanely, (i) the close connection bet&on shock moverient and pressuro at
t he traaling-cdge position and. (ii) the intor-relation between tho two
surfaces controlled by the condition for equal pressures at tho two sides
of the wake at the trailing-edgc position, is believcd to be tho key
to the offects of the separation on the stoady flow about an aerofoil*,

Consi der an aerofoil at lift; separation will then usually
occur first on the upper surface because the |ocal Mach mubor is higher
thoro. As the Mach number i s increased, the development of the scparation
reduces the recovery of pressure downstrcam of the shock on that surface,
thereby tending to give a lower pressure at the trailing edge than would
otherwise have existed. The condition of equality at the trailing edge
I S waintained by (i) a slowing up of tho movement of the shock on tho
upper surface, much as was described above for separation occurring in
an i solated nozzle with a fixed rate of decrease In exit pressure
(see Figs. 23(a) and (b)), acconpanied by (ii) an acceleration an the
development of the flow on the lower surface, much as would occur in a
nozzle for a sinple acceleration in the rate of decrease in exit pressure
(this woul d affect the rate of decrease in pressure over the whol e
surface, or whole nozzle, when there were no shocks on the surface, and
later, the rate of movement of the shock itself).

These effects are evident (together with other well-known
conpressibility effects) in the pressure distributions illustrated in
Fig. 25 for the 6% thick RAE.104** aerofoil at 2°incidence and in the
corresponding di rect-shadow photographs in Fig. 26. The main shock on
the upper surface starts, at a free-stream Mach nunmber, Mo, of betwcen
3.75 and 0.8, to nove rearwards along the surface fromthe point very
near the nose at whach it was first formed***, fhe supersonic flow
extends wath this novenent but al so undergoes a change near the leading
edge; the small peak wath fairly high local Mach nunbers and the oblique
wavos gradually diseppear. This iS associated with a change in the
amount of supersonic expansion around tho nose, which is very sensitive

to/

*The effects of separation at |ow speeds (i.e., not shock-induced
separation) can be considered qualitatively in an essentially similar
manner, except of course that thoro is no paralicl to the relation
bet ween shock posation and trailing-edge pressure, and that the
changes occur with increasing incidence instead of with increasing
Mach nunber. It is of historical interest that the terms "shock—
stall" and "conpressibility burble" were introduced, and for a time
used, to describe the onset of adverse compressibility effects,
presunabl y because the drop in laft was one of the nost typical and
severe features and, for tho fairly thick sections then current, Ws
encountered at an early stage.

""This section was chosen for the illustration because, although tho
effocts of separation are less drastic than onthe thicker ones and
occur |later, the shook noves some way al ong the surface before
separation occurs and the effects are thereforo shown in better
contrast.

*kme speed of sound was first exceeded locally at 3y = 0.59.
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to sma’ll novenents of the sonic poanth3, and possibly also with a very
small lamanar-separation bubbl e*, but does not, we believe, greatly
effect the present argunent. For 1, of Q.,£2 and above, the pressure
at any point on the surface between 0.2 chord and the nain shook varies
little and the qualatatave analogy with the nozzle can be erployed from
about 0.2 chord onwards.

Wth M, increasing from 0.80, the main shock is at first a
single abrupt comprossion normal to the surface. It noves along the
surface at & faarly regular rate and at My = 0.86 has reached a
position at about 0.65 chord, with a |ocal Mach number of 1.27 just
upstroame. |t has a small bifurcated foot which is the farst sign that
the turbul ent boundary-layer 1s separating, at |east locally in the
irmediate vicinity of the foot. Thereafter the separation develops
rapi dly as indicated by the extending bifurcation and the changes in
pressure recovery between the shock and the trailing edge; the
characteristic fall an trailing-edge starts irmediately after
Mo = 0.86, (¥Fig. 27). The consequeni deceleration in the riovenent of
t he upper surface shock 1s obvious between My, = 0.88 and. 0.92. The
anticipated effects on the |ower surface are also evident, naopmely the
acceleration in the devel opment of the flow over the whol e surface at
first, leading to local supersonic velocaties and a shock which noves
rapadly downstreams. The change on the |ower surface while the flow there
is still subsonic is shown, Fag. 27,by the variation in the pressure
coefficient for a representatave point, x/c = 0.48, which follows
closely the Karmén=Tsxen | aw for anviscid flow up to My = 0.86 but
then drops more rapidly. The marked relative novenent of the shockson
the two surfaces i S shown by Fig. 28, an which their chordwise positions
are plotted against M,.

Between ¥, = 0.93 and 0.94 the upper surface shock again
noves very rapidly. It wll be noticed that at My = 0.94 the Ilower-
surface shock ig at the trailing edge and sonic velocity is exceeded there,
so that, as explained an the footnote on page 20, the condition for equa
pressures on the two sides of the wake at the trailing-edge position then
no longer controls the inter-relation between the twosurfaces. The
reason for the occurrence of the rapid novenent of the upper surface shock
just before this condation is reached is not fully understood, but it
m ght be associated with the fact that once the shock has reached 0.78 chord
the | ocal Mach nunber upstream no |onger increases with further novenent
but decreases sglightly.

Separation does not occur on the lower surface for any Mach
nunber in the exanple chosan, but does of course in sone cases. This
would lead to a re- accel eration of the movement of the upper surface shock
and a yelative deceleration of the |ower surface one.

7.2/
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¥These phenonena occuroften for |eading-edges of amall radii and are the
subj ect of a special study because they are thought to play an importont
role for thin aerofoils, especially at higher incidences.

®tme position of the shock is taken to be the forward-nost point of tha
ttoet at the surface; the main re-conpression occurs at or just down-
streamof this point.
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7.2 Effects on the Force and Moment Coefficients for Two-dimensionsl
Aerofoils and Aerofoils wth Controls

The effects described in the preceding section, particularly
the relative novenents of the shocks ad the associated development Of
the regions of |ow pressure supersonic flow, have serious repercussions
on the forces and monents. The variation of |ift coefficient and $-chord
pi t chng- monent coefficients for the case described (6% RAE.10L at 2°
i nci dence) are ghown repectively in Figs. 29 and 30.

Q Fig. 29(a), rises smocthly right up to My = 0.86, the
Mach nunber at which separataion was first observed, and then falls, fairly
slowy at first, but more repidly between 0.90 and 0.93. The fall is
associated with the slowing up of the novement of the shock on the upper
surface and the nore rapid devel opment of the flow on the | ower surface.
When the upper surface shock moves nore rapidly again, between M = 0.93
and. 0.94, Cj, recovers frem a trough and then, with both shocks at the
trailing edge, shows the beginning of a gradusi fall. This fall would be
expected to continue smoothly raght through M; = 1.0 and beyond because
there can be no further sheck novement or change in shape of tho pressure
dastributionid,

Cm, Fi 9. 30{(a), shows lattle variation until Mo = 0.82 at
which it starts to fall, i.e., nose-dorm tendency. This change is not
due to separacion but to the "natural" rmovement of the upper surface shock
aft of the f-chord point. The effect of separation is not noticeable untal
just after M, = 0.88 when there is a violent nose-up change. This
again 1s undoubtedly due to the relative shock novements. The curve suffers
anot her abrupt change, back to a nose-down tendency, at the same Mach
nunber, 0.93, as the [ift recovery occurs and is due to the re-accoleration
of the uppor-surface shock.  After this, the beginning of the gradual
supersonic variation is shown.

The integral of tho pressure coefficient o fromthe

zPod0
| eadi ng edge t 0 the trailing edge has becn found for each surfaco
separately, Fag, 29(b), to denonstrate how the changes on the separate
surfaces are contrabuting to the changes in Cp, (CL is the difference
bet ween corresponding ordinates). Both show a definite change in trend,
contributing to the drop in Q, at the Mach muber at whi ch separation
was first observed. The trough in the curve for the upper surface
between Mg = 0,90 and 0.925 is most marked.

1 /Po =P\ /1 X x
The integral [ (----—-;)(- - -)d(-) has similerly been

o P q§ L ¢ c
found for each surface, F1g, jo(zb , to0andicate t he separ at econtrabutions
to Cp. Again, both show a change in trend after separation occurs, although
the change on the upper surface is delayed, presumably because tho reduced
pressures between the shock and the trailing edge compensatc to sone extent
for the slowang up of the shock. Tho changes on both surfaces contribute
to the nose-up tendency between My, = 0.88 and 0.93.
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continmwed, the curves woul d necessarily have suffered further abrupt
changes and woul d have in fact been sumilar to those for the other
sectaons through the whole Each nunmber range. The effects occur earlier
for the thicker sect:ons and are nore violent*. The influence Of

section shape is discussed further in f17.5, and 1t is sufficient at

this point to ncte how the abrupt changes can be correlated with the
occurrence of separation on the uEper surface and its effect on shock
mvement. The positions of the shocks for the two 10% sections are
gaven in Fag. 32 (those for the 6% RAE.10L section are Elotted 1 Fig. 28).
Te characteristic slowing up of the upper surface shook occurs in every
case immediately after separation i s first observed and CL begins to
fall also. The abrupt nose-up tendency is delayed a little and in fact
bears the same relation f£ar all three cases to the first occurrence of
the lower surface shock. A further point of interest in the curves for
the RAE.102 section is that the rc-acceleration of the upper-surface
shook and the associated recovery of [ift and change back to nose-down
tendency on Cmall occur i medi ateI% after ¥, = 0.88, the Mach
number at which separation was farst observed on the |ower surfacee

The effects of turbulent separation on CL and Gy have so
far been described an relation to their varistaion with Mach nunber at
constant incidence. They Clearly nmust also be felt on the variation of
these quantities with incidence at constant Mach number; of Om with
Cr, at constant Mach nunber; and of Cm wth Mach nunber at constant Cr.
This i S 1llustrated for the 6% thick RAE.104 section in Fig. 33(a),
C. vg a for constant M Fig. 33(b), Cmvs CL for constant 1}
and Fig. 33(c), Oy vs Mat constant CL. The efiect of increasing

CCL
Mach nunmber in the absence of separation is to increase -5-, Fig. 33(a),
[+
and to increase the nose-down tendency of the Cm wg CL curves,
fig. 33(b). The OpPPOSite offect an tae presence of separation can be
seen to spread over thd incidence or Q. range as the iach nunber is
raised to 0.92, for which val ue separation i S present even at ¢°
inci dence (zero laft),

As far as i s known Nno very large or very direct effects of

shock=1nduced turbul ent separation on drag-coeffaicient have been observed.

starts to rise rapidly due to the shock drag before separation occurs
and continues to do so at about the sane rate after separation, Thisi s
because any increased boundary-|ayer |osses are conpensated for by
reduced shock lossgs, due to the slow ng-up of its movement and possibly
to its pafurcation< Interms of pressure, or form drag, the shock [osses
can be considered to arise from the reduction of pressure at points
downstream of that at which the surface is tangential to the free-stream
direction as the supersonic flow devel ops rearwards, and the boundary-
| ayer |osses to axrise fromthe reduction of pressure behind the shook
due to incorplete pressure recovery. The variation of the formdrag
coefficient for the 6% RAE.10L,2° incidence (see Figs. 25 ang 26) IS
showm an Fig. 34. For this case, there is in fact a reduction in the
rate of rise of drag when separation first occurs, and an increase again
between M, = 0.92 and 0.94, When the upper surfacs shock
re-accel erates. (The formdrag coefficient reaches "a maximm when both
shocks reach the trailina edae and thereafter settles dovm to the
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The cl 0se connection between shock-induced separation and the
al nost conplete loss of |ift due to a flap-tyne control at a fixed
setting was established for an exanple described in Ref. 42 (separation
al so caused a reversal in the sign of the hinge nonent). A reversa
in the effect of the flap has since been found at a higher aerofoi
incidence when the separation was more Severe. The mechani sm produci ng
the drop an lift, or effectiveness, is the same as on the plain aerofoi
and the troughs in the curves have the same appearance. For the deflected
flap, however, the adverse effect of separation on the relative shock
mvenents is amplified when the flow at the hinge . becomes supersonic; on
the surface with the concave corner (lower surface) the compression at
the hinge accel erates the movenent of the terminating shock for a given
rate of decrease in trailing-edge pressure, whereas on the surface wth
tPe ﬁonVﬁx forner the expansion at the hinge decelcrates tho novenent
of the shock.

The additional effect due to the supersonic flow at a hinge
does not, of course) occur for spoiler-typo controls and they therefore
have certain advantages in the trensonic régime. It has been found
recontly, however, that extensive shock-induced separation upstream of
a spoiler can seraously reduce its effectiveness for small heights,
because it is then operating in a dead-air region.

7.3 Conditions for the Cccurrence of Separation and Possibilities
of Tts Prediction

The work on flat plates has shown that, for any given upstream
Mach nunber, a shock wave causes separation if the strength of, or the
pressure-ratio across theshock exceeds a certain value; for turbul ent
layers this val ue iepends only on the Mach nunber, as expressed above in
equation 2 (see E12.6). On aerofoils. where, until separation occurs,
the shock is normal o~ nearly so, the pressure ratio and the |ocal Mach
nunber immediately upstroam of the shock are related by conditions for
flow through a normal shock; theoretically this as a unique relationship
Thus, if the work on flat plates is applicable, it should be possible to
define the conditions for turbulent separation on an aerofoil by either
the pressure ratio across the shock or the local kach nunber just
upstream  The upstream Mach number is nore convenient an practice
because the magnitude of +the pressure rise across the shock is not always
easily determned with tho limted nunber of pressure readings available
for smal| acrofoils, Further, tho Mach nunber is likely to I'end itself
more readily to the prediction of separation.

A certain kink in the surface-pressure curve for the flat
plates was used as an 'indicatort to determne the presence 0Of Separation”.
This fails for aerofoils partly because the dovmstream variation in
pressure is very different and partly again because of the poor definition
of the pressure curves with the few points available. In the follow ng
analisis and discussion the presence of bifurcation at tho foot of the
shock has been used instead. The reliability of this criterion has been
checked for flat plates by surface tube readings in the work of Fage and
Sargentz and in nore recent work at the N.P.L., and for aerofoils by the
presence of reversed flowin oil on the surface in work at
Vickers Armstrong Ltd., (Weybridge)> and at the NP.L. It is possible
that the separation does not always immediately extend to the trailing
edge of the aerofoil and that the |ayer sometines reattaches downstream
of the foot of the shock.  Ackerot3 found, for exanpl e, no evidence of

separation/

*me reliability of this indication was checked by surface-tube
measurements.



separation downstreamof a shock with a small bifurcated foot. Again
the varzationof trailing-edge pressure as not affected until just
after hifurcation is first observed, Pig. 2,*, If such del ays occur
they exe, however, very snall

For low aerofoil incidences, the Mach nunber upstream of the
shock is the maximm local Mach number on the surface. Thais Maxi num
local Mach number has been Plotted in Fig. 35 against free-stream Hach
number for both surfaces of tine 10% RAE.102 section for each of three
incidences. The value of the local Mch nunber is indicated by a filled-
in symbol when the shock was bafurcated. Bifurcation, Of Separation,
occurred for this aerofoil when the |ocal Mach nunber exceeded about
1.23**%, A large nunber of tests have been made with spoilers and flaps
onthis same section. Observations of Separation are available for
these and are presented in Figs. 36 and 37. For each different
configuration and incidence, and for both surfaces, two points have been
plotted in Fag. 6. One showing the highest |ocal Mach nunmber observed
with no separation (unfilled synbol? and the other the |owest |oca
Mach nunber (izmediately upstream Of the shock) for which bifurcation
was observed (filled-in-symbol). Results obtained at N.P.L. on 6% and
10% RAE.104 sections are also included. This presentation shows that
separation always occurred if the |ocal Mach nunber was above about 1.25
but never if it was bel ow about 1.22. [t sug?ests that there is an
effoct of free-stream Mach nunber on the local Mach nunber for separation
the latter varying fromabout 1,26 at a free-stream Mach nunmber of 0,7
to about 1.22 at a free-stream Mach nunber of 0.9. The pressure-ratios
across the shock just before and just after separation*®* have been
plotted in Pig. 37 in a simlar way end for the same results. This
suggests that separation occurs when the pressure ratio exceeds 1.40
aq that there is little effect of free-stream Mach nunber on thia
val ue.

[t is of interest to examne how these results compare with

(i) expressions for the pressure ratio for separation on flat plates
and (i1) observations in other experinents on aerofoils and wings.

(i) Comparison wath rogaiong for the pressure-ratio for
gedarafion of a Turbulent Teyer ona Flat Plate

P
The pressure ratio for separation -f is plotted in Fig. 38

P
agai nst the upstream Mach nunber M,, as derived fromequation 2 (=eo
page 10)and from that suggested in Ref. 16. Also Plotted is the
theoretical pressure ratio, »,/p,s across a normal shock. The

i ntersection/
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*Cbservations of shock-induced separation in £1ightho indicated a
gradual spread of the extent of separation from the shock position
to the trailing edge as the flight Mach nunber was increased.

"*Once the shock waves had reached the trailing-edge, the extent of the

P - - - -- i ISR



ﬂ27'

intersection of this curve with the othoers would suggest separation for

a normal shock with upstrean Mach nunbers of 1,122 and 1. 129 respectively
for equation 2 and the RAE fornula, values scmewhat bel ow those noted
above.  On the other hand, the pressure ratio observed on the surface of
aerofoils for upstream Mach nunbers of 1.25 is only 1.40 as against 1.65
expect edtheoretically. In fact, the walue 1.40 observed for separation
on aerofoils agrees fairly well with that predated by the 'flat-plate
forrmlae at the apprepraate Mach nunber, about 1.25.

The discrepancy between observed and shock-theory pressure
ratios for normal shocks on aerofeoils arises because the pressuro
dovmstream of the shock is | ower than woul d be expected theoretically.

Mo factors probably contribute to this, namely, the change,in
drsplacement thickness of the boundary |ayer even in the absence of
sgparation and, probably more inportant, the relatively abrupt cxpansion
whi ch immediately follows the normal shock'. As suggosted by

Ackeret et a1l this cxpansion results from tho decreasing strength of the
shock with distance above the surface (it decreases to 1.0 at the edge of
the supersonic regien), The decreasing strongth tends to give decreasing
pressurcs al ong a normal t0 the surfaco i mMmediately dovmstream of the
shock. ~ The expansion which occurs near the foot can be considered as
part of the re-adjustment to a normal gradient wth increasing pressure
outwards, a re-adjustment which, again as shown by Ackeret et al, occurs
very rapadly. ThiS explanatzon coul d account for the apparent anomally
that the pressure ratio for separation is, as far as can bo seen, almost
unaffected by free=stream Mach nunber whereas the upstrean Mach nunber

for separation increases as the free=-stream Mach nunber is reduced. The
situation nost probably is that separation occurs for a certain pressure
ratio, but that, as the free-stream Mach number a1s reduced, the upstream
Mach number required to give this ratio increases because the height of the
shock becomes amnller and therefore the gradient in its strength steeper

(2i) Conparison with Qther Results on Aerofoils and Wings

Conditions for which turbul ent separation occurred in a nunber
of other experiments have eaither been noted or can be deduced fromthe
results. These are listed in Table |

Table |/

*Mis expansion shows up in the.photograﬁh reproduced in Fig. 19(b) as a
dark patch immediately fol | owing the shock



Table |

O her Results for the Cccurrence of Turbul ent-separation Induced by Nermal Shocks

Reynol ds

Lol Bl e—— ST ]

Nat ural or Met hod of
Type of Nurber Artificial Free=gtream Deducing the ZIoeal Mach Pressure Ratio
Ref er ences Experi ment (based on  Turbul ent Mach number Presence of  Numbcr for for Remnrks
representative  Iayer Separation Separation  Seporation
| engt h) :
Fage ond Sargent Flat.plate (very thick  Natural Bi furcation  Not 1.8(1) Possible effects
(Ref. 2) et O | ayer) and surface- measured frommoict air
tumncl t ube in the tunnel
wall measur ement s
Ackerct, Plate (1)2.7 x 106 Nat ur al - Bifurcation Between Bet ween Possible effects
Feldmonn and paral | el and pressure 1. 26 and 1.50 cnd from moist air
Rot t to wall recovery 1.31 1.55 i N the tuwmel ,
(Refa3) of curved (iees,
tunnel decrease in
. - %) | ,
(1i)1.69 x 10° frtaficial - Bifurcation Present at Present for
(produced (Boundary 1.28 1.55
by vrire) layer
profiles
indicate no
separation
at a
&lstance
down s tream)
(iii) Thick Nat ur al - Bifurcation Present at Present for
tunnel-wll 1.30 1445
. | ayer
Licpmonn Aerofoil 0.9 x 106 Artificial 0.86 ~ 0.89 Bifurcation Between ‘Retween
(Refuk) 1.21 and  1.30 anpd
1. 31 1.48

[ ——— A ]
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(conti nued)

(Rcf.rc.6)

Reynol ds Natural cor Le
1ype OF Husber hrtificial Pree-gtream Ded
Ref erences ¢ Dxper.mant (based on "Turbul ent iach pumber Fre
representative Layer Se
| engt h)

Vickers "Dunp * Gil 3.1 x 106 Natural Rif
Armstrong Lid a flat (approx.) and
(Treybridgee) pl at e o1l

_ Amefubs) e

Vood and "Bump ! on 0.6 « 108 ariificial About 0. 85 Bif
Cooderum a flat ('b:)r LWOo
. plate nethods =

(LACA TR, 28019 wire ahead
(Reft 1.7) and plate

ahead)

Zaloveik and seronlene Pall scale latural 0.69 to Bou
Lule inflight 0.71 | a)
(FACA Re. wing pr
Ho.1.8022 ) spec1all an
TIR/1865 modif zed




Table I (ﬁ_,u*xi, mei)

' Reym »lds Tatwral or i'ethed of
Tyra of HTurmber arcificial Free-stream Deducing tk
Refersices loperient (Lased on Mirbuvlent riach nunber Presence »of
recresentative  Loyer Szparation
sagtl)
jooper and Jray aercplane TFuLll scole clatural 0.68 Bifurcation
(ITACa R: 2 Tlaght ' (schlieren
Ic.AB1G0S ) rhotograph
TIN/ 2760
Al J]L;- I-].SEF
(Ref' 1.5 )
ollin-bourne  dalf-model §475 - 10 Artificial {a) 0.885 P cssure
and Tandar of a (thread ' recovery
R.A.B,. Tech swepthack on () 0,865 to 0,835  (..e.,
Hote To. wWang surface) decrease
Asro,2221) CoT B, ) an
(Rer.50) sheek
ovenent

(1)

(2)

The value 1.5 was determined theoret:icslly from wsasured shock angles for a pos

‘kank! pressure to upstream pressure 1o taken from the curwe of surfacc precsu
done <, then a value 1,51 15 obtained which agrees ell witnh cquation £ (pa

nugher, 1.4 (see Fiz.33 ).

This pressure rotio was determined, at free-stream Ifach numbcer s above that ot 7
pressure ratio across the freat branch of the bafurcaved —ave.



w3l «

The val ues found for upstream Mach nunber and pressure ratio
for separation are all consistent with those indicated in Figs. 3 and
37 with two exceptions, namely the pressure ratios observed in the first
two experiments |isted, for both of which there are some doubts about the
effects of noist air in the tunnel. The correl ation with cther work is
therefore good ang it is noteworthy that this enbraces finite wings and
aircraft in flight. The last entry in Table I is of specirl interest
because not only does separation oceur on the nodel of this fairly highly-
swept wing (35° at the $-chord position) for the same conditions as on a
t wo- di mensi onal aerofoil, but the characteristic effects on shock movenent
are present both for the nodel and for the full-scale aeroplane in flight
(see Fig. 39).

It is thus fairly well established, at |east for |ow angle of
inci dence, that shockeinduced turbul ent separation wjli occur both #or
nmodel and ful | scale on two-daumensional aerofoils OF straight W ngs when
the local Mach number just upstream of the main shock exceeds a val ue
varying approxi mately lineax@lly from 1.26 at M, = 0.7 to 1.22 at
Mo = 0.9. It seens that the sameg criterion will. apply for swapt wings if
the component local Mch number normal to the shock front. is used.

It is at present inpossible to predict the free-stream Mach
nunber and |ift coefficient for which this condation woul d be reached on
any particular dosign because only very few section velocity-distributions
have been measured with the boundary layers turbul ent upstream of the
shocks and because there is little information on how to apply such data
to find local Xach nunbers on finite wWings; little help can be expected
fromtheory an either respect.

The free-stream Macy nunber for which separation occurs,
determned fromthe |ocal Mach nunber criterion, is plotted against
incidence an Fig. 40 for the three two-dimensional aerofoils recently
tested at the N.P.L. Also plotted are the Mach nunber at whach the rapid
fall in Cpp g, begins®, the Mach number for [ift divergence*, and the
Mach nunber "4t whi ch the peak occurs in the ¢, versus M curve at
constant i ncidence. Any of these tcriticals! could be used to predict
reasonably wel| the occurrence of serious effects of separation. The
rapi d change an Cpp p MY well. be nore appropriate than the others if
our argnent is correc% that the disturbance to the equality of pressure
at the trailing edge is the main cause of nmost of the adverse effects of
separation. The Mach nunber for change in Cpp y seens to agree well
with that for the peak in the .if+ curve.

A conveni ent procedure for predicting the occurrence of separation
under full-scale conditions n1§ht be to measure the variation of Cpnp g
on a nodel with turbulent boundary |ayers. |t is obviously desirable,
however, to augment the sparse information available for turbul ent Iayers
by making nmore conplete pressure plots wherever possible.

Two oases for which prediction is more difficult and which
have so far not beenconsidercd shoul d perhaps be nentioned at this stage,
nauely, (a) the type of flow wth high |ocal thh nunbers very near the
leading edge and (b) the effects of interference/at Wi ng-body and ot her
i ntersections.

(a)/

*Defaned by the intersection of tangents to the two branches of the curve.

"®Defined as the Mach nunber at which the rate of rise of Cr with Mach
nunber (constant incidence) begins to fall,
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() Local Mach numbers considerably in excess of 1.25 often
occur very near the |eading-edges of aerofoils at high incidences
Wi thout causing turbulen% seﬁar ation (see for exanple Fig. 25).

A partial corpression through an oblique shock occurs instead and
t he Mach number upstream Of the maoin Shock iS thensomewhet | €SS
than the maxirmum val ue on the surface. The | ack of information
for this type of dvistribution IS even nore serious <han for the
more normal type where the |ocal Mach nunber rises monotonically
to its maxiumm val ue fist upstream of the shock. It 18 known that
It occurs at increasingly |ower incidences as the section thickons
(and hence |eading-edge radius) is reduced. The chief
uncertainties are the strength of the oblique shock and whet her
this is affected by the state of the boundaxry |ayer right near the
nose or by Reynolds number.

(b) The super-velocities induced at a junction would |ead to
high |ocal Mach numbers and therefore possibly to earlier separation
locally. For exarple, separation on the Wi ng of a Meteor aircraft
wag observed to originate from a wingenacelle junction and to
spread outwards over the wing®*.

7.4 Consequences in Transgonic Flight

There av be little doubt that many of the undesirable
aerodynamic phenonena encountered by present-day aircraft in transonic
flignt are, if not actually caused by shock-induced turbul ent separation,
at least aggravated by its occurrence. This would be anticipated firom
results on two-dimensienal aerofoils and model wings, and has been
confirmed i N a mmber of flight tests.

7ol Steady-flow Phenomena

Changes of stability and trim gt Of course occur in
transition from subsonic to supersonic flight but could, we believe,
be more progressive and mch | €SS violent af the *natural? nmovenent
of the shock waves along the wing chord was not disturbed by separation,
The reversals in the trend of section pitching-noment variation with
increasing Mach nunber (see Fgs. 31and 33(c))could, for exanple,
causu corresponding sudden changes in trim  Loss of lift first on the
outboard portion of a swept-back wing could al so | ead to changes in trim
and even to longitudinal instability. Again |0ss of normal force due to

seJ)ar ation on tailpiane Of iun sould affect longitudinal or lateral trim
and stability.

Wing droppi n? could quite well be caused by the onset of
separation effects earlier or nore severely on one wng than on the
other, such as mght occur in a monoeuvre, (In viewof the inportance
of flow conditions at the trailing edge and the large effect which can
be produced by a small spoiler there, very smll discrepancies between
the shape or condition of the trailing ed%es of the two wings m ght

al so be important in this respect.) In the special tests on an aircraft
described in Ref. 46 separation occurred on the upper surface*of a
tglove? over part of one wWing but not on a corresponding glove,

slizhtly different in profile, on the other wing: althourh only 20%



been sugzested that, at least in sone instances, wing dropping occurs
beoause of an abrupt |oss or maybe even reversal of aileron effectiveness.
| f not the acbtual cause of the wing dropping, simulbaneous |oss of lateral
control certainly would greatly increase it3 seriousness. In either event
the basic *ill* 1s most probably turbul ent separation.

Ground-launched rocket tests on the effectiveness of flap-type
controls provide an irportanc link between tunnel and aercplanes in
flight. They provide, on the one hand, results which agree well
qualitatively with corresponding tests in wind tunnels and, on the other
results on model wings which confirm flight experiences The trough in the
effectiveness versus Mach muiber curve i S a characteristac feature of many
results in both categoraes, a feature which has been shown in tunnel tests
definitely to be associated with separation*. It is nost probable also
that separation adversely affects hinge noments. Some effects nust also
be expected on the behaviour of other types of control such as all=moving
wing tips and spoilers, sspecially on thicker w ng sections where the
separation is likely to occur earlier and to produce nore violent changes
(see below).

Al'though there is as yet lattle information on the effects of
shock-induced turbulent separation at high CL, it is likely to affect
Clypy ond may al so be respensable for the *instability boundaries’ which
sometimes restrict the usable CL to a value beluww CLipye

7.2 Unsteady phenonena

Few measurenents have been nmade of the flow fluctuatzons near
an aerofoil moving at high speed, and. the data which are available are
either for scctaons which are very thick by nodern standards, or for |ow
Reynol ds nuwrber and laminor boundary layers. |t is known, however, that
when separation occursat shock waves foried on an aerofoil moving at
high subsonic speeds there may be fluctuation3 of total head and flow
directaon in the wake, and that there are corresponding fluctuations in
t he shock-wave position and pressure distribubion on the aerofoil
These shock-wave nmovements may be considered to arise as & consequence
of the fluctuations in the cireculation round the aerofoil which occur
when eddies are shed into the ke, oralternatively, as a consequence
of pressure fluctuations at the trailing edge (see section 7.1).

[t is thought that the buffeting frequently observed in high-
speed flight is associated with these fluctuations; it has certainly been
correlated with the occurrence of separation on the wings of 3 nunber O
aarcroft as reported, for exanple, in Refs. 46, 49and 51. Since the
fluctuations behand the aerofoil are found to be confined to the mean
boundarzes of the wake, and these are usually arranged to clear the
taalplone 1t seems that the pressure fluctuations on the wing (arising
from the' shock-wave novenents) account for nost of the effect. Mach
nmore work i s needed, especially observations of shock-wase oscillations,
before the details ov be understood, but the feollowing speculations
whach are based on work at the N.P.L. moy be of interest.

It has been seen in section 7,1that, after separating near a
shock wave, the boundary layer on an aerofoil moving at high subsonic
speeds scmetimes reattaches to the surface and sometames remeins
separated over the whole of the rear of the aenfoil. When reattachnent
does not occur the begimning of the wake comtains two vortex sheets,
one 3pr1ng1n%]frqm the separation point on each surface. The spacing
between the sheets depends on the positions of the separation points;
for exanple, on an aerofoil at incidence and at a Mach number not too
far above the critical the separation point on the |ower surface may
be at or near the trailing edge, and that on the upper surface may be
at a shock wave located a short distance behind the posation of

maxiian,/
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riaxirum t hi ckness.  The spacing ny, therefore, be quite large
(ee5., Of' the order of the aerofoil thackness} and the initial conditions
in the wake thus resemb%e in some Ways those behind a bluff body. In
many Cases it IS found?< that the vortex sheets formed behand an aerof oil
movang al high subsonic speeds devel op anto a quasi-periodic type of flow
not unlike a Karman vortex sheet. This is illustrated in Fig. 41 which
shows the flow round a 10% thick aerofoil at 2 deg incidence and

= 0.82. This type of pattern is observed both when the boundary
| ayer ahead of the shock is lamnar and when it is turbulent (as in
Fig. 41),and it is thought that for turbulent |ayers the turbulence in
the wake near the trailing edge is of such gual1 scale (having a length
scale characteristic of the boundary |ayer on the aerofoil) that it has
little effect on the wake, which develops its owm turbulence (on a larger
scale) by building Up an instability of the type shom, The periodic
type of flow pattern is not usually steady but occurs in tbursts?; that
I's a photograph taken at one instant shows the periodic pattern whereas
it 28 not visible in a photograph taken shortly afterwvards. Wen
periodic flow occurs, the vortex spacing ratio and frequency paraneter
appear to be of the gaae order as at low speeds.

The above is merely an exanple of a type of flow which coul d
clearly lead to buffeting, and it 1s not suggested that buffeting will
occur only when the flow1s of this type. Even when the flow i s not
periodic, buffeting may be excited by unsteadiness in the wake and the
associ ated fluctuations in the pressureson the aerofoil; the details
nust depend onmany factors aneluding the natural frequencies of the
agroplane., |t is felt, however, that disturbances of a scale whach is
sufficiently | arge to have inportant effects are nmost likely to arise
from the instability of vortex sheets formed as a result of separation,
and that buffeting is unlikely to occur if' separation is absent. It is
known? 2 that at low speeds the scale, frequency and longitudanal spacing
of the eddies in the wake depend on the inatial |ateral spacing of the
vortex sheets, and on this basis it would be expected that the conditions
would be nost severe when separation oceurs fairly well forward on the
agrofoil. The situation envisaged. for a moderately thick aerofoil at |ow
incidence is thus as follews, Al free~strean Mach nuriber below t he
critical there is no separation; this type of flow persists at slightly
hi gher lMach numbers because, al though a shock wave IS present a little
behind the maxdimun thickness position on the upper surface, it is not
strong enough to provoke separation. At a higher Mach purber the shock IS
st111 wel | ahead of the trailing edge, but 1s Strong enough to cause
separation.  The spacang Of the vortex sheets is thus large (see, for
exarple, Fy. m? and large-scale di Sturbances may axise and cause
buffeting. = As the Mach number is further raised the shock wave rmoves
downstrenn SO that the vortex-sheet spacing and the scale of the
disturbances is reduced. ‘then the shock reaches the traili n? edge the
di sturbances are probably of a very small scale, and since, tor a fvo=
dimensional aerofoil, +thig condition is achieved at a free-strean Mach
mwber below unity it night be expected that with zero orsmall gweep=
back buffeting will cease before M= 11is reached. As far as is
knowm,this explanation is in qualitative agreement with observation.

It 18 known that the unsteady fiow in the wake i S a source of
weak Shock waves which are propagated upstream towerds the aerofoil.
This is particularly clear in Pig. L2 whach shows the flow past an
aerofoi | with a blunt trailing edge vhen the Mach pumber IS just
bel ow the eratical, It may be seen that the vortex sheets fromthe
two corners of the blunt trailing edge form a regular !street! of
eddi es and that associated with these is a pattern of wavelets noving
upstrean. Al Mach numbers above the critical the wavelets cannot Pass
upstream through the region Of supersoni ¢ flow near the surface o
the aerofoil, and hence formx an envel ope at the shock wave at the rear

of tho suporsonic region. Further out fram the surface the wavelets

nay/
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may usually be seen”™ to pass upstreamround the outside of the supersonic
regi on, and sometimes t0 cause di sturbances at the sonic line which
propagat e downwards ainto the supersonic region. This behaviour iS

observed on al most all aerofoils (whether the trazling edge is blunt or
not) at |east when the shock waves are strong enough t0 provoke separation,
An example show the wavelets On an aerofoil moving at a Mach nunber well
above its critical is reproduced 4n Pig. 43. Although the upstrecm
rovement Of wavelets fromthe wake provides a plausible explanation for

the formation of the shock wave at the rear of the supersonic region, it is
not yet clear whether or not they have an inportant effect.

. In mony cases small-scale eddies are observed near the surface
of an aerofoil close to the point where separation occurs at a shock wave.
These presumably arise fromthe instability of the vortex sheet forned at
separation (i.e., wthout involving the interaction between the vortex
sheets formed on the upper and lower surfaces). It is possible that tho
scale of disturbances of this ‘type may be too small to cause buffeting,
but they may, perhaps, have sone connection W th the phenomenon of control=-
surface tbuzz's During tests at the N.P.L. on a 10% thick RAE. 102
section with a plainl?%ap at the trailing edge, the position of the shock
on the | ower surface was observed, at one free-stream Mach nunber, to be
very unsteady and to fluctuate between the hinge position and the .
trailing edge. A change in sign of the loading on the flap occurred. in
steady flow for this shock-wave novement, and such unsteadi ness coul d
clearly lead to *buzzt of a flap with freedomto oscillate.

The above remarks are largely confined to the unsteady flow
whi ch may result from shock-induced Separation on a rigid aerofoil. The
interaction between shock waves and boundary |ayers undoubtedly also
has large effects on the characteristics of oscillating aerofoils as used,
for exanple, in the measurement of pitching-nonent danping derivatives.
For |ow values of the frequency parameter, some information on these
effects my be found. in Ref. 55.

7.5 The Influence of Section Shape

So far only a few section data have been obtained with
turbul ent boundary layers upstream of the shocks and such remarks as are
possi bl e on the influence of section shape are based mainly on fairly
general consaderations, with a few specific exanples fromthe results for
the sections tested at NP.L.

Shock-induced turbul ent separation woul d be avoided if the
| ocal Mach murber upstream of the maain shock coul d be kept bel ow about
1.22 until the shock reached the trailing edge. To achieve this, the
amount Of supersenic expansion downstream of the sonic point rmst be
kept small, 1.e., small curvature, a condition which is fulfilled on
than aerofoils at low incidence. For exaple, separation occurs for
1° incidencu at My = 0.817 for both 10% RAE. fBZ and 10% RAE. 104
sections but not until My = 0.880 for the 6% RAE. 104 (Fig. 40).
At hagher ancidences where the sonic point is extrenely near to the
| eadi ng edge, high local Mach nunbers often occur for thin sections also
and the conparison may becone |ess favourable. This tendency is already
beginning to show in Fag, 40; for the 10% and 6% RAE. 104 sections at
3 incidence, the values of Mg at which the |ocal Mach number for
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(i) Pressure Recovery.- For present purposes the pressure
recovery from just upstreamof the shock to the trailing edge can be
davided into (a) the recovery through the shock itself and (b) the
recovery downstream of the shock.  Just how inportant the latter can be
1s 11lustrated by the comparisons in Figs. & a), (b) and (c) of
pressure distributions at each of three free-strean Mach nurbers for the
10% RAE. 10L and 102 sections at 2° incidence. Separation occurs at
about the gome Mach nunber for the two sections but the effects on Cy,
and Om are nmch nore violent for RAE. 104 (see Fig. 31).

The R4E. 104 section was designed to have its minirum pressure
at 0.6 chord for 1law Cr, conpared with 0.4 chord for RAE. 102, The
result of this is reflected in the subsonac pressure distribution,
Fige. L4(a), in that the rate of pressure recovery over the rear of the
aerofcil 1S nore rapid; the maxdiraza thickness occurs further aft of
course and t he trailing-edge angle is larger.

Fag. b4(b) shows t he pressures obtained j ust after the onset
of seperation at practically the same free-stream Mach nunber for the
two sections (0.794 and 0.795) and with the same local Mach nunber just
upstream of the shock on the upper surface, nanely, 1.27. The rate of
pressure recovery downstream is as yeot hardly affected and is for both
practically the same as at 1, = 0.71 (see al so curves of Cpy g,»
Fig. 24). The values of trailing-edge pressure are identical. TI'f113e
conmparison of pressures on the |ower surface is very similar to that for
Mo = 0.71.

The pressure distrabutions in Fig. L4{c) are for a still
hi gher free-streann Mach number (0.853 and 0.855). The effects of
separation are now quite pronminent (Fig. 3}, especially for the
104 sectaon for which Cf has fallen considerably and Gy shown a
violent nose-up tendency. The upper surface shocks are in the sane
relative positions as in Fig. 44(b), both having noved rearwerds by
about 0.03 chord only (the Mach nunber upstream has ancreased, if
anything, slightly nore for the 102 section than for the 101 The
variation of traxlang-edge pressure has been disturbed for both sections
(see Fig. 24) but nore for RAE. 104 than for RAE 102. Thus the pressure
at the traaling edge of the 104 section is now lower than that for the
102 gection. Thisas an inportant difference and arises because the rate
of recovery i S now less rapid for the 104 section than for the 102
instead of nore so as at earlier Mach munbers. It produces a spectacul ar
effect on the lower surface, Wiere for the 104 section there is now a
fairly large Supersonic region wath the shock well aft; that for the
102 section is only just forming. This large relative change on the lower
surface mmst be the simediate cause of the difference i megnitude O the
effects on ¢, apd Cm which can therefore bo attributed, ultimately,
to the difference in pressure recovery along the seperated |ayer
dovnstrean of the shock on the upper surface®. The relevant differences
an section Shape are thought to be thoser in the variation of surface
angl e boetween the shock position and the traaling edge and in the
value of this angle at the trailing edge (i.e., half traaling-edge angle) .
The overal | change betwcen the shock posiation und trailing edge and the
value ot the treiling edge are both mumerically smaller for the RAE, 102
section (see Tabl ellzr‘f,
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The posation of the upper surface shock might have had sone
smell effect in the above exarple. |t coul d presumably be important
for wdely different positions.

The effect of pressure rise through the shook did not influence
the above conparison for a partacular exsmple because at corresponding
Mach mubers It was from the same low pressure upstrean (i.e., same local
Mach number) and of approxinately the sane magnitude. 4n affect on the
total recovery and hence on the trailing-edge pressure would however be
expected in general, tending to decrease the recovery with increasing
Mach number upstrean of the shock. The pressure rige through the front
branch of the bifurcated shook is the pressure rise for separation and
varies rmch | €sS wath upstreann Maich mumberl/ then does the pressure rise
through a normal shock (see Fig. 38). Mreover, the mall normal wave
dovmstrean seens t0 be very weak and to produce little further corpression.
Thus with increasing upstream Mach nuber, once separation has occurred,
the erface-pressure rise through the shock becomes increasingly |ess
than the rise for a normol shock*.

It is therefore desirable to restrict the degree of supersomic
expansion, or, an other words, the suxface curvature, which of course is
al so the requarement for delaying separation. In this respect and also
an that, as has been showm, the pressure recovery downstream of the shock
Is | ess affected when the curvature and slope of the surface are small,
thin sectrons continue to ba benefacial even after the occurrence of
separation.

(i1) Shock Movenent.- A gaven change in troaling=edge
pressure woul d produce different effects on the relative shock novements
depending on sectaion shape. Any feature which encouraged the decel eration
of thu upper surface shook or the acceleration of the |ower surface

one/
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*Near the point where the single shook meets the two branches of the
bafurcated foot, the pressure rise through the two branches of the foot
rust be equal to that through the sangle shock, but otherw se conditions
are not the same as for a uniform normal shock with bifurcated foot, for
whach the pressure is the same at all poants behind the wave system
Instead, the strength of the shock and therefore the downstream pressure
varies along its length; the pressure downstream of the point of
intersection would thus depend on the height of this point above the
surface and the pressure rise at the surface is not necessarily controlled
by conditions at the point of intersection. Further, the single shock
becomes progressively more inclined near the point of intersection
(see Fig. 26, for exanple) and the pressure rise through this falls
below that for a normal wave,
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one would be undesirable. By amalogy with the shock in a nozzle a slow rate
of supersonic expansion, i.e., smali curvature, is conducive to large

shock movements and conversely. Thus camber woul d be expected to have an
adverse effect and negative camber possibly a favourable One. sn increase
in curvat ure locally on the | ower surface only, such as the cusping tried

by ‘Gothert? !, might have & favoursble deceaing €f fECt on the |ower
surface shock.

8, Te Interaction at Supersonic Trailing Edges

For an unswept wing the shock waves on the upper and | ower
surfaces reach the trailing edge at a free-strearn Mach nunber |ess than
unity and rerain there wWith further increase of Mach nunber. Shock waves
are also present near the trailing edge of a swept wing provided that, to
a first approxi mtion, the inclination of the trailing edge to the
undi sturbed flow exceeds the Mach angle of the undisturbed flow  These
shook waves interact with the boundary |ayer on the surface of the wing
and cause it to thicken or separate upstreamof the troiling edge; this
inturn modifies the shock-wave pattern. As in the exarples d1iscussed
abwe the effects are serious only when Separation occurs; they are
ugually amaller than whem the shock waves are |ocated further forward
rainly because the interaction dues not influence the flow over such a
large extent of the chord.  Mreover, when the flow at the trailing edge
IS supersonic the conditions on one surface of the aerofoil do not
influence those on the other (of. section 7.1). Neverthel ess separation
ahead of the trailing edge sometimes has large effects on the
characteristics of the aerofoil or of control surfacesbh.

As well as depending on the strengths of the shock waves, the
{low near the traili %e IS again found to depend on Reynol ds nunber,
and particularly on whet her the boundary layer | S laminor OF turbulent.
This i S 1llustraved by Fig. 45 which shows schlieren dphot ogr aphs®© of
the tail of an E.G 1250 agrofoil moving at zero incidence at a Mach
nunber of_61,6. In Fig. k5(a)transitionis free and, the Reynol ds number
(0.8 x 10°) beig low, the boundoxy |ayer is lardnmar over the whole
surface; separation sccurs shead of the trailing edge and a diffuse
shock gystem results in place of the single shock which would ot herw se
be expected. In Fig. 45(b) transition is fixed near the leading edﬁ;e.
No separantaon then occurs ahead of the trailing edge ond a single shook
ia present there.

Supersoni ¢ -ving secsions are usually thinner than that (12%)
di scussed above, and at or near zero inecidence the trailing-edge shock
waves are not strong enough to provoke a very |arge regicn of seporated
flow Extensive separation frequently occurs on the upper surface,
however, when the wing is at incidence and the boundary |ayer is leminar
because the shock on the vpper surface is then of increased strength.
For exauzple, Fig. 46 ccrpares the pressure distributions measured®' onthe
upper surface é)f a 6% thick double wedge at NC = 1.6 and
R = 0.8 x 10° with those predicted by inviscid-flow theory. At |ow
i nci dence the agreement i S good, but at higher incidences the pressure
begins to rise ahead of the trailing edge because laminar boundary |ayer
separation occur& at the po'%nts indicated. Similar featuresare present
in the observations described®2 by Beastall and Pallant Who rade tests on
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parallel to the free stream downstrear:, The conditions are thus
girilar to those of the experament on the wedge attached to the plate
described in section 3although the pressure gradient associated with
the curvature of the aerofoil surface ny have some effect, and instead
of a wall downstream of the shock there is a vortex sheet. Corpoarisons
bet ween the available results show reasonabl e agreenment fcr lominar
boundary layers, and it 3s hoped, therefore, that the rest1lts of the
sinpl e experinment wall be useful in predicting the characteristics of
nerofoils.  Unfortunately very few experinents have been made on
supersoni ¢ asrofoils with turbul ent boundary |layers and it is, therefore,
| npossi bl e to nake a detailed conparison for this case. The results
described an section 2,5suggest that turbul ent boundary |ayer separation
is unlikely to occur if the angle turned through by the flow at the
trailing edge is |ess than about 12 deg (in contrast to about X deg for
laminor layers) « If this is so, the effect of the interaction may not
be very inportant for supersonic aircraft; for mssiles they may,
however, be |arge not only because |arger angles may be involved, but
because the boundary |ayer may in some oases be laminaxr.

The difference bet ween t he behaviocur W t h Laminaer and
turbulent layers may be a source of scale effect in model tests as it is
in the other cases discussed here. For exanple, because of the diffuse
nature of the trailing-edge shock formed as a result eof laminar
separation, the drag may be reduced considerably and in some oases may
be less than that calculated for inviscad flow.

Part I11. The Effect of the Interaction
on the Performance of Supersonic Intakes

9. e Nature of the Flow

Shock wave and boundary | ayer interaction is of particular
sagnificance iN the design Of side alr intakes for aircraft and mssiles.
By tho termside intake is inplied i ntake which absorbs a proportion
of external bvowdary |ayer, ns fromthe nose of a fuselage or the under-
surface of a wing, It is the interaction of the pre-entry shock system
with this boundary larer which is arportant.

The duty of the intake is to collect g prescribed quantity of
air and, under normal flight conditions, to decelerate this aiwr fromits
intdal relative velocity {%pp1ox1mately the flight speed) to the low
Mach nunber required by the engine (0.4 or less, according + the type
of engine), with as little loss of total pressure as possible, When the
flight speed i s supersonic, the deceleration normaily takes place in
three stages:-

(a) deceleration Co subsonic speed through a single shock or
system of shocks ahead of the entry;

(b) subsonic diffusion between the shook systemand the entry;
(c) further subsonic diffusion in the intake duct.

Boundary layer separation can occur at amy of these stages but is nost

likely to do so at one or other of the pre-entry stages (a) and (b).
Considering a nornal -shock intake, if the free stream Mach nunber is

greater than aboutl.3, the shock itself will cause the boundary |ayer

to separate. |f the free~strearm Mach nunber js less than 1.3 and the
boundory |ayer is turbulent, the shock nmay thicken and deformthe
boundary | ayer, and separation may then follow in the further adverse
pressure gradient of stage (b). The magnitude of this pressure gradient
depends upon the entry mass flow ratio*. In/

gy g = Lo L - - s ik T D Y A ot b

*The entry mass flow ratio is defined as n = (pV) entry/(pv) free stream.
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In either case the essential features of the flow as
affecting the ultimate pressure recovery of the intake, are as shown
in Fig. 47. Separation occurs at some point between the shock and the
entry (shown for simplicity at the foot of the shock). Behind the
separation point IS a dead-air region, extending into the duct and
separated fromthe mawn flow by a zone of turbulent mixirge Al sorne
point inside the duct (the position depending on the further pressure
gradient in the duct, and therefore to some extent controllable) the
dead-air region terminates and normal boundary-|ayer devel opnent
recormences. Thus the various | osses which go to determiine the final
pressure recovery at the engine face are as follows:-

(1) Loss from friction 4in the external. boundary |ayer ahead of
the shocks,

(2) loss fromfriction on the walls of the duct,
(3) shock | osses,

(4) loss fromturbulent mring in the zone followng the
separation.

Strictly each of the first three conponents is in some degree
affected by the presence of component(%), but a convenient analysis
can »e obtained by assigning to the first, three conponents the values
they woul d have in unseparated flow and regarding the last conponent as
a net interference loss. A recent experimental study at the R.A.E.
has shown that in the transonic speed range the interference loss is
liable to be the major term  Fig. 48, showning a breakdown of |0ss for
a typical side intake tested at Mach nunbers from0.7 to 1.8,
demonstrates this result.

It will be appreciated that boundary-|ayer separation can
occur at subsonic as well as supersonic flight speeds. The subsoni ¢
case i S essen’ially simila: to that already described, with the
om ssion of stage (a)of the flow. The separation normally occurs
ahead of the entry ¢s before, under the influence of the adverse
pres-ure gradient of stage (bH'], and i s again followed by a turbul ent
raxing zone. Fig. 48 shows, however, that the adverse effects are
ruch | €ss severe than in the supersonic case.

|0 Te Pressure at Separatzon

An inportant property of the type of flow described is the
pressure at separation.  This has been neasured for various initial
thicmesses Of the turbul ent boundary |ayer, at Mach nunbers in the
range nmentioned.  The actual pressure neasured is that at the base of
the entry plane, i.e., in the dead-oir region. Some results are
plotted in Fyi. 49. At subscnic speeds, when the separation is
produced by a wholly subsonic gradient, whose magnitude is determned
by the proportions of the intake (in relation to the boundary |ayer
thickness), the critical pressure coefficient generally lies between
0.k and 0.6, varying in an inverse manner W th boundary-|ayer thickness.
At | ow supersonic speeds, when the separation is produced by a
conbi nation of shock wave and subsonic pressure gradient the critical
pressure falls as Mach nunber rises, i.e., as the part played by the
shock wave increagses. At higher supersonic speeds, when the shock
interaction alone is sufficient for separation, the critical pressure
coefficient settles to a value around 0.35, which, so far as the
experiments (o, appears to be roughly independent of both Mach nunber
and boundary layer thickness.

Independence/
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Independence Of Mach number iS a result somewhat in
disegreement W th the s&theoretical relationship advonced in
section 2,6, This rule gives a | ower value of the separation pressure
coefficient and one decreasing slowly W th increase of Mach number
The present results support rather the empirical rule advanced by
Beastalll6, from experirents on the flow over a rectanguizr step. This
IS

Pg L
w— = 1 4 e
b, 4
from Whi ch we derive
o
- (pg - 3,) _ Ly 2 _ 1 - ¢
Opepiy = =pmpTm S ove e mmmm o= T 00
30093 4 yE 2y

The present eriments are inconplete, however, having to
date been concerned nmainly with obtaining results from the tronsonic
rengds It IS hoped to add further evidence at higher Mach nuriber in
t he near future,

As mentioned above, when separation is caused by the shock
interaction alone, the pressure at separation i s independent of
boundary | ayer thickness. This IS presumably because, for a given
boundary-1ayer form, the spread of pressure rise inside the boundexy
layer at the shock position i s proportional to boundary-layer thickness;
SO that the pressure gradient, an units of boundary-layer thickness,
15 i ndependent of the thickness.

11. Methods of Redueing or Avoiding the Effects of Separation

Faced with the type of flow described in the precedi
paragrophs, the practical problem accepting the d651rabillty1€§ a
continued use of side intakes, is howto avoid, or at |east minimize,
the detrimental effest of bomndary-layer separation on intake
perfornence, Various ways of attacking this problem ny be suggested.
One 18 to accept a pre-entry flow pattern of the kind dsscribed but
mininize the effect of separation by suitable design of the intake
duct. Another i1s t0 re-energize the boundary |ayer ahead of the shook
so that separation ny be avoided. A third methed is to remove the
boundary | ayer by a stitable form of bl eed.

Part lv. Notes on the Further Wirk which is Required

The avai | abl e experimental results on t he interaction of a
shock wave with the boundory layer on a flat plate or parollel-sided
I~ AL £ 1 Ivi # A .

A eec2eiat . L mAl ARt A Al Al AAw s L L. TS T N PPN
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It would al so be of value to rake experiments on curved
surfaces to investigate the effects of the pressure gradient produced
by the curvature on the interaction of the boundary |ayer with shocks
generated both externslly and by a wedge attached to the surface. An
investigation of the effects of surface curvature on the reattachment
of the separated boundary |ayer would also have important practacal
applications.

.  Sometines it IS important to know the overal effects of the
interaction on the characteristics of the boundary |ayer (i.e., the

di fferences between the boundary-|ayer thickness and profile well
upstream and well dovmstrean of the interaction). There is very little
information On this point because the interacting shook is usually
followed fairly closely by an expansion wave;, experiments i n which this
difficulty was avoided woul d be useful.

Mst of the work which has been done with interacting shook
waves needs to be repeated with more gradusl regi ons ~f adverse
pressure gradient as wouldbe generated, for example, by a curved
surface placed in the main stream, There is also still a need for
work on the interaction between expansion waves and boundary layers
althougn the effects here are not so large, and are more amenable t0
theoretical treatnent.

One of the greatest needs at the mament iS for a detailed

correlation between the results of theory and fundamental experiments

of the type described in Paxt |, and the phenorena observed on aserofoils
and wings. A prelininary atterpt to do this is made in Part |1 and, for
exarple,in Ref. 36, but much rore work is required before it will bé
possible t 0 estamate how accurately t he occurrence and ef fects of the
interaction in practice can be predicted. Correlations of this type are
greatly hampered DYy the scarcity of detall ed information an practi cal
oases, and this is further discussed bel ow.

Results of tests made with larinar boundary |ayers are not
applicable to flight conditions and more Work is, therefore, required to
find suatable (and preferably simple) nethods for fixing transition during
nodel experiments especially for hi gh incidence when the shocksoccur very
near the nose of the aerofeil,

It has been established that the conditions for the occurrence
of turbul ent separataon are alnost i ndependent of Reynolds nunber, and
further, that its effects in flight and in the wind tunnel are
qualatatively siumlar, The effect of Reynol dS nwaiber on the pressure
recovery downstream of the shock needs to be anvestigated, however, to
determ ne whether or not wind tunnel tests give reliable irpressions
of the mognitude of the separataon effects for aerofoils at high
subsonic  speeds.

Further detailed explorations by pressure plotting and flow
visualization on finite wings (with tronsmtion fixed) such as those at
present being made by Vickers-irmstrong Ltd. (Weybridge) and at the
R.4.E., 2re required an order to build up a better basic knowledge of
the conditions for separation and of its effects for such wings. The
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severity of its effects. The tests shoul d be extended* to thicknesses
bel ow 6 per cent, and t0 high incidences, preferably to Cipayxs 48

rmch of this work as possible shoul d anelude pressure plotting and flow
visualization, at | east until the effects of separation and t he influence
of section shaﬁe are more fully understood. In this respect, a

knowledge Of the flow round an aerofoal in the absence of the boundary
l'ayer would hel p greatly, and it shoul d be possible to achieve this
condition by the application of area suction over the whole or most of
both surfaces

The above remarks refer to aerofoils moving at high subsonic
speeds; further work as al SO required at supersonic speeds especially
to determne the effects of the interaction on the flow near a supersonic
trailing edge for turbulent boundary |ayers. Very few detailed
observations have yet been made for this case.

Novel gsections designed to alleviate the effects of separation
on aerofoils mowving at high subsonic speeds should be investagated, as
shoul d axy prom sing remedy to prevent or to reduce the severity of
separaticn.

Al though, at high subsonic speeds, the effects of separation
on agrofoils are closely bound up wath the flow about the whol e aerofoil
and the anterrelation 0f the two surfaces, certoan specafic features
could perhaps be studied on a plate or on the wall of a wind turnel.
Exarples are the influence of surface curvature or slope, or of area
suction on the pressure recovery dovmstream of the separation point.

Studi es shoul d be made of pressurce fluctuations in the wake
of aerofoils with turbulent boundary |ayers and of the associated
sscallataons Of the shock waves. The devel opment of a technique which
coul d be used an routine wnd-tunnel experiments to reveal the presence
of lorge-scale disturbances in the wake would assist in this work; it
I'S possable that the signal from a photo-cell placed in the image plane
of a schlieren apparatus mght reveal this type of aerodynani c .
di st ur bance f or two-dimensional aerofoils. |n connection with buffeting,
the condations leading to and affecting turbul ent separations at w ng-body
and ot her junctions al so need to be investigated.

In the field of untake problenms, more work as needed to
separate out the Mach and Reynol ds nunber effects on separation pressure
and t 0 provade a quantatatave assessment Of each. The ground-|aunched
rocket model technique i s suatable for hagh Reynol ds number tests.

Further Studies on side intakes are also required to determne
how far the detrimental effect of shock wave and boundary-layer interaction
can be offset by smitable forms of boundary-layer control, at Mach nurbers
above 1.5.

List of Symbols/
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*purther tests planned at the N-P.L. will include the followang sections:
4 per cent thick R.n.E. 104, 6 per cant thick RAE. 102 (with and

wathout control flap and spoilers), and 4 per cent and 3 per cent thick
biconvex sections.




Li st of Synbols

Mo

My
RO

Free-stream Mach nusber

Mach nuriber just upstream of the shook wave

Re¥no|ds nurber based on the distance fromthe |eading edge
of the flat plate to the point where the pressure begins to
rise (see Fige ).

Reynol ds number of the turbul ent boundary |ayer just upstream
of the interiction (see Fig. 9).

Value Of Ry Or Rt at the separation point.
Reynol ds number based on aerofoirl chord.

The displacement thickness of the boundaxy layer at the
beginning of the interaction (see Fig. 023

The upstream influence distance of the shock wave (see Fig. 4).
Lerofoil chord.

Di stance fromthe leading edge of the aerofoil (measured
al ong the chord lane).

Velocaty corponent parallel to the surface of the flat plate
Regultant vel ocity

Local statac pressure at the &ace.

Static pressure in the free strean,

Static pressure at the surface upstream of the interaction.
The maxdimum static pressure at the surface

The static pressure at the gurface at the soparation point.

The static pressure at the trailing edge of an aerof o
The pressure coefficient at the trailing edge = -------=--

Total head in the free stream,

Total head 1n intake after conplete daffusion.




—

10

11

12

Author(s

A Ferri

A Tage and

R F. Bargent

d. Ackeretb,
F. Felduenn and
N. Rott

H W. Liepmann

C. bu P. Donal dson

J. Alen,
. A Heaslet and
G E. Nitzberg

=T

V. Iiepmann,
Roshko and
« Dhavan

w>T

WW. Barry,
H. Shapiro and
P. Neumann

mx T

W. F. Cope

0. Bardsley and
We A Mair.

G E Godd and
D, W.Hol der

G E.\Gaddy--
D. W « H Oﬂfd;él?‘r; 9.'!19};
J [ D . Reégn‘;

- 45 =

Ref er ences
Title, etc.

Experamental resul t s with aerofoils tested
an the hi & speed tunnel at Guideonia.,
Atti di Guidomia No. 17 {1939).
Translated as N. A C A M. 946.

Shock wawye and boundary-| ayer phenonena
near a flat surface. Proc. Roy. Soo. 4,
vol . 190, p. 1. (1947).

Investigatiors of compression shocks and
boundaxy loyers i N fast moving gases.
Institut fur derodynarik E.T.He Zurach
Report No. 10. (1946).

A R C 10,04k
(Received 7th Septeuber, 1946} .

The interaction between boundary |ayer and
shook waves in transonic flow.
J. 4ae, So. vol. 13, No.12, P 623 (1946).

Effects of ainteraction between norral shook

and boundary layer. N.i.C.i. CB. L4427 (1944).

The interaction of boundary |ayer and
corpression shock and its effect upon
airfodl pressure distributions.
N.4.C.A, RM A7A02 (1947) .

On the reflection of shook waves from
boundary |ayer. Galecit Report.

The i nteraction of shock waves with
boundexy | ayers on a fl at surface,
J. Ae. Sc. vol. 18, No. 4, p. 229 (1951).

The neasurement of skin frictionin a
turbul ent boundary |ayer at a Mach number
of 2.5, including the effect of a shock
wave. Proc, Roy. Soc. A vol. 215, p. 84
(1952).

The interaction between an oblique shock-
wave and,a turbul ent boundary |ayer.
- Pnil. Mags Ser. 7, vol. 42, p. 29, (1951).

.The interaction of an oblaque shock wave
with the boundary |ayer on a flat plate.
Part-T., “Results for M = 2.
ARG LS.
« 24th, April, 1952.

‘The-interaction of anoylique shock wave

% s wwdthethe:boundary layer on a flat plate.

1 PartI%; -Interin note on the results
for ¥ = 1.5, 2, 3 and 4.
ARC  15,591.
30th January, 1953.

13/



No.
13 S.
A
1L G
15 N.
16 D.
H.
17 J.
18 J.
See
also D
R
}‘LI
19 C.
R
20 L.
21 H.
M
22 M

Author(s

M Bogdonoff and
H Solarsid.

Drougge

H. Johannesen

Beastall and
Eggink

Lukasiewica

W. Hol der
J. North and
Chimeck

Da P. Donal dson and
H Lange

Howarth

S. Tsien and
Pinston

J. Lighthill

Title, etc.

A preliminary investigation of a shock-
wave turbul ent boundary |ayer
Interaction. Princeton Universaty
Aeronaut i cal sineering Laboratory
Report No. 18, (1951).

Experanental I nvestigation of the

influence of strong adverse pressure
gradients ON turbulent boundary layers

at supersonic speeds. Paper read at the
8th International Congress on theoretical
and appli ed mechanics, |stanbul. {1952),

Experinents ONn two=dimensional super sonic
flowin corners and over concave surfaces.
Courmnicated by P.D.S.R.(4), Mnistry of
Sll:pply. A.QRQCU 14,607-
29t h January 1952,

Saue experiments on breakaway in
supersonac flow Part |.
R A E. Tech., Note Aero. 2C41 (1950).
Part|l, RAE Tech Note Aero. 2061
(1950) .

The influence of nigh adverse pressure
gradi ents on boundary | ayers in supersonic
flow. ~ University of Toronto Institute of
Aerophysics UTIA Report No. 21 (1952).

Conical flow as a result of shock and
boundary layer interaction on & probe.
R & M. 2669, Septenber, 19.8.

Experinents Wi th statac tubes in a
supersoni ¢ airstrean, Parts | and II.
Rn & Ml 2782- JUJ‘V', 1950!

Study of the pressure rise across shock
waves required to separate laminor and
turbul ent boundery laoyers.
N.4.C.i, T, 2770 (1952).

The propagation of steady disturbances
In a supersoniCc gtreaa bounded on one
side by a parallel subsonic stream.
Proc, Cagb. FPhile Soc. VOl . ki,

Part 3 (1947) .

Interaction between parallel streans
of subsonic and supersonic velocities.
\]. A.e! Scl VO| . 16, '\b. 9’ po 515 (19}.‘.9).

Reflection at a laminor boundary |ayer

of a weak steady disturbance to a
supersoni ¢ streap neglecting viscosity
and heat conduction, Quart. Journ. Mech.

and App. Maths. vol. 3, p. 303 (1950).

23/



25

26

27

28

29

31

32
33

34

35 D.

duthor

4. Robinson

K. Ogwatitsch and
K. Wieghardt

M J. Lighthill

L. Lees
L. Crocco ard
L. Leos

K. Stewartson

G E Gadd

G. E. Gadd

K G Tadizen

Ko V. Todd

D. V. Hol der,
#. Chinnecic and
G E. Gadd

L. Spence

- 47 -

Title, etc.

Wave reflection near a wall. College of
Aeronautics Report No. 37.
AJR.C. 13, 252. May, 1950.

Theoretical analysis Of stationary _
potential fl ows and boundary layers at hi gh
npeed, German wartine Report (1941).
Transloted as Noi.Cene T 1189.

On boundary | ayers and upstreas influence.
Part |1.  Supersonic flows W thout
gaparataon, P.RS. A vol. 217, »p. 478

(1953) o

Intaraction between the Iaminar boundary

| ayer over a planc surface and an incident
oblique shock wave. Princeton University,
aero, Eng. Leb. Report L3 (1949).

A axing theory for the interaction between
dissipative fl ows and nearly isentropic
streanis. J. fs. SCovol. 19, No. 10 (1952).

On the anteraction between shock woves and
boundary | ayers. Proc, Carib, Phil. Soc,
vol. 47, part 3, p. 545, (1951).

On the interaction with a corpletely
lagrmer boundary layer of a shock wave

generated i N t he nainstrear.
A R C  15,100. Ist August, 1952.

A seri=eupirical theory for interactions

bet ween turbul ent boundary layers and shock
waves strong enocugh to cause separation.

AR C  15,543. 10t h January, 1953.

The pressure on the base of high-speed
projectiles: a survey of recent rcsearchs
A RC  14,97. June, 1952,

An experinental study of three-duiensional
hi & speed air conditions in a cascade of
axial~flow coulpressor blades.

R & M 2792. Oclober, 1943,

An experanentol investigation of tho
interactacen Of 2 shock wove with a
quasi-uniform subsonic shream bounded
with a wall. | N preparation.

Pre‘é:a.ction of the characteristics of two-

AdremeiomnT aprofmiTe. OCovmwmdcated T



39

41

42

43

45

47

Author{ s)

4. Fage

H E Gamble

A. Fage and
R F. Sorgent

E. N Harrin

A D Young

H H. Pearcey,
R C, Pankhwrst and
R F. Cash

L. F. Tanner and
H H Pearcey

W. E. Rogers,
J. Berry ond
F. Cash

Ao0Om

L. Hosking

. A, Zaloveilk and
P. Iuke

mao

G P. Vood and
P. B. Gocderun

- 18 =

Title, etc.

Some aerodynamic advances. Proceedings
Third .nglo=snerican Aeropautical
Conference, p. 329 (1951).

Soue effects of Reynol ds muber on a
canbered wing at high subsoni ¢ Mach
nurbers, RAE. Report No. Aero,. 2423.
4uR.Co 14,408, Moy, 1951.

An air-injection method Of fixing transition
fron lapdiner to turbulent flow in a boundary
layer. R & M, 2106, June, 1944.

A flight investigation 0N the effect Of

shape and thickness of the boundary Iayer

on the pressure dustribution in the

presence of shock.  N.i.C.i, M. 2765 (1952).

Boundary layers and skin friction in high
speed flow, Journ. R ke. Soc., May, 1951,

H gh-speed tunnel tests on a 10¢ thack
R.A.BEe 102 two-dimensional aerofoil with
257 flap;, results at zero incidence with
L°flap deflection.

A RC 15,176.

8t h septerber, 1952.

Some observataons 0f the flow round | eading
edges of different radii at high incidences
and high subsonic speeds. In preparation.

Tests at high subsonic speeds on a 107=
thick pressure-plotting aerofoil of

RAE. 10y section: Pat |11 - Tests with
fixed transition position.

JX;R.C! 13,947-

24th April, 1951. (To be R & M. 2863.)

Vickers Armstrong Ltd., (Veybridge) Wind
Tunnel Report NO. 2015 (1953).

Sone i ght neasurenents of pressure=
dastribution and boundayy-layer
characteristics in t he presence. of
shock. N.nsCehe RM Noo 18022 (1948).
(WACA/TIBA 865 .)

Investigation wth an interferometer of
t he flow arcund a circular-arc airfoil
at Mach nuribers between 0.6 and 0. 9.
NedoCose TN 2801 (1952).



50

59

52

53

54

55

57

58

59

Author( s}

J. R Collingbourne and
A c. S. Pindar

Outnan and
A+ Lombexrt

D. w. Hol der

>=

A. Foge and
. C. Johansen

D. W. Hol der,

R J. North,

W. G Standring and
J. S. T. Loons

H.q Chil’].‘t‘l@ck,
D. W, Hol der and

C. J. Berry

R C Pankhurst and
H B. Squire

B. Gothert and
| . Ay Moir

See for exarple:=

A, Fags and
R F. Sargent

B. Regenacheit

K. G Anderson

H Iudwieg

Ph. Poisson=Quinton

K. G Anderson

w 0 =

Title, etc.
R A E. Tech. Note jero, 2221. 1953.

Transonic separation.
J. Ae. Sc. vol. 15, p. 671. 1948.

Note on the wakes beh:ind bodies movang
at high Mach nmutber. 4.R.C. 14,720.
11t h MaI‘Oh, 19520

The structure of vortex sheets.
R & M. 1143, (1927).

A hi gh-sEeed capera for the photography
of shock-wave ogcillations IN a wind
tunnels, ARC 12,543

3st August, 1949.

Obszrvations of the flow round a twoe
dinensional aerof oi | ogcillating in
a hi & speed airstrean,

A R C 15,441,
23rd August, 1952.

Cal cul ated pressure-distributions for
the RAE. 100~10). aerofoil sections.
R.u.E. Technical Note No. Aeroc. 2039.
C.P. 80. Maxrch, 1950.

German high=speed wind=tunnel results
collected. by RAE Tech. Note No.
Aero, 1684. A R C  9064.

Avgust, 1945.

Effect on aerofoil drag of boundarys
| ayer suction behind a shock wove,
R & M., 1913. COctober, 1943.

Drag reduction by suction of the boundary
| ayer separated behand shook-wave
formation at high Mach nunbers.

Non.CoAe T No. 1168, (1947).

Preliminary investigataion of boundary
| ayer control at high subsonic speeds.
U S. Aax Force Tech. Rep. No. 61%. (1950).

Resul t s of experimental investigation at
high subsoni ¢ speeds. A. V. A Monograph E. 8.

Theoretical and experimental research on
boundary-| ayer control = Proceedings of
the VIIth International Congress of
Appl i ed lischanics, London.

Sept enber,  1948.

I nvestigation of boundary-layer control

at high speeds. « U S. Ajr Force Tech.
Rept. NO. 6344.

59/



|5

60

61

62

Author{ 8)

M Pindzola

D. W. Hol der and
R. J. North

D. W. Hol der,
L. Chinneck and
D. G Hurley

D. Beastall and
R J. Podllant

-50-

Title, etcC.

Supersoni c tests of conventional control
surfaces on a deuble~wedge airfoil.
J. Be. Sc.vol. 17, p. 204. (1950).

Obgervations Of the interaction between
the shock waves and boundary |ayers at
t he trailing edges of aerofoils in
supersonic flow ¢C.P. 53.
28t h Deceriber, 1950.

(oservations of the sipersenic flow round
a 6 per cent double wedge. C P. 63.
(1951) .

{find=tummel t est' s on two=darensional
supersoni ¢ aerofoils at M = 1.86 and

M = 2.48. R.hAJF. Report No. hAero, 238L4.

A.R.C. 13, 768.
July, 1950.




¢ cAppunog 3nowm pup yii #1035 joupn3ibus oM Bwy 30 suennquisip . aunsszd pup susannd Koy y6id

0 (Plursooapous auibs 4o wondauas spmbay (@) - 0 d4skop duwpunoq  souiwsi Awonwr 2N ()

03§

G =
AT

o
4

I T T ITET I7777 777777

P

HIBYS IUBPIDV]



Fic 2(a)
From source Settling chamber with
oY dry com- bas¥igs , horeycomb
pressed aur Ao gawze Screens Di¥fuser

Stop
valves

Control Nozz‘le
valve Wor-kmg sechtiom

To atmd%pha re

Gener a) arrangement o% the kunnel

Fic 2(3)

% A IS, ////?)
< N}&%\X\ ORI GRS

Flow  © Wedge wvseod tO ycnerata
\ o shock
Flat plate

— e —

B

l A B N N N N N N N N N N N N N N |
W pass Yor tunmnel-wall boundary layer
SIS IS IS IS |
Dna,gr-am °¥ t h a working sectiornwith wedge ¥or externalty
generated shock5

Fic 2 (c)

A WEVIIIIIIIILIILLLES,
B
R sl iva

Wczdgcz on plate ¥or shocks generatoct withn® the bourndar,
i'a.BQ,r-

Fie 2 (a-c]
Datails of tha apparatus used for investigating the
mmbkerackion of a shock with the bOU!"‘JdaT"Lj !a_l:j\}:l"' on a

flat plate







Compr'ee
Flow Patterns /’/
o'o ‘

Flow
direction
——p

Displacement thickness Edqge of bovndawy
here 8% N ¥ layer

—_— \2 \i Wal Dea
| ]

- h_< ;_ 4,
Reyrokls number K, based Upstream
o n this length distarce d
(a) Vcr:y weak shock (8) s

Pressure Diskribvtions
at Wwall

, T Pregsure

Pmax

Distance along wall —s

Fig. 4. Boundary layers Lammar Over Whole Region of




(-] IO
> 4
/ // a
>/
/ o 7 - 6
A ,/ / 4
“o:f/ 9’3 4“
/ ’/ ! 5 ‘bor ‘}\of
(0]
| re  I'3 | 4 S le 1 | 19 19 20 O 002 004 006 008 010 Of2 044 Ol 018 020
Pmax C 2 Prax - F
ad Pimax
i _12. Maz P,
Fic. 5. Bounala.r-g layers laminar over whole region o f interaction.

A (IO“‘)}. Pmax
Facktor % (Ro ) * as_ fumnctio 3 na__“rmax




Compression waves

. Flow Patterns,

Flow’

_ direction
_—

Displacement
iy thickness here §,

Edge of boundary lager'\\

N
_ Irf’_rlsi[ilon wall Transibion | ~ —~ .\
- P - —_— ~ >
Reynolds number Ro based Upstream d
on this length distance 3
(a) F@srig weak shock (b) Stronger shock

Pressure Distributions

ac wall Length

—— ——————.
of foobL

pman T

pressure

Top\ of foot

P (pomt of lﬁﬂPXIOﬂ)

distance a,lonca wall

Fic 6. Boundary-ay er s laminar at separation tut Curbul




Pm,
P,

, \ L\ \ ) 23
\ S~ —
\-

60 N — Pmax T = L

,.—-—-_\ \\w\=18
* N P
40 / m—— P siae __\""::-=

/ wholly laminar N Laminar at separation but
20 turbulent before reattachment
[ | |

"0 2 3 4 5 S} N, 8 R%s

Fic 7.

d Boundary_ layers laminar abt separation . Mz 2
Factor 'g'* ap function of Reynolds nurmber R at various shock strength
o o

—~ 0




800 800

700

/ // 600 ';)

SO0 - > SC0
| <
<00 % 400
Q00 g 300
00y 4
Sol // / / 7
200 4 7 200
// /
0 100
ol | L . o
| 2 3 4 5 6 7 B 9 ol 0 ©I 02 03 04 OS 0 6 QM8 0OS 10
Pmax c Pmax ~P,
Pmax * —& -
P X M2 g
Fic 8. Boundary layers lamimar at  separation  but  turbulent before reattachmenbt. Factor.

T
%% (‘IRO%)A as  function of Prmax CPmax
) Pi




Flow Patterns

Flow
direction
> Displacement
thickness here
6*
(o}
Transition Turbulent —
Laminar \\\
|
7 < > -
Leading edge " ‘peynolds number R, based  Upstream
of equivalent o n this length distance d
fully turbulent
flat plate
(a) Moderate strength shock
v
Pressure Distri butions Pmax
at Wall

P P

Fie 9. Bounda,rg layers turbulent over why




'qd

o]
W3S TFTE — xeag 30 uonoumy te .._.uwl 407Je 4
uQIqoPI23Ul 3O UoIbBI 5T J2A0 T 0zma.mg e1dher RIepanog 0l

)

Z
4w X 'd
d- Yewdq = nmEQ.U XQw 4
o 60 80 LO 20 S0 Vo €0 zo 10 OO 21 H Cl & 2] L 2 1 14
- 4
\ 04& Z P
L To\* i L Ve
\\\\\\ or \\\.\ /
Ay
\\ \c‘. 00 \ \
4
/ £ Ay
o@ 0@ .a Ohs
& \
o
Q ! S /
4] \
|

&SP



.:(n-ot..'sdﬂ.‘t'z “longitudingl scqle as. Pht)mgraphg)

-'-Fig-ﬂ#' Camparumn M-"e‘ﬁz"ct'ﬁ'-'c‘sf-”‘z::‘rt'ii-s’"c:éaé “and “natiral’ tmns:tccm

~Fiow patteras “and przssum d:str:butmns ' ‘ot woll ot M=2.

A Stagnatson przssure 25" Hg aby, transition: free
(b)) Stogndtion  pressure 25" Hg abs, tronsition fixed
ey :.Stagn_a-.tscm. -pr.eisfs':u_m_ 1?0 Hgabs trcns:tm

Cfree

; 'ﬂ'ﬁ-'_d' )



Fig !2 _Tﬁrhaie-nt-'_ boundary layers @t Mach number of 4.

The pressuce rise in the region of interaction is -slightly

afeater with the wedde on the plate, ‘Bul ~the -upetrecm



d (,04)3/4

85 \Rg
IS
LExternallg
ggnerated shock
/J
/
1o 7
/
’
A
To where /To where
shock plane // shock
rmeets plate / strikes
/boundary/ Wedge
/ layer on plate
S
/
O
10 IS 20 25
Pmax
P
FiIgi3 M,:3 Boundary layers laminar  over whole reQion

of interaction. Comparison 0 t upstream effects
with  externally- generated shock and wedge on plate




d Ro\%

§% 010%
40
T
Externally
> generated
30 shock
%
/
/
/
To where //To where /
201 shock plane , shock strikes
meebs plabe / boundary layer
Wedge on
plate
1o , /
/7
5 5 Fmax 7
R
Fic. 14
Mo=3» Boundary layers laminar af separation but turbulent
before reattachment Comparison of urstream effecks wibh
shock and wedge on plabe

externally- generated




§o

74
F'\
50 /
Externally
’ generated
shock
To where ’
shock plane
meets plate , /
25 L7100 where
/shock 5br1kes/
/ boundary
layer
Wedge
on plate
s /
s
_lr
_- /
-
/
o) Pmax
| 2 3 4 5 o 7 Vo
1

Fic. 15. Mo-5 Boundary _ layers turbulent over whole regon of

Interaction Comparison o f upstream effects wibth externally
generated shock and wedge 0 n_plate.




Fic 16.

W////////////////////‘//////

Main
nozzle

Secondarg
nozzle

Sketch of the apparatus used for investigating the upstream effect:
of a wedge n a guasi-uniform subsonic stream

Fic 17

/,Theorg ref 25
'--.\\ >
\"\

Experiment

rise

at the wall
/

r O of the total pressure



%

. iﬁ} “With '_-'idfm_'%ﬁ'ﬁ'r' 3”?&@6-2"1'6'&?'}73Ziﬁ{?@f‘f' apstream ot §'h:@fc{§§*.._ >

Cat-atto

() With turbulent bsundary=layer upstreom of shock.

F'tié. {8 . Chanie 1 hsck-wave pottern due to lomingr boundary-
Tayer seporation. upstreom. e ST A
(67, thick RAE 104 Aerotoil; M= §:90, A=1-9x10°, NPL Tests.)



oe % :'_-@rls e

With faminar beoundorf-layer upstream of sheck,f

o6 o =N oy .j{:}‘%

(b)) With turbulent bobnddry-layer upstream of shock,”
pe . P g%ﬂ}é R . ;



|
//f:XP—R=&5xm5
_— 6
- K——-R=| B x10
-0-6 V. ™\ &
=R =08x10
_M_'-_'_O___ —_ __H-L \\ I
Normal L.E. \\ ‘\\ | l
T 1 (a)
|\
Laminar back to |

Boundary-layer

Turbulent from
hear L.E.

fR=3.5x108
\_R=18x0°

(b)

\

1
\ .
Laminar

\\‘boundarg*

\ layer
1

!
‘ Turbulent

\*boundary-
layer

\
\
\\
\

0.2

0.2 04

x/c

Fic. 20 (a-c).

06

(c)

0-8

Effect of Reynolds’ number and of fixing transition n a wind -

tunnel experiment (ref. 38).

Mo = 062



036

040

P/

Ho q /
04 4p——o N

|
]
. \l 41
048 I\
|

J V., D § 4

052

0 56—
0 0.2 04 06

-‘I;/C

Surface - pressure  distributions

—~==0———  Smooth

—i——  Transition

wirng (laminar boundary = lager back b shock)

fixed by wire &b about 0 O5chord

‘0‘70‘9_"“3"3_,____ o
0-8 ¥ =
M 06 M
e 0 4{5
o2l
/

o004 000d O 03 a as

y /e

O 020 O 024

Boundary - layer profies mmmediately ahead
o f shaocK

Fi.20d Effect of fixng transitiorr N fhight, ot a special  smooth
wing_(ref, 40) Mo =a.70




{m=mass

. ot air injected
p=mass flowin boundary

igyer)

i

L

t*) .

0:013 (turbulen




o3%.)
04 /“_‘_“
O+*5 : LY
] 7 _Scnic _pregsurce \
NIRRT \\\
A
()7
. 1\
P/HO (a) Pressure oisbribubions on vpper ‘\\
surface ak M=0.78, a=-1"5° N
07 4 ™
I
C-8 L
I
X/c
oqfl 01 02 0% 04 05 o6 07 08 09
\
|
| One 100 megsh gauze (dlr'tg) and poor etraughtanar\s;
o | —~= =]l One 100 mash gauvze (clean) and pgor stranhtenars'
S
Q I Jre 100 mush gauze (clean) and no atraighterers
—— KX Two 100 tnash gavzes (clean). and improved
, Straighteners |

0014
Theorekbical dr—ag for
Constant transibion
0-012 pezc positions
-_._--- Ay
e —
J ———
e
- ---_-_---
©:Q10 1~ 0uac — ] —————t—
C B 0
D Y~
—_— .
0-008 b0 S —
06 J\ 1 " v
-_--'-'_‘"-
" --.-._---—-
— 11 X
0+ 006 x e
+— A —F
- / - v
oo Mecarn branrnsibien [067c
o4 Poeibion (obscrvad) O*69c
0+ 002 :
(3) Profile. dran ak law  Mach i seebos e




g
- /'
/// /'/.
Vd
® P -
0 Ve
L D
- g //
£ yd
-
Locus of downsteam
pressures for mormal
shocks
P 2
o H
4 o
i increasing lmcreas:ng
downwards dowrwards
s Oof Cowm-
pressures for —e
normal shocks —0
an - | , - b () 5ame Flow as (&) bul witrn a —b
&) One-dmensional, imviscid  flow - a decrease M  pressure recovery Qownstream 2

of shock, such as mignt ve€ caused by
separation

Fic 23 Shock movemenmt Lrrdush a  oomvergert — dve-gent nozzie for a certan  rate  cf Cecrease m
3 S S

exit  pressure ( a;agr-ammablc)




10% RAE 102
10% RAE 104
6°/° RAE 104

'?i

/

/

Va
—~ T — ’ T 1
/l]l/, /J

4]
o
c
2 g
a <
— & ,
c
w D {
L
wa
D % o
— 8 c ) — < -
L@
c o}
a O
g <
pr]
)
.ri.llm ._nm = L] ) \L am—
0 o 63 o .“.3 o N L]
3 m ..R.“_ = - - N [
- S o ™~ - o a
@ 4 I 1
d 5 3
— m .ﬁ wn g e H 1
0 °
7 o w.p 03 07.. O..l A
99 g
= = Q I
u Q 3 _ o] —
- -1
| AR |
arsn> Buipaancons JZ=TP 49 aaun> Buipaasong
yoea Lom. aenbs u.co _u.o:mmmmum 0= D 404 B ..m._m:um auo nmgmomﬂm t0=1 4oy u_thm ) yIea o4 m»._mﬂ.un mcm Um._mmm@m ‘0= 1__0“_ i
= o < ™ o [o"] /\ [ ~ =i ~ ( i < ™~ o
1 m . _..w.ru Q
U O o



-4
1 34
124
Local
M
Nk
(O
0
(9] 04
11
Lo'&al . 05
-4 ———— = — | e - T~ 0972
|O //H—ﬁ/:-'"—"‘ -""-\.,__\\ \ \\
" -_-’__-- e W \._.__._‘-.
B e et S opn Y TESE Pt P Sl S
A T = — T To e N e L iy g
1P AP R ____________1\“"-.1‘:032-::-1_,‘ \\*ﬁ
- P Rl S g Py
PP ] | — [y
[ st i o 075 - “No v
1y A
/
i .
i
I o -
( Lower Surface I :
| | I/ l ] JOI@
0 01 02 03 04 05 06 xip0 08 09 )
20 —
b5 \\ —
VM= 0 75
\ Loading
\
10 R -
N - Mo 0 5es
\ ~—~— 0
~+—-0 B2
NN S - g
I») 5 \\\.‘ &h_* _"O Bg—- — \'. “] %\ —— —_— e e ]
7‘;3""' :"‘1 97 e —— e =7 ‘\ 596
Ap s S Ry N 0 94
Yomp? 094 and 096 \ N — e
qu —— 1 by ""‘--.______ ~
0 A
7 K 7
0 75 /\./
0 97
-05 T
Fic 25.

Surface -pressure distributions for 6% RAE {04 aerofoil at 2° incidence

(NPL tests, transition fixed, . R = ! 8%

10% )




,h.wﬁ_um.mﬁm “sysoys o wozaisdn  paxiy anmﬂm.r.o._.w fs3s2) QZV
. . .

/A

R

"22u2pOul T 1D 1104042V HOI IVY

9 403 sydpsboioyd ROPDYS~132210 ep .w_m.




G 27

I
I .
1 N\,
=02 i - ]
M/E/’
ca AT
X/ = o048 on lower .Suf{a = [ | ‘
Q1 —7 ] / |
Karmen - Tsiern  law {
— |
© l Cp for
p | local M=10O
0l Traling-edge . | Y
9 o T g&_o_ l ~
o v
| ;U s
"
-1 ¢ 3
R
T 0% L.
8 &
S, 2 J
St :
w
* L
05 o6 o7 o8 o9 1O
Free - stream Mach rnamber, M,
Yarabion of Cp for fixed ponts on  the swrface of 6% RAE 104
derofol ab 2% wnoderice
(NPL  tests, Transtior fued , R= 18X 10%)
FiG 28
1O o
/xl
| !
06 o Upper surfdce r Vi !
x Lowar surface - | o
(The position plotted for 8
04t bifurcated shocks s that I oy
of the "toe” at the surface) 2 °
] A i
Q
o2 gg! g
5, B
S 25
l : Pl 8




1O

nw 2bp2 __\u

|

(a) Total Cp

.Umc_:mrﬁ 1€ p2yoedd _n_n__oo_s\, QoG — A4
/\ Qr
o <7
JMS J2MO[ U0 payoe2d 1sHd3  hqioo)2a 210G | K-
— —  —|poaszsgo 1qsdty  uvonesedag — O
- AN
o
) L3
\ ° 8
- o®
Y [»] < L C
n =
= = 3 9
T 0 3 Q
. QO ©
o)) © [
L] o [ [
Ny T 2 5 a
& - m _alu e} 0 4
5
C 8 oo “ 5
58 S 2
0 o 0
w} o ~
[ 3 H
L £
a B |
pr——— ) ———————
. e
O
® o) |
y-lluom&.ﬁo aaddn wo  payoeds qeay  A00i2A 2wmeg — -4
TN
o
e
- ¢ oo
ﬁ o Dn.v_Mm. -
N Y - o © o < e o o
Q My
< Q o o o o o

06
05
04

Cu



004

| | | I i
002 | '
|
o F . N
(o] | \ I
Cm (va chora) 7
-0 02 §
o
L a \ .
-0 04 mt’{_ -
43
U
o' 0 & g 0 2
05 V2 07 0 8 L % 10
Mo r |8 2
5 ¢ fE LE &3
002 B ) 9,__3‘:5‘__3_‘3
| BRI
gofey|  8E”
0 o Smce <m ﬂg g F
y A _Joof— g
’//‘L\ gc U})
X ,L: X 4 i_T i n o E
I Lower i o W 8—;}
-Q 07 T surface N~ - ]
\I N°
\ |
-0 06 4
N |
\
\\
-0 08 i i\‘\q
(PO-P) (_I_i)d(z) \\X.
T 4 C C
/2 2
o\ o0 \\
T (b) Integrals for the separate surfaces L/rl’
-0 12
014
ot
~016 55 06 07 08 09 10
Fraa-stream Mach number, Mg
Fig 30. o
Variakiom 0 Cm (74 chord) For 6% RAE 104 aerofor ab 2° | x&-

- é
(NPL tests |, Transibion Fixed | R = | 8x10°)




06
04
=
-
04 7™\
v,
03 : /
~-
—T " f—T o
4
: \ \;/
ol \\
0
0% 06 07 " 0-8 09 to
T T T T
o.; 10%. .thick RAE 102 (o -213°) A
0061—— AA 10% thick RAE 104
VI 6% thck RAE 104
COA—  Filed -in symbols denote Lthat
separation was observed /
002
o MO —— -,t — o=
Cm (V4 chord)
-002 \
o
-004
-0 06
-008
05 06 07 08 009 10
Free -strearm Mach number, Mg
Fic 3.

varakiory oS Ciand

Cmfor three agrofol sectioms each at

2° Incidence

(NPL tests,

Trarisibiorn fixed ,

R=| 8x10°)




10
#
10°/ RAE 104 /
08 L ,
/H
F 4
coe —
x/c |
ve / |
Seovaration first
observed omn upper
surface |
Q
05 06 0-7 M, 08 0 9. [0
o u'oper'— sur-fsice
% Lower surfsce
-0 i
3
0-8 109 RAE 102 1/
(2 13°) /f/
o e [ A
:r'/c /’/o—o‘f"[
| |
/ I‘:')e.par'a’ltlon|
first observed
0-2 H— on f
Up,oer" Lower-
surfice surface
o V! 1
05 0-6 07 0-8 0-9
Free - etream Mach number, M,
Fle. 32.
Chordwise positions of the main shock - waves for (0%, R A E
102 and 104 aerofoiis at 2° incidence (NPL tests, transition

fixed ; R = I8 xl0®).




07

Mg
082
}086
06
/ L
/ 090
5 va .

777
v l
o4 / 097
Sy v
03 //
4/ .
/
02 /
/ ( (a) Effect on CyL v6 a curves
01 .
/4
/4
9 o] I 2 =] 4

Filled n symbols and broken lines denote the range
of incidence or CLf o r which separabion was observed

002

-0 04 -

AN

\\
-006 'y
A
(N
(b) E¥fect on Cyy vs CL curves
-0 08k | i L
0 ol 02 03 04 05 06 07
CL

Fic. 33 (a & b).
Effects of separaktion for the 6% RAE 104 suzr‘of‘otl
(N P L tests, Transition Sixed, R ™ 8x lOG)_




C 2l
6 CL- Ot
ot = = &
s A
[}
Cl‘n('hc) 8 ” \|
-0 02} *; A
8
N
) CL' 02 f
I " P
~004r- Zgro for C 02 T o
i
'
: :
L ',
NN
\ ! —
CL- 22/’_\"‘-——-‘ \U, !
—Zero For C_ *03
N
\ AN
A [
\ I
\ [
CL=04 e I \ ¢
-Zero For C =041 \ <t \
\
\
002 \\
., \
C,- 0'5__._-#"/ N\ \ ":
\ \ 4
0 ) \ |
\ {
\ Wl
\ AP \
1 \ 1
-0 02 \\ \
Conld || 3 Broken curves ndicate the \
) range of Mach number For which \
0 043 separation was  observed N
\
3 \\
=006 3
N
.0.08[__
05 06 07 08 09
Free stream Mach number, M,
) Effect on Cm vs M curves ( const C)
Fig 33¢, Effects of separabion For t h e 6% RAE 104 aeroforll (N P L

tests, Tramsition fixgd , R¥ 18210%)




Direction

A

——— o [ ]
of Free- stream == J2

B

—

A and B are the poinks at which the surface s tangential

ko the direction of the free stream.

(Note: The movement of the shocks is shown |n fig 28)

005
e
004 — {____
Total form drag
(i e. sum of the two
003 contributions shown below) | , Y, —
Coor iy Mach N at which
002 upper surface shock /
passes ,po:nt A
o0 !| /)
—  — —
0
05 06 0.7 M, 08 039 1o

Filled-in symbols denote that separation was observed on the upper surface

004
003
I \ | \ . |
Contributions from the separate surfaces
002 | |
Co
( '
orm) Lower surface ! ~
0:0| (= e _v_ —, I .v r!, |
Shock crosses |
point A I
0 I /| Shock first formed
- Upper surface on lower surface
T . o} , (betuind point B)
00 ] | R
05 06 07 08 09 1
Free - stream Mach number, M,
Fic. 34.

Variakion of form -drag coefficient for 6% RAE |04 aerofoil at 2" jncidence.

(N PL tests; transition fixed ; R =18 x 10°)




! T [
!
. ]
- | L
| —— B e R S - -
4 | . b
M, +or sepa.mt.on -
- _(_5_%_e._f_'q 3’_@’2_,.____ e T
[ Filled - 5‘jmbo!5 ' 4 e ™ N
derote Lhatbt i -+ .
separsibion was
| 2~ observed 4 . - - A
M& X Irmum
Local Mach N2
| & f =
/
4
p-9 /V f/ P o
rd -
4 e P
%/D///J
08 % o2} : 5 _
/ 7/ - P - 7
ﬁ/,/// v & = 2 13°
-1~ a &« = |- 3°
0-7 / / e o &« = (g 173 4
/7_ / /n/ -~
of o \m
- Upper surface
A
I o S MR R T Lower surface ]
0 6 A
L
Lrg
05 [ |
o 5 o © 07 Q' e 09 18
Free - skream Mach numbe~ M/
Fic 35
Ma, ximurm ilpcal Mach number reached on the surface of
l_O_% RAE |02.gerofoil (NPL tests , transtion fixed

R = |-8xl10°




| 40

]
For each COﬂ'Flngl’dt-k_)ﬂ tested, an
uvnfilled symbol has been plott ed
138 - to ndcate  the tnghest local
| Mach number, M,,observed (jurt
< upstream of the shock) with no
J separation and a filled symbol
136 = .
v to indicate the lowest local
y . Mach number observed with
< Su parat on
134
Tests on 10, RAE 102
! & Plam
132 v Flap deflected
g > With spolers
'Y » 14 with Spoiers il with
130 'S | Hap  deflected
0 1% KAE a4
4 4 o &° RAE 4
vag - \LQIUQ oF MI = '_4 /o |14
Local for separat.or 1N
Mach E ®
126 \J\ Ti_.
3 \L\ > B> < .
- [ 4 >
l v B b g @ .
< - 3
b ~
122 3 = %‘ e -
] q ~
4
fr N
e
120
aq ||la
[+ A ADD
é v
4
18 - -
b P
) >
b
g A A 0 O
| 4 e' (S
1i4| u& £
Fay
u} -
(Y]
> o
110 T
[a )] o7 Q8 09 1Q 1l
Free - stream Mach nurmber, Mg
Fic 36 -
Observations  of the local Mach number just oupstream of the shocr
for which separdbiorn  occurs on derofouls

(NPL_teste,Turbulent: Boundary lLayers, R = | BA10°%)




17

b

with separation

For ecach con‘?lgur-'adtioh Eeated, an unYiled tat_.,mbol rae been

plotted to indicate t h e highest . pressure - rakio, ;z :
the ohock wikh no separation
moicate t h a lowest valug of t h a

and a filled snjlmbol to
prassure rakb o observed

AL ross

Tests on 107, RAE 102
& Plamn
< V Flap de¥lected
> With spollers
v with spoilers and, with [——
Flap de¥iected
« ¥ o 10% RAE 104
" . © 6% RAE 104
AN
N3
A
PD"E
'. [ 3 N
P——-—-—-.-. . .
Preasvre—rakio i v
for oaparahion ! ‘* °
[
4 g ‘_4” -
v P o 31'
g i w2 |4 X
Pe.
s By
5 b
4 s
4 ]g %
1|J o
‘|>= b
[
n] > @ d
06 07 08 0 9 10

Frge -skrearm M a c h number, Mo

Fic. 37.
Qbservaktions o¥ t h e

pressure ratio across the shock for

sgpaRr-aktion occLre on aerosolls

(NPL tests, Turbulent bQ_L)rxja.r};__\a.gczr:, Ra-—.l8x|05)




Fio 38 Comparlson of pressure

observed and

predicted

| 8 ,
-/
1N
Pressure ratio -};a-
i
across a normal shock
16
I+;’5M|2 [
/ \
15 ) >/ /
[N / /
P /
P ]
l Separation for normal,” / AN
shocks on aerofails \E\ s ¥
observed J |+ =M 5
4 fobsers?) > Qﬂ' .
( ™
<
/ d ~P-cssure ratio, Ps
for separation P
13 //
/
1 2
B -
o3 _
He 1 12 13 ! 4 15
Mach number Just upstream of the ml:er'act.on) M,
ratios for separation as



Upper surface

0%

— X l
o= ° /
| . i Presarce ¢f STEe~ALIOM /
at ths Mach No x
06 ] imfFerred From Cp-g -
i
v 5 l . [ Thv-p
- Lower surfacg
04
1
0 3 V4 —- - - —————
0 ‘?i ’ = '***L’“— :
0 B2 0 84 0 96 ¢ 88 0 20 0 42
Mo
o8 T = 1
c |
| Prim .
| X l« - 2 /x 5
g1 /
Occurrence cf separation /
petween these Mach Nos X
06 inferred from CPTE =
s
C
e —E ya =)
05 7
y,
o
04 / X \\
/< Lowar surfacd
’// T e \. J
0 3 e ¥
o 82 0 g4 0 8¢ 6 88 5 85 o 22 0 94
Free-strearm M a ¢ h nurmbarn Mg
Fe. 39a

Shock - wave gositions for o 19 scrmispan of a model

with sweptback

ma [RA.E mode] tests hf. 50), Transition fixed, R='1 75 X 10°),




10 ‘
c NB This defimition of shock position 1s
pmin different to that used in fig 39 (a)
09 gy
cpmln
| o
ol
08 op-7°
30
. | 0-6°
o-8%
07 /
x52
C
06 e
05
ID/
2
04
RAE High Speed Tunnel (transition fixed, R=| 75 x 10°)
o) Flight tests. aircraft C, varging from (017at M,=0 88
o Fiight tests. aircraft C, =0 10 to 0 14at Mo=0 94
03 ’ | ‘ ‘
4 Figures adjacent to flight results denote aileron angle
<
Ol
082 084 0 86 0-88 0 9c 0352 0 94 0%
Free - stream Mach number, Mg
Fic. 39b

Position of upper-surface shock-wave for

0 79 semispan of a model

with sweptback winq. Comparison of fiight and model tests (ref 50)




IO% RAL 102
2°
o
oS 06 07 0 0 09 10
Mo
b Y
ey \ \ %
A\ ~
IO% RAE 104 \ \
a° \
ol \\
N ‘
2° o
19 \
00
oS 06 07 09 09 10
Mo
—o0— Separation on upper surface (lLocal M crateraon)
—a— Rapid fall mn CptE
-y LIft break
=¥+ Lift peak
-0~ Separation on lower surface (Local M, Crlberuon)
3° \
6% RAE 104
20
o .
(© —-
&
d b
0s 06 o 7 08 09 o
Free- stream Mach number, Mg

Fic 4-0. values of

free = stream

Mach numbers for

the

pccurance o f

shock « induced

turbulent

separation

and

the

onset of

certamn o

f its

effects,

NPL

tests on

three

sect 1ons




Rerexiol.

1o

Fi;ﬁw.-_' round a:







I 1—
p— {Q 5
I4 ~ P
10— Lt -—
\:h Ho
—
09 “K{-——-— 0'6
ML "\ \\
~
a - e, 07
07— Upper surface \\
08
|O°° RAE {04 - -——M°=O710
0%, RAE 02— M =073
9
IO
0 )1 02 0-3 0-4 0-5 06::/507 09 09 1O
04
0s
0— P
H,
09 [ o
ML
08— paron] — " I
'—‘—_‘ \K ~~ ~.
,_/ — | — o
-'\\"‘-. —
\:x
| ‘ 0‘8
Lower surface
092
10
22 0-3 0o-4 0-5 0o o7 o-8 09 10
xfc

() M, =07l

Fic. 44a.
Lomparison ot surfice - pressure distributionsf o r the 10 %
RAE 104 a n d R A E 02 aerofols &t 2° Incidence [NP L tests,
btramsition fixed; R x 1 - 6 x[0°)




[
N A TR A AN
- - F T————— - T - 1
\-

o
g °

Upper

sur-face

0-7

¢ 8

|10Y% RAE

10 % RAE [084——— — —
o2

<<Z
o
o
Qo
~3~J
W
.

Q
(=]
‘o

02 03 04

05

06 07 02 09 IO

x/e

05

09 -

=

< : 06

08 —

Lower

surface

Fic 44b.

o1 02 03 o 4 05

(b) M° =

of sasurface =

0 79

pressure

distribution for the 19_70-_

Comparison

RAE 104and

10%, RAE 102

aerofoils

at 2° incidence (N Pl tests,

Eranstion fixed , R 3 I 8 x 10°)




= 03
| 2— ] { 04
ﬁ - ‘
| 1 %’-’ I
M
/ <= |. PHo
. ~— ~
g \
Upper surface
I ma— 07
08
10% RAE 1104 - - -— .M, =0853
10% RAE 102 ————M,=0 855 09
n [ ] I\
o 0l 02 033 o4 P8 o 06 o7 38 09 10
/c:
) 4 1 o3
i %
| 2 g A 04
~ |
~
11— AT \
ML - — \ 05
jod———— = \ g
4= H
/ N °
09— N
/ g —_—— (s ]
f 07
/ Lower surface
[ o8
09
07 03 B4 05 o
(9] s} 06 o7 08 0 4! 1O
Ll
Fic 44c, (c) Mg =0 85
Comparison of surface - pressure ohebtmbutions for the

107 RAE 104 and 107 RAE 102 aerofois at "2° incidence

(NPL tests, Tranetion § ixed , R = | 8x 10° )




Lammar j-baun;ﬁéry 'ang_r- -.: . -

“aerotoil

CFiG.45. The flow near the trailing edge of a 127
e g el
Gt Mo_ l-@ H. a ,.:Q; Q =Q¢a x EO :




05 R I 1o

|
04 il g L

a=0" ' a=2° :
SU R
0 3| s—=x = 3 =t — - ng i —
p/Ho s —Wi’ i L
Upper surface | t B e S S
02 o mane TSRS ;
| S B B e
' Upper surface
Ol —_— — i - - J__ J,___-
05 T
a=4 a=6" i
04 L"—'ﬁ ’&1 — T
N, : x __l |
03 =1 - -
p/HO . A ‘! e -“—x—
Cal 1) Y 1
02 /l 1 —%—% x; %xXi
Upper surface L“__.__ _____ Upper surface 2 %]
e LI "l
O
0 02 04 06 0-A kD
Distance from leading edge. ocfc
05
a= 8°
0 4 i Full Yines, experiment
' Broken hines, shock-expansion theory
p/Ho S denotes observed separation
03 % R e e point
0 2 e
7 S e
Upper surface .*____j___/\': .
ol 1 4

4
02 from leadingd6 08 1o

0 .
Distance edge , x/c
Fig. 46,
Pressure distributbions o n a 6% double = wedge at M, = | 57.

R - D. 8 x IOs, Laminar boundary. layer.




\ EMY S
e F‘rm sirmm R

1 Elfurcaleé
'shock - ' SR
R Separqtmn pmni,;‘:“_' S

Deqd cm' rzgmn Exiernq!”"-"- .
beundqr‘y Iaycr._

Rza{tached 1

" FIG. 47. Flew _znlc -a ‘iyptca! szda mtakz with supzrscmc free -strtmm .

(Turba ient boundexry Iay’zr)



fC . .
I ST ATT S SAMARRRINREBRARMARARSAN
/ Duct less / = \\\\\\\\\\\ AN KN,
/(‘FI"IICCIOﬂ) N \'\\ Normal ghocb:\j
///}// /\\\ N fOS‘J\\\\\\\
edIR N OAAIMNN PR R
09| Approach loss \\1'
(friction) \\ ]
> d
\ lnt:erferenc,/g
0:8 > loss <N
POIHC.S qlven de (tur'bufent. m:mng)
Incompressible
“a flow theory
Q interference CX
'o 071 “losszero)
I
\\—/
w0
N
" 0b
I ¢
S’
>
Q
S
5 05
y-
(Y
)
r% —-0—— Experrmental results (Ref 68 )
@ 04 _
03
‘ >
0
Ob 08 I 0 | 2 i 4 | 6 8

Fic. 48. Analysis of total pressure loss of a Etypical side intake
at desrgn mass flow- ratio and Eransenic speeds
(Turbulent boundary layer-)




DU 2pis 40 PPy LU*H_W__ _H_LMUUE_JOQ UM .AMg fle) EO_%LQQUG e WLU@QU\_Q .mﬂ‘ O_L
O
Q1 v 4 o1 Qo O‘O ¥ o &,0 )

| | | | 3

&

o

ro &

‘u bs ¥y —jppon]  oweau] o paay a3 a

8
!

0

zo 3

T

G

[

o

N

o §

o

X §
EKX:II-J:!I. —

[

. //Jlal}l/ mmsc:m:o& UQL“UU.. n| QRQ\_ |90
O/hnd ~_ o oo ...._u
o/u//o., =

°© nﬂf =g \\ytxmjom 2800 1 1Q wM

o)
g _
X \\uXO\‘ tl‘hk// ADDZ
o T o o8 = o ~
X m@UE.ﬂ Oy wopzi ‘19 ,tHg.o
— \/ _
i \._.n_. sgouybnoy 2oy J2fp7  Fuppurog X
| +
m v |
| Q.0









C.P. No. 180
(16,526)
A.R C. Technical Report

CROWN COPYRIGHT RESERVED

PRINTFD AND PUBLISHED BY HER MAJESTY'S STATIONERY OFFICE
To be purchased from
York House, Kingsway LONDON, WC2 423 Oxford Street LONDON, W |
P O Box 569, LONDON, S.E |
13a Castle Street EDINBURGH 2 109 St Mary Street. ( ARDIFF
39 King Street. MANCHESTER 2 Tower Lane. BrisTOL, |
2 Edmund Street BIRMINGHAM, 3 80 Chichester Street, BELFAST
or from any Bookseller

1955
Price 95 0d net
PRENTED 1IN GREAT RARITAIN

5.0. Cods No. 23.5007-80

C.P. No. 180



