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This note discusses the flow near the trailing edge of a two-dimensional 
aerofoil moving at a free-stream Mach number close to unity, for cases where the 
effects of viscosity are slrall. A qualitative argument, which is supported by 
experimental evidence, suggests that the local Mach number downstream of the 
trailing-edge shock waves is approximately independent of tie-stream Mach number, 
a&rofoil geometry, and incidence. It follws from this result that there is 
a unique relationship between the flow deflection angle at the trailing edge and 
the local Mach number just upstream of the trailing-edge shock waves. This 
relationship is determined by using results obtained during wind-tunnel experiments 
on aerofoils df the R.X.E. series, and rray sometimes be used to give rapid 
estimates of the local Nach number at the trailing edge of an aerofoil in terms 
of the trailing-edge angle, incidence, and control angle. When the Mach number, 
ixmeediately ahead of the trailing-edge shock has been detezdned, the local 
Mach numbers over the surface ahead of the trailing edgo can be estimated by 
using simple-wave theory. The characteristics of straight-sided controls are 
considered as en exa&e. 

1. Introduction 

Several approximate metho& for estimating the pressure disttibution 
round an aerofoil in invx&d flow at high subsonic and transonio speeds are 
based on some assuur&ions as to tho 1ocaCion cf the sonic point, or of the 
conditions at some other point on the forward part of the aerofoil. 
Although it is not suggested that these approximate methods are in error, it 
stems worth while to point out that en extremely simple zhethod, based on a 
somi~mpirlcal conclusion about the flow at the trailing edge, can sometimes 
be used 5.n zzdcing rapid estimates of the flow over the taiL of a two-dimensional 
aerofoil when the free-stream Maoh number is close to unity, - It is assun& 
throughout that the effects o fthc boundary layers are small, and in particular 
that flow sepexation is absent. 

2. Qualitative Discussion of the Flow Near the Trailing Ea@ 

It is well known that the shock waves on an aorofoil moving at fixcld 
incidence and high subsonic speeds xrove rcanvards as tha froe-streamMach 
number MC is raised, and ruach tho trailing edge at some frec-strenmMach 
number less than unity. With further inmase of MC, the, shock waves become 
mclined, and wind-tunnel observations show that a second, near-norm& shock 
usually appears between the trailing-edge shocks as shown in the photographs 
rqmatma in Fig. 1. This second shock moves downstream as the Mach number 
is ~&.od and finally disappears at some free-streamMach number close to unity; 
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the trailing-edge shocks alone are then present and, of course, persist when 
the free-stream Mach number is raised above unity. 

It is found that, for free-stream Mach numbers close to unity, 
the local Mach number distribution at the surface of the aerofoil is insensitive 
to changes of free-stream Mach number. Thus, the local Mach number ahead 
of the trailing-edge shock is sensibly constant, and for this reason it is 
possible to explain the observations described above by the following 
argument which till, in the first place, be confined to a symmetrical aerofoil 
at zero incidence. 

Consider first an aerofoil moving at a free-stream Mach number MCI 
at which the shock waves have reached the trailing edge, but are approximately 
normal. Then Fig. 2(a) shows diagranmmtically the variation of Mach number 
on the axisnear and downstream of the trailing edge. The local Uch number 
MT.% at the surface ahead of the trailing edge is greater than unity, and 
drops to a value MDI less than unity through the trailing-edge shock. 
The Mach number then varies gradually along the wake until the free-stream 
Mach number King is reached at infinity downstream. Now suppose that the 
free-streamMach number is raised to a value MC2 (still less than unity); 
the CO?.T%ponding Mach number I$2 cannot then be reached through a normal 
shock because the upstreamMach number MT.g. revails unchanged. 
Apparently, this difficulty is overcome by the formation of sn inclined 
shock at -he trailing edge through which the ldach number drops to 

(greater than unity). the Mach number then varies along the &ce in ? he manner 
sketched in Fig. 2(a) until a value %2 is reached where a normal shook 
gives a downstream Mach number lying on the curve $2 Mc~. Since the angle 
of incidence is zero, the oblique shock formed at the trailing edge lrmst be 
such that the flow deflection angle through it is approximately equal to 
the semi trailing-edge angle. Because the upstream kach number MTJ. 
is constant, the dmtream Mach nunioer k$ is thus independent of 
free-stream Mach n-er; some support for this conclusion is provided by the 
fact that in Fig. 1 the inclination xx of the trailing-edge shock waves ahead 
of the normal shock does not change a>preciably with change of free-stream 
Mach number. 
again raised, 

If, ther;ETaluF$ 2(a)) the free-stream Mach number is 
to MO39 

shock wave moves downstream to a 
q does not change, and the nornnl 

tL%ity(G$ ' 

osition 1% 

!f i7 

and becomes weaker. ThiS 

process continues until even ually, for a free-stream 
kach number close . , the normal shock disappears. 

The length of the normal shock is fixed by its position downstream 
of the trailing edge, and by the inclination of the trailing-edge shocks; 
the distance over which it extenti laterally must, however, also be consistent 
with the fact that further from the axis the upstream Each number and flow 

deflection/ 

n 
There is, of course, some variation of Mach number with distance from the axis 

(Le., perp ndicular to the chord), but this should be small in the vicinity 
of the trailing edge at free-stream hach numbers close to unity for many 
practical sections, and especially for sections which have straight surfaces 
at the rear such as the R.A.E. series' of sections. 

a* a* 
The inclination agrees with that calculated for a plane shock wavs of The inclination agrees with that calculated for a plane shock wavs of 

deflection angle equal to the semi trailing-edge angle and with the deflection angle equal to the semi trailing-edge angle and with the 
measured Mach number upstream. measured Mach number upstream. The calculated value of the Mach number The calculated value of the Mach number 
downstream is about 1.08 which is consistent vrith the curves of Fig. 3. downstream is about 1.08 which is consistent vrith the curves of Fig. 3. 
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deflection angle are such that the required subsonic flow can be achieved 
downstream of a single shock wave (of inclination different from that of 
the tail shock closer to the aerofoil, see Fig. 1). 

So far, the discussion has been confined to a symmetrical aerofoil 
at zero incidence, but for an aerofoil producing lift it is again found that 
the local surface Mach numbers are insensitive to free-stream Mach number, 
and a similar argument corn be used. Referring to Fig. 2(b), let us suppose 
that the upper-surface shock wave has reached the trailing edge at a 
free-stream Mach number MCI, and is then normal. The Mach number just 
downstream of this shock is &$)I, and this must be approximately equal% 
to the Yaoh number at the trailing edge of tie lower surface since the static 
pressure must be the same at this point on both surfaces. The lower-surface 
shock occurs at a distance ahead of the trailing edge such that the pressure 
rise through the shock, plus the pressure rise between the shock and t!ze 
trailing edge, gives the Mach number E/iu~ there. With further increase 
of free-stream lviach number the upper-surface shock becomes Jnclined 
(the downwash changing), and the Mach number downstream gradually rises, 
The lower-surface shock moves back towards the trailing edge (compare curves 
for MCI and MC2 in Fig. 2 (bj), ancl reaches the trailing edgu at a 
free-stream Mach number hi03 when-the downstream Mach number I$3 is 
approximately equal to that downstream of the shook on the upper surface. 
When the flow behind the trailing-edge shocks becomes supersonic, it might 
be expected that the downwash would fall to zero (experiment suggests that 
this is approximately true). !Ihe discussion for higher values of the 
free-stream Uch number (MC& to "CT) is thus the same as for the case 
of zero incidence except that the trailing-edge shocks (l@,E.u. N$ an.3 
%.F.h. Mrs) are not of equal strength. 

3. Comparison with Experiment 

The discussion given above is highly speculative, and is advanced 
solely in an attempt to explain the part played by the near-noznml shock 
wave. The only conclusion which is required for the purposes of the present 
paper is, however, that there is some reason for supposing that the kach 
number ?,$ immediately downstream of the trailing-edge shocks will be 
avproxlmately mn&pendcnt of f,ree-stream Nach number. Further, if the 
variation of Mach numoer along the w&o is independent of incidence and 
trailing-eSge angle, 
angles0 

the value of Iv% will also be independent of these 
If these conclusions are valid, the Mach number should be constant 

downstream of the oblique shock wave which gives a flow deflection=, S , 
equal to that at the trailing edge and has the observed local &ach number 
%.E. upstreamo %bxS Of ht!e,Ee calculated from the equations for plane 
oblique shook waves are plotted :,n Pig. 3 agamst the flow deflection angle 
forseveral values of the downstream Mach number, and in Fig. 4 a simile 
plot is nwde showing the observed variation of 1bb.R. with 6 for several 
aerofoil sections tested in wind tunnels under conditions where boundary layer 
separation did not occur ahead of the shock waves when they had moved back 
to the trailmg edge. I.; is seen that the experimental observations for the 

RAE./ 
---------------------------------------- 
n 
For the purposes of the present qualitative discussion it is permissible to 

neglect differences between the changes of total head through the shocks on 
the two surfaces. Equality of static pressure thus implies equality of 
Mach number. 
%ss 

The flow deflection angle 6 is taken as 

6 = r/2+a+ll on the upper surface, 

and 6 = r/z-a - 11 on the lower surface 
where r = trailing-edge angle; a = incidence; 17 = control angle. 
Positive vnlues of 6 only are considered (i.e., values leading to the 
formation of compression waves). 
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R.A.E. aerofoile correlate very well on this basis even though the 
free-stream k&h numbers of the tests covered a range extending from about 
0.90 to 0.97. The curve drawn through the experimental points of Fig. 4 
is reproduced in Fig. 3, and appears to correspond to a Mich number between 
1.06 and 1.10 behind the tra,iling-edge shocks. 

4. Some Practical Uses of the Correlation between the Local Mach Number 
and Flow-deflection Angle at the Trailing Edge 

The correlation shown inFig. 4 suggests that the conclusions of 
the discussion given in Section 2 are a-aproximately correct, and also gives 
an extremely simple method for estimating the local Mach number at the 
surface just ahead of the trailing edge In terms of the geometry of the 
aerofcil and its incidence. Fhen the trailing-edge Mach number has been 
determined by the use of Fig. 4, the distribution of Mach number over the 
surface ahead of tile trailing edge may be estimated with reasonable accuracy 
by the use of simple-wave theory. This method will, of course, become 
progressively less accurate as the sonic point is approached, but should be 
satisfactory for estimating the pressures over the rear of the aercfoil. 

Two exsmples are shorn in Fig. 5. The first is for a 6% thick 
RAE 104 section at 2 degrees incidence, and the second for a l&thick 
RAR 102 section at zero mcldence but with a 25% chord plain flap deflected 
through 2 degrees. The agreement with experiment is reasonably good over 
the rear &C$ of the chord except close to the trailing edge where the 
measured pressures rise rapidlym. This is caused by thickening of the 
boundary layers ahead of the trailing edge shocks, and is exaggerated in 
the present experimental results because the boundsrg layer is relatively 
thick due to the low Reynolds number (about 1.9 x IO ) and to the fact that 
transition to turbulent flow was fixed artificially. 

Since it gives a rapid method for obtaining the pressures over 
the rear of an aerofcil, the procedure outlined above may have applications 
to the estimation of control-surface characteristics at free-stream Mach 
numbers close to unity. The calculation-is part~ularly simple if, as is 
frequently the case, the controls have straight sides since the pressures on 
the upper surface and lower swface are then ccnstsnt. As an example, 
values of the hinge-moment coefficient are plotted in Fig. 6(a), and 
Fig. 6(b) shons the values of a2 (= SCr/an) and b2 (= X&In). 

A further application of the method is to predict whether 
shock-induced boundary-layer separation vrill occur at transcnic speeds. 
It has been shone? that a turbulent boundary layer will separate at a 
near-normal shock wave formed on the surface of an aerofoil moving at high 
Mach nwnber when the local Wch number ahead of the shock exceeds a value 
of about 1.2. For given incidence and for an aercfoil without concavities 
shead of the trailing e e or a deflected flap=, the value of 1dT.R. 
(as obtained from Fig. 4 will be greater than the local Mach number ahead Yf 
of the shock at any stage during its reanmrd movement. towards the trailing 
edge. Thus under these conditions if the value of k$.R. is less than 1.2, 
it may be anticipated that separation will be absent on the surface under 
consideration throughout the transcnic range. 

5./ 

R 

In preparing Fig. 4, this pressure rise was ignored, when present in the 
experimental results, and the values of $J. which are plotted are based 
on an extrapolation to the trailing edge of the graduslly varying pressures 
slightly upstream. 

?tf concavities or a deflected flap are present, the maxti local 
Mach number can be estimated from i%T.S. by the use of simple-nave theory. 
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5. Concludiw Remarks 

It will be clear to the reader that the discussion of Section 2 
is speculative, and that its only justification is that it appears to be 
supported to some extent by experiment. It shwld be remembered, however, 
that the experamental results used here were obtained on a particular 
family of sections at an approximately constant Reyno1d.s number. 
The effects of Reynolds number are probably not large provided that the 
boundary layer is turbulent over most of the surface, sold some support 
for this suggestion is provided by the agreement in Fig. 4 of the aerofoil 
results with results obtained on bumps attached to a wind tunnel wall on 
which there was a thick turbulent boundary layer. Until further data are 
available, however, care should be taken in applying Fig. 4, for example, 
to sections which differ widely from the R.A.E, series. For example, 
it might be antic‘.pated that dL,uble-wedgo sections, for which the position 
of the sonic point is fixed by the shoulder, would give results which 
diffemd from those for round-nosed sections. To investigate this point 
three re,ults for symmetrical double wedges are plotted in Fig. 4. 
The experunental points were measured with laminsr boundary layers, and 
for the calculated point3 it was assumed that the flow uas invisoid 
(this accounts for the major part of the discrepancy between the calculated 
and measured points shown for 6 = 5.7 degrees). It is seen that the 
measured points lie slightly above tho curve drawn through the points for 
the R.A.E. sections, but further &ta are needed before it CNI be decided 
whether this is generally true. 

Finally, it should be stressed that the correlation shown an 
Fig. 4 can be expected to apply only when boundary-layer separation is 
absent. For turbulent boundzy layers this restricts the value of 6 
in Fig. 4 to about 12 degrees, this being the value of the deflection 
angle for separatio?] at an oblique shock wave in purely supersonic flo&. 
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