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Summc~ry.--A theoretical estimation of tile flapping and feathering (cyclic pitch) to trim the helicopter rotor in forward 
flight is given and the equivalence of the two systems is shox~l. 

The feathering amplitudes to trim the complete helicopter are then estimated and compared with experimental 
flight values obtained on the Sikorsky R-4B and S-51 helicopters. The effects of centre of gravity position, fuselage 
pitching moment, etc., are considered and the delta-3 hinge effect is dealt with in an appendix. The effect of slipstream 
curvature on lateral control is included. 

Satisfactory agreement of the theoretical and experimental results is obtained. In the iongitudinal trim, the fuselage 
pitching moment in the presence of the rotor slipstream is a most important contribution. In the lateral trim, the 
induced velocity distribution and the tail rotor behaviour have a large influence and must be taken into account. 

1. I~tro&tctio~.--For a single-rotor helicopter with hinged blades and in steady rectilinear 
flight, there is a variation in the resultant air velocity at the blade as the latter rotates in azimuth. 
To counteract the Velocity changes and so to trim the helicopter rotor an appropriate flapping 
and/or feathering (cyclic pitch) of the blades is required. For most of the present-day helicopters, 
feathering control is used and the present report gives a theoretical analysis of the feathering 
amplitudes required to trim the helicopter. Nevertheless, the flapping and feathering methods 
of rotor control are very similar aerodynamically and the equivalence of the two systems is 
shown in detail in this report. 

There has always been some ambiguity in the definitions of the thrust, flow through the disc, 
flapping and feathering coefficients, etc., when flapping and feathering systems are discussed. 
It  is therefore necessary, without bringing anything new into helicopter theory, to establish some 
basic definitions required for the study of blade motion, particularly in showing the relationship 
of the pure flapping and pure feathering systems. The following definitions are used throughout 
this report. 

Geometric fl@2bi~eg a~gle is the angle between the longitudinai blade axis and a plane per- 
pendicular to the rotor shaft. Due to possible blade bending it is difficult to define the direction 
of the blade longitudinal axis and in this report it is assumed that  the blade remains straight in 

* R.A.E. Report Aero, 2358, received 25th August, 1950. 
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the  theoret ical  analysis while for the  exper imenta l  work, as in Ref. 3, the  blade axis is the  line 
joining the  blade root and the  0 .75-radius  position. The geometric  flapping angle m a y  be 
expressed by  

/~s = a0, --  a~, cos ~ --  b~s sin ~ --  a2, cos 2~ --  b2s sin 2~0 --  , . . . . . . . . .  (1) 

where ~ is the  az imuth  position of the  blade measured  from the  downwind  position in the direction 
of  rotat ion.  

%,  is the  coning angle of the  blades. 

a~ s is the  ampl i tude  of flapping equal to the  longi tudinal  tilt  of the  rotor  disc plane, backwards  
for a posit ive value of a l , .  

b~, is tile la teral  ti l t  of the  rotor  disc plane due to the  flapping, a positive value of bls giving 
a t i l t  of the  disc towards  the  advancing blade (~o = 90 deg). 

Flapping a~gle of the  blade (or the aerodynamic  flapping angle due to the  veloci ty var iat ions 
in forward flight) is the  angle between the  blade axis and the  plane o f  no-feathering and is defined 
by  

/~ = a0 --  al cos ~p --  bl sin ~o --  a~ cos 2~J --  b~ sin 2~ --  . . . . . . . . . .  (2) 

where  the  ampli tudes  have  the  same in te rpre ta t ion  as above except t ha t  t hey  are referred to 
the  no-feather ing axis. 

Blade pitch angle is the  angle be tween the  no-lift chord of the blade section and the  plane 
perpendicular  to the  rotor  shaft  and is given by  " 

v~ = ~0 --  A~ cos ~o --  B~ sin ~0 --  A2 cos 2~0 --  B2 sin 2~p --  . . . . . . . . . .  (3) 

where  V~o is called the  collective pi tch of the  blades. 

B1 is the  feathering ampl i tude  equal to the  longi tudinal  t i l t  of the no-feathering axis, posit ive 
values of B1 giving a forward tilt. 

A ~ is the  feathering ampl i tude  equal  to the  lateral  t i l t  of the  no-feather ing axis, positive values 
of A ~ giving a t i l t  towards  the  advancing blade. 

A fur ther  simplified explanat ion of the  no-feathering axis conception m a y  be useful. Let  us 
assume a rotor  wi th  flapping blades and wi thou t  any  feathering applied to it ; for s implici ty 
the  blade chord m a y  be t aken  parallel  to the  flapping hinge. Now let us til t  the  rotor  disc forward 
by  an angle iv from the  plane perpendicular  to the  shaft,  i.e., without  t i l t ing the  shaft. Due  to 
the  fact t ha t  the  flapping hinges are rigidly connected  to the  rotor  shaft, the  relative t i l t  will 
produce a feathering in the plane of the  rotor  disc in the  form 

i~ sin ~0 . 

Al ternat ively,  the  blades will have a flapping mot ion  relative to the  shaft  in the form 

iD cos ~ .  

If the  blades of the rotor  have  a l ready an applied feathering say, --  B~ sin ~, the  resul tant  
feathering will be (iD --  B~) sin ~o. 

I t  can be seen t ha t  by  t i l t ing the  rotor  disc wi th  respect to the  plane perpendicular  to the  rotor  
shaft  by  an angle iD = B~, the  feathering in this rotor  disc plane would  be zero. Such a plane is 
called the  no-feather ing plane and  its axis is the  no-feathering axis. A more detai led discussion 
of the  in terchangeabi l i ty  of flapping and  feathering axes is given in Ref. 3. 
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2. Theory.--The helicopter is flying with constant velocity V along a straight path inclined 
at an angle ~ to the horizon. The forces acting on the helicopter are as follows : - -  

(a) The rotor forces. These are transmitted to the shaft in the form of a thrust  T defined 
as the force perpendicular to the rotor disc and the force H defined as parallel to the 
rotor disc. 

(b) The resultant air force on the helicopter less rotor. 

(c) The aerodynamic moment of the helicopter less rotor. 

(d) The weight of the helicopter. 

I t  should be noted that  in (b) and (c) the effect of the rotor slipstream on the fuselage must 
be included. 

As it is assumed that  the rotor has hinged blades, the thrust  and H-force act at the point of 
intersection of the rotor axis and the plane perpendicular to the rotor axis passing through the 
flapping hinges. For a rotor with offset flapping hinges, e ~ 0, the rotor transmits a moment 
proportional to the relative tilt of the rotor and shaft axes. For the more usual case of zero 
hinge offset, e = 0, no moment can be transmit ted from the rotor to the shaft. 

In steady trimmed flight of the helicopter, the rotor forces must be in equilibrium with the 
other forces acting on the helicopter, fixing in this way the position of the rotor disc in relation 
to the flight path. 

We will use, after Squire (R. & M. 17301), the system of axes connected with the rotor disc, 
i.e., thrust  axis and rotor axis perpendicular to the rotor disc plane and the H-force axis parallel 
to the plane of the rotor disc and passing through the apex of the rotor cone, positive in the 
backward direction. 

The diagram of the rotor is shown in Fig. 1. I t  is assumed tha t  the blades do not bend and are 
therefore moving along the surface of a cone. For straight blades the tip-path plane is equivalent 
to the rotor-disc plane. The t ip-path plane makes an angle i with the undisturbed stream 
velocity ; i is an effective angle of at tack of the rotor and is positive for helicopter conditions. 
It  is worth pointing out that  no reference is made to the rotor shaft and the analysis is made 
independent of the rotor shaft position with respect to the rotor disc. Assuming that  the blades 
have such a feathering with respect t'o the t ip-path plane tha t  they  move along the surface 
of the above mentioned cone, the present analysis determines the feathering amplitudes to 
maintain these equilibrium conditions. 

The small deviations of the blades from the cone surface are functions of the higher harmonics 
of flapping 2~0, 39, etc., and have no effect on the trimmed position of the rotor disc or on the 
feathering of the fundamental modes. These higher harmonics are the source of vibration in 
the helicopter and are not within the scope of the present report. 

From Fig. 1, the velocity parallel to the t ip-path plane is 

~QR 

and the velocity perpendicular to the t ip-path plane is 

~OR.  

At the present stage of the theory, it is assumed after Glauert (R. & M. 11119), Lock (R. & M. 
11272) and Squire (R. & M. 17301), etc., tha t  ,~ is constant over the rotor disc. 

Let us assume that  the instantaneous blade pitch angle measured from the rotor disc plane 
is given by 

= v% -- A,v cos w -- B1D sin ~o . . . . . . . . . .  . . . . .  (4) 
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This is similar to the definition of equation (3), suffix D being used to denote reference to the 
disc plane whereas the symbols of equation (3) are referred to the rotor shaft and so far no mention 
of the rotor shaft is made in the theory. 

The coefficients 0o, Alv and B~D are chosen in such a way  that  the rotor gives the required 
thrust and the rotor disc maintains its appropriate position in space. 

Assuming that  the coning angle a0 is small and that  sin a0 can be replaced by a0 and cos a0 by 
unity, the velocities of the air with respect to a blade element distant r = x R  from the rotor 
axis are as follows. 

Velocity tangential to the cone surface and perpendicular to the blade (chordwise) is 
(x + ~ sin ~o)~?R . . . . . . . . . . . . . . .  (5) 

Velocity perpendicular to the blade and to the cone surface (through the disc) is 
(ao  c o s  + . . . . . . . . . . . . .  (6) 

Velocity along the blade (spanwise) is 
(/~ cos W -b Zao)DR . . . . . . . . . . . . .  (7) 

The effect of the spanwise component of the flow is not known. Probably it will thicken the 
boundary layer, increase the drag and decrease the lift slope of the blade aerofoil section. In the 
analysis the spanwise component  of the flow is neglected but it must be remembered that  its 
effect can be retained empirically in the use of the appropriate values of lift slope and profile- 
drag coefficient. 

Experimental values of thrust and torque coefficients of the rotor show that  the value of the 
lift slope for rotating blades is below the corresponding value for similar aerofoils under rectilinear 
flow conditions. Myers in his work ~ (1947) was using a value of the lift slope of 5.73; investiga- 
tions by Brotherhood (R. & M. 252P 3 1947) show good agreement between rotor theory and 
flight experiment for a value of 5 .6 ;  in the latest N.A.C.A. publications T M  (1948) the value 
is lowered to 5.56. Recent wind-tunnel tests at the Royal Aircraft Establishment seem to 
indicate an even lower value but this is probably due to scale effect with the low Reynolds number 
of the model. 

The profile-drag coefficient of the rotor blades is larger than that  obtained from two-dimensional 
tunnel tests. Numerical values for blade profile drag can be found in Ref. 3, 11 and 12. 

F r o m  equations (5) and (6) the effective incidence of the blade element is 

ao~ cos ~o + 
= ~'o -- Alp cos ~p -- B~v sin ~o -- x + ~, sin ~o . . . . . . . . . .  (8) 

and the aerodynamic force acting on the blade element cR dx is 

( a0 , cos +_ ax (9) 
d F - = ½ p a c r 2 2 R 3 ( x - { - ~ s i n w )  ~ ~ o - - A 1 D c o s ~ - - B ~ D s i n ~ o - -  x + / ~ s m v ,  / " "" 

The corresponding moment  with respect to the flapping hinge, assuming that  the angle of the 
flapping hinge axis to the tip-path plane is small 

d M  = x R  d I  s  ̀

ao# cos ~ + 2~ 
= ½ p a c ~ R 4 ( x + ~ s i n ~ o )  2 ~ o - - A 1 D c o s ~ o - - B 1 D s i n ~ - -  x + ~ s i n - ~ , ' x d x "  . .  (10) 

Since the angles between resultant airflow and tip-path plane are small the increment of 
aerodynamic force acting on the blade element can be taken as the thrust increment 

d F = d T  . . . . . . . . . . . . . . . . . . . . . . .  (11) 
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I t  is now further assumed that  the blade collective pitch ~0 and the blade chord c are constant 
along the blade, but the analysis could easily be extended to cover any blade shape and twist, 
as long as the blade angle and the chord can be expressed as functions of the radius. 

Integrating equation (9) between'x = 0 and 1 we obtain an equation, whose constant term 
gives the mean value of the rotor thrust.  If the integration is carried out between limits other 
than 0 and 1 the effect of root and tip losses can be taken into account. 

Expressing the solution of equation (9) in the form of a thrust  coefficient 

T 
tc - -  bcRpD~R 2 

- -  4 ~v~0 1 + ~ 1 + ~/~2 . . . . . . . . . . . . .  (12) 

The integration of equation (10) gives the expression for the aerodynamic moment about the 
flapping hinge. Since the rotor disc is maintained in position, the moments of the air forces and 
of the centrifugal force about the flapping hinge are in equilibrium: the small effect of the blade 
weight may be neglected. Thus, to produce no flapping motion relative to the disc-plane position, 
the solution of equation (10) must be such that  t h e  constant term equals the centrifugal force 
moment and the periodic terms, i.e., coefficients of sin ~0 and cos ~o, are zero. 

Equating the constant term and the centrifugal force moment gives the coning angle 

ao = . 1 + - 1 + . . . . . .  ( 1 3 )  

where ~'o is called Lock's Inertia Number and is given by  

pagR~ (14) 
7o = I1 . . . . . . . . . . . . . . . .  

Equating the coefficients of sin ~ and cos ~ to zero, we obtain the feathering amplitudes to 
trim 

B~ ~ = 2~ .~0 -- ~ . . . . . . . .  (15) 
1 + ~ .2  . . . . . .  

and 

AI~ 4 a0~ 
- -  3 1 4" ½~ . . . . . . . . . . . . . . .  (16) 

The above method of analysis is similar to that  used by Squire and in his work can be found 
expressions for thrust, H-force and torque coefficients. The equation (12) of the present report is 
identical with equation (11), and equation (15) is identical with equation (14) of R. & M. 1730'. 

I t  will be noted tha t  the A,D of equation (16) is proportional to coning angle. In R. & M. 
1730' and other reports where coning angle is not taken into account no value for this feathering 
coefficient can be obtained. 

3. F lapp ing  and F e a t h e K n g . - - T h e  required blade feathering to maintain equilibrium of the 
rotor disc, as calculated in the previous section and given by equations (15) and (16), can be 
achieved by  two independent methods in practical application to helicopter control. 

In one method, the rotor shaft remains perpendicular to the t ip-path plane and the required 
feathering distribution is obtained by  rotating the blade about its longitudinal axis (cyclic pitch 
change) by some mechanical means, e.g., by  a suitably tilted swash-plate and system of connecting 
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links. This method of tr imming the rotor disc plane at a given position in the air is called pure 
feathering. By definition of the feathering angles, equation (3), and remembering that  in the pure 
feathering system, the rotor shaft remains perpendicular to the rotor disc, 

A1D = A1 . . . . . . . . . . . . . . . .  (17) 

and B1 v = Bi . . . . . . . . . . . . . . . . .  (18) 

The other way of obtaining the required feathering in the rotor disc plane is by tilting the 
rotor shaft (or hub) with respect to the axis of the t ip-path plane. Assume that  the rotor shaft 
(or hub) is tilted forward with respect to the rotor disc axis by an angle al and laterally by an 
angle b~. Since the flapping hinge is connected to the hub and since the hub is tilted with respect 
to the rotor disc plane, the hinge axis changes its setting with respect to this rotor disc plane 
as the rotor rotates. 

Taking for simplicity the case of the longitudinal tilt al alone and with the flapping hinge 
axis perpendicular to the rotor shaft and to the longitudinal axis of the blade, and assuming no 
collective pitch v% = 0, the following conditions exist. The rotor shaft is tilted forward by an 
angle al. When the blade is in its rearmost position (~ = 0) the hinge axis is parallel with the 
rotor disc plane and the hinge setting and blade pitch are zero. When the blade has rotated in 
azimuth to the lateral position (~0 = 90 deg) the hinge setting and blade pitch with respect to 
the rotor disc plane a r e -  al. As the blade reaches the forward position (~o = 180 deg) the 
hinge axis is again parallel to the disc plane and the pitch angle is zero. In the ~0 = 270 deg 
position, the hinge setting and pitch angle are + a~. Thus tile tilt of the ro tor shaft with respect 
to the rotor disc plane produces equivalent blade feathering in this plane. 

In the general case, where the shaft is tilted forward by an angle al and laterally by  an angle b~, 
feathering is produced in the plane of the rotor disc in the form 

- -  a~ sin ~o + bl cos ~ .  

Comparing this with the expressions for feathering in equation (4) it can be seen that  the angles  
of tilt of the rotor shaft with respect to the rotor disc axis are given by 

al = B, D . . . . . . . . . . . . . . . .  (19) 

and bl = -- A~ v . . . . . . . . . . . . . . . .  (20) 

where the values of Blv and A~v have been evaluated in equations (15) and (16). 

This method of trimming the rotor disc by  til t ing the shaft (or hub) is called the pure flapping 
system. Transferring the axes of reference from the rotor disc to the rotor shaft, the pure flapping 
system has now no feathering but the rotor disc is tilted backwards and sideways by angles al 
and bl respectively, which can be expressed as the pure flapping of equation (2), viz., 

/~ = ao -- a~ cos ~o -- b~ sin ~o . . . . . . . . . . .  (2) 

Comparing equatl.'ons (19) with (18) and (20) with (17) it can be said that  pure flapping and 
pure feathering are equivalent when 

a~ = B~ . . . . . . . . . . . . . . . . . .  (21) 
and 

bl = -- A~ . . . . . . . . . . . . . . . . .  (22) 

In the pure flapping system (tilting hub) there is no feathering with respect to the hub axis 
which is itself the axis of no-feathering. Due to the forward velocity and to the flapping freedom 
of the blades the rotor disc tilts from the no-feathering plane into such a position that  the acquired 
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feathering in the rotor disc plane is as given by equations (15) and (16). Hence, the flapping 
amplitudes equivalent to the tilt  of the rotor disc are given by equations (15) and (16) and may be 
rewritten as 

a~ = 2/~ ~ o ~, u~ . . . . . . . . . . . . . .  (23) 

and 
,~go/z 

b l -  1 + ½ ~  . . . . . . . . . . . . . .  (24)  

where ff and h are the velocity coefficients with respect to the rotor disc plane (tip-path plane). 

The full mathematical  t reatment of the rotor with flapping blades was given by Lock (R. & M. 
1127 ~) and he was the first to show the equivalence of t h e  flapping and feathering systems. 
However, the formulae for the coefficients of thrust,  flapping amplitudes, etc., in the pure 
feathering system appear in a different form from the corresponding formulae of the pure flapping 
system. This is entirely due to the definition of reference axes but  it can lead to considerable 
confusion in the interpretation of the two systems of control application. It  is therefore worth 
while at this stage to clarity the mathematical  equivalence of the two systems. 

A diagrammatic representation of the pure flapping and pure feathering systems is given in 
Fig. 2. In the flapping system the axes of reference are the rotor shaft and the plane through 
the flapping hinges perpendicular to the shaft. In the feathering system, the fundamental axis 
is tha t  of the rotor disc. I t  follows that  the axes of the pure flapping system are inclined by an 
angle a~ with respect to the axes of the pure feathering system. 

Denoting the pure flapping system by suffix A and the pure feathering system by suffix B,  
the comparison of the two systems is as follows. 

The resultant air flow at the rotor disc is the same in both cases but by definition of the axes 
the components of the flow parallel to the axes (and perpendicular to the axes) of the two systems 
will differ. 

To a first approximation 

ffA = ~ = ~ . . . . . . . . . . . . . .  (25)  
and 

hA = 2B + ~,al . . . . . . . . . . . . . . .  (26) 

Similarly, 
T A =  T ~ =  T . . . . . . . . . . . . . . .  (27) 

YA = (78 = (2 . . . . . . . . . . . . . .  ( 28 )  

HA = f iB + Tal  . . . . . . . . . . . . . . . .  (29) 

For pure flapping (R. & M. 11272), it has been shown 

~0 hA 
a~ = 2t* ~ o -- (30) 

1 - -  ½~d . . . . . . . . . . . . . .  

while it has been shown in equations (15) and (18) of this report tha t  for pure feathering 

~ 2B 
B1 = 2#~ o - -  1 + ~i~ ~ . . . . . . . . . . . . . . .  (31)  

By substitution for hA or hB from equation (26) it can easily be checked tha t  equations (30) 

and (31) are identical and as shown in equation (21) 

al  = B1 . . . . . . . . . . . . . . . . .  (19)  
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4. Longitudinal Tr im of Helic@ter.--4.1.  The previous section dealt with the feathering 
required to trim the rotor alone in steady rectilinear flight. The feathering required to trim the 
complete helicopter will now be analysed. 

The reference axes are taken as the rotor shaft and the line perpendicular to the rotor shaft 
passing through the centre of gravity. The aerodynamic drag and pitching moment of the 
helicopter (less rotor) are referred to the point of intersection 0. Such a definition has the 
advantage of being independent of the centre of gravity position, although for most helicopters 
the mean centre of gravity position corresponds to the point 0 and in any case the difference 
in centre of gravity position from 0 wodld be small. The aerodynamic drag and pitching moment 
include the reactions of any tail surfaces tha t  may be fitted. To generalise the analysis further, 
the flapping hinges are given an offset from the rotor axis. 

For steady rectilinear flight along a path inclined at an angle ~ to the horizon, the diagram of 
forces and moments is as given in Fig. 3. The angles 31, B1 and 0 are small and the following 
equations are obtained. 

For forces in the vertical direction 

W + D s i n T =  T . . . . . . . . . . .  (32) 
For forces in the horizontal direction 

D c o s T  + H =  T ( B I - -  a , - -  0) . . . . . . . . .  (33) 
For moments about the point 0 

W f  - M s + M,(B~ --  al) - /  T h ( B ,  --  a,) --  H h  = 0 . . . . . . . . .  (34) 

0 is the angle between the longitudinal axis of 'the helicopter and the horizon, i.e., the tilt of the 
helicopter. 

a~ is the flapping amplitude due to forward speed and is equal to the backward tilt of the rotor 
disc from the no-feathering axis. 

B~ is the feathering amplitude equal to the longitudinal tilt of the no-feathering axis from the 
shaft axis. This forward tilt of the no-feathering axis is normally proportional to the longitudinal 
stick displacement. I t  is a measure of the longitudinal trim of the helicopter analogous to the 
elevator angle to trim for the fixed-wing aeroplane. The value of B~ can be obtained from 
equation (34) in the form 

Hh W f  M I . .  (35) 
B ~ = a ~  + Ms + Th M ,  + Th + Ms + Th . . . . .  

The majori ty of present-day helicopters have zero offset hinges so that  M, = 0 and'equation 
(35) simplifies in such cases to 

B ~ = a ~  q _ H  W f M s 
y ;  + . . . . . . . . . . .  (36) 

For all practical cases of steady flight on the helicopter, the thrust is equal t o t h e  weight to 
a very close approximation and equation (36) may therefore be further simplified to the form 

H f M i 
B,  = al q- W h -? Wh . . . . . . . . . . . . .  (37) 

4.2. For the type of helicopter controlled by application of blade feathering, i.e., for most of 
the existing helicopters, the longitudinal stick displacement to trim, being a measure of tile 
longitudinal tilt of the no-feathering axis, is (from equation 37) mainly a function of the rotor 
characteristics a~ q - H / W .  The position of t h e  centre of gravity influences only the initial 
position of the stick or, to consider it from another aspect, the trim curves for the helicopter at 
various centre of gravity positions are parallel. This assumes no change in fuselage pitching 
moment for thesmal l  changes in att i tude involved. 
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The effect of the aerodynamic pitching moment of the fuselage M I is very difficult to estimate, 
especially in the presence of the rotor downwash. I t  is thought that ,  for a streamlined fuselage 
without a horizontal tail surface and in autorotation conditions, the effect of M s is very small. 
However, in power-on conditions the changes of pitching moment with forward speed could be 
quite large, taking into account the changes in direction of the slipstream. With increase in 
forward speed, the direction of the slipstream changes from vertical in hovering flight to almost 
horizontal at high forward speed. For a helicopter of normal configuration, e.g., the Sikorsky 
S-51, the pitching moment on the fuselage is nose-up in hovering and low speed changing to 
nose-down at higher forward speed. Generally it might be said that  in power-on conditions the 
effect of 2Idrj is to decrease the required longitudinal movement of the stick to trim for a given 
change in speed. The experimental results discussed later would appear to confirm the above 
arguments. 

The effect of a fixed horizontal tail surface could be quite large but  the magnitude and direction 
by which it would alter the stick position to trim will depend largely on the position of the tailplane, 
particularly in relation to the changes in rotor downwash direction with forward speed. 

A further influence which can bring about changes in the tiit of the no-feathering axis (or stick 
position) is the torsional flexibility of the blade in conjunction with the aerodynamic pitching 
moment of the blade aerofoil section. For symmetrical section blades the effect should be small 
but for blades with C,,,o < 0 as in the case of cambered sections the required stick movements 
to trim are reduced. This effect increases with forward speed and may even lead to reverse 
stick movements to trim. An analysis of this particular aspect of the subject will be given in a 
later report. 

4.3. Considering equation (37) in a much wider sense, it will be seen that  the helicopter can be 
trimmed for any given speed by means other than changes of the feathering amplitude or 
equivalent tilting of the rotor hub. For a constant value of B1 the helicopter could be trimmed 
by changes in the centre of gravity position, represented in equation (37) by changes in the value 
of f/h. This method is actually employed on the small American Seibei helicopter, where control 
and trim are achieved by fore-and-aft movement of the centre of gravity relative to the rotor 
shaft, i.e., by variation in the value of f. 

Another method of trimming the helicopter is by changing the value of the pitching moment Mj. 
This could be done by means of an adjustable tail surface, although it is likely to be extremely 
poor at low forward speed. The use of  a horizontal tail rotor with adjustable pitch is a much 
more practical proposition. The experimental French helicopter SE.81011G uses tail rotors to 
trim the helicopter longitudinally. 

4.4. Fig. 4 gives a diagrammatic representation of the theoretical values of B1 as a function 
of forward speed, neglecting the aerodynamic moment of the fuselage and assuming no blade 
twist. Since the longitudinal tilt of the no-feathering axis is proportional to stick displacement, 
the slope of the B1 curve might be regarded as the measure of the helicopter stick-fixed static 
stability. This is analogous to fixed-wing aeroplane practice where the slope of the curve of 
elevator angle to trim is proportional to the stick-fixed static stability. I t  is not within the 
scope of this report to discuss static stability considerations in detail but some exp!anation is 
useful in relation to the stick position to trim. 

From equation (37) differentiating with respect to forward speed and remembering that  thrust 
is constant along a trim curve, i.e., taking the slope of the B1 curve of Fig. 4. 

~B~ ~a~ 1 ~H 1 aMf 
o V - - ~ V + W ~ V + W h  ~V" (as) 
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Now, an investigation of the dynamic stability characteristics of the helicopter ~, shows that  the 
constant term of the frequency equation defining the stick-fixed longitudinal stability is of the 
form 

gWh [ ~al 1 ~H 1 ~M~l (39) 
D - -  I L T # + W ~ V + W h T V 1  . . . . . . . . .  

This equation has been rewritten from equation (25) of Ref. 4, omitting the part referring to 
the offset hinge effect but including the fuselage pitching moments. 

Thus, comparing (38) and (39) we find that  the slope of the control angle curve is proportional 
to the constant term in the solution of the equations of motion under stick-fixed conditions and 
is therefore the measure of the static stability of the helicopter. 

I t  is known that  large moments are introduced by rapid angular displacement of the rotor and 
it is advisable to give a more detailed explanation of the relationship of this to the static stability 
dea r  with above. Considering the moments produced by sudden angular displacement of the 
rotor, we find that  these moments are destabilising. For example, decrease in the angle of at tack 
of the rotor, i.e., tilting the rotor backwards decreases the flow through the disc (~) and by 
equation (23) this will cause an increase in the flapping amplitude al thus tilting the disc further 
back and producing a destabilising moment on the helicopter. This form of static instability 
due to angular displacements is zero in hovering flight and generally increases with increase in 
forward speed, becoming very important  at high speed. 

This is only  true if the collective pitch is kept constant. If the change in rotor angle of at tack 
is made with the appropriate change in collective pitch to maintain a constant thrust, the 
conditions are determined by equations (12) and (23) and the pitching moments virtually 
disappear. Thus, for static stability defined in terms of conditions along a trim curve (thrust 
constant) the effect of the pitching-moment variation with atti tude does not arise and the static 
stability is as evaluated from equations (38) or (39). 

5. Lateral T r i m  of  Hel,icopter.--5.1. A lateral tilt of the no-feathering axis of the helicopter 
rotor is required to counteract the lateral tilt  of the t ip-path plane due to flapping motion at 
forward speed. In addition, for single-rotor helicopters of the Sikorsky configuration, where the 
tail rotor provides torque reaction compensation, a side force from the main rotor is necessary 
to compensate for the tail rotor thrust. 

By a similar method to that  used in section 4 for deriving the control angle for longitudinal 
trim, the lateral forces and moments about the longitudinal axis give the lateral tilt of the 
no-feathering axis to trim the helicopter. Due to the more symmetrical conditions in the lateral 
trim the equations are simpler. The lateral component of the main rotor thrust equals the tail 
rotor thrust T ,  

T(A~ q- bl - -  ¢) = - -  Tt  . . . . . . . . . .  (40) 

and the moments give 
W f l  + Tth, + Th(A1 q- bl) = 0 . . . . . . . . . .  (41) 

where ¢ is the angle of bank of the helicopter 

f~ is the lateral offset of the centre of gravity 

ht is the height of the tail rotor axis above the origin of the helicopter axes. 

Hence the lateral tilt of the no-feathering axis A 1, proportional to the lateral stick displacement, 
can be evaluated from equation (41) 

- -  Th  Th  . . . . . . . . . . . . .  
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Again, this may be simplified in some cases by putting the thrust  equal to the weight and for 
most layouts of normal configuration the tail rotor height is approximately equal to the main 
rotor height (i.e., ]h = h). 

Therefore A1 = -- bl f~ T~ . . . . .  (43) - - h  W . . . . . . . . .  

Thus for the helicopter with feathering control, the lateral stick displacement to trim is a 
function of the rotor characteristic b~ which has been evaluated in equation (24). The effect of 
the centre of gravity position only affects the initial trim of the helicopter. The effect of the 
tail rotor thrust  is constant under constant torque conditions (or constant power conditions if 
the engine speed is constant). In autorotation this term disappears. 

5.2. The flapping motion of rotor blades was checked experimentally in this country on the 
autogyro (R. & M. 2505 ~°) and more recently in America on helicopters 3'~1. There is excellent 
agreement in the experimental and theoretical values of a0 (coning angle) and at (longitudinal 
tilt). However, the measured values of b~ (lateral tilt) are much larger than estilaated by the 
above theory. 

The angle of side tilt of the rotor disc bl is produced by the difference in flow conditions at the 
various azimuth positions of the blade. This will be evident from equation (8) where the blade 
angle of at tack is expressed in terms of flow through tile disc Z, the coning angle a0 and the blade 
azimuth position ~. Most of the existing theories are based on the assumption of constant 
induced velocity and constant flow through the disc. 

Evaluating the expression for bl as in equation (24) it may be said in general terms that  the 
side tilt of the rotor disc is due to the flapping motion produced by the difference of blade incidence 
(maximum in the fore and aft positions introduced by the coning angle). 

The effect of slipstream curvature is to increase the difference in blade incidence with azimuth 
position. Recent work on the visualisation of the flow through the rotor disc in forward flight 
using a smoke filament technique" has shown tha t  the magnitude of the slipstream curvature 
effect is appreciable, especially when considered in relation to the coning angle used to evaluate 
b~ in equation (24). 

A very simple method of estimating the order of the slipstream curvature effect can be obtained 
by considering the ' effective ' increase in coning due to the flow curvature. Referring to the 
photographs of the flow patterns in Ref. 17 and denoting the angle between the streamline 
directions at the 0" 75-radius sections in the fore and aft positions of the blade by 2~, the effective 
coning angle can then be taken as a0 + ~. Using a case from Ref. 17 as an example, for a coning 
angle of 7 deg at a tip speed ratio of 0" 2, the curvature effect gives a ~ of the order of 5 deg. 
Thus, the slipstream curvature may almost double the value of bl based on the simple theory. 

The slipstream curvature effect can be treated theoretically on the assumption of a linear 
increase in induced velocity from front to rear of the disc. Denoting the induced velocity at the 
rear of the disc to the mean induced velocity by K + 1 (as in Refs. 3 and 17) tile induced velocity 
at any  point in the disc is given by 

v~ = v~0(1 + xK cos ~0) . . . . . . . . . . . .  (44) 

where v~o is the mean induced velocity. 

Inserting the value for induced velocity in the values of flow through the disc ~ occurring in 
equations (6) (7) (8) (9) and (10) it can be shown that  the values of a0 and a~ as given by equations 
(13) and (23) respectively remain unchanged but  that  the value of b~ [@ equation (24)~ now 
takes the form 

, [ v,o 1 bl - i + + g . . . . . . . . . . .  (45) 
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Relating v~0 to resultant velocity V' in the momentum equation 

T = 2~R 2 pV'v~o . . . . . . . . . . . . . .  (46) 

and evaluating V'  in the form 

V' ---- O-Rv/(~ 2 + ~) . . . . . . . . . . . . . . .  (47) 

equation (45) may be written in the form 

bl = 1 +  #ao + + . . . . . . . . .  (4s) 

5.3. T h e  flapping motion of rotor blades, as obtained on the R-4B helJcopter 3 and On the 
C-30 autogyro (R. & M. 1859~), was measured by means of a camera located on the rotor head. 
This is undoubtedly one of the most reliable methods of test and the accuracy of results by such 
a method is assured. 

In Fig. 5, the measured values of bl for the R-4B helicopter are plotted, together with the 
theoretical estimates made by simple theory and also by taking into account the slipstream curva- 
ture effect as obtained in the flight tests of Ref. 17. The graph shows the magnitude of the 
slipstream curvature effect and the excellent agreement with the flight results when this effect 
is taken into consideration. 

In Fig. 6, similar results are plotted for the C-30 autogyro. Unfortunately there are no flight 
results of the flow patterns under autorotation conditions at forward speed but  the helicopter 
flow effect as mentioned above is used for comparison. As the accuracy of the flapping measure- 
ments is considered to be very good, the results for bl can be interpreted as giving ;ome indication 
of the autorotational flow conditions in existence. This shows tha t  the slope of the induced 
velocity distribution is considerably less than in helicopter flight. This would be expected from 
consideration of the small flow through the disc in autorotation. These results give the order of 
the flow effect to be taken into account for the helicopter under autorotation conditions. 

8. Helic@ter Attitude ~n Forward Fl igh t . - -The  att i tude of the helicopter, measured as the 
.angle of the rotor shaft to the vertical, can be found from equations (32) (33) (34) and is given 
m the general case by 

D H 
0 -- T cos r -- ~-1- (B, -- a~) . . . . . . . . . .  (49) 

which can be evaluated 

_ 

D H Wf mr . (5o) 
T cos "c - -  M~ q- Th T - -  Ms q- T]~ + Ms + Th" 

Simplifying for the helicopter with zero offset hinges and putt ing the thrust  equal to the weight, 
equation (50) becomes 

D f M f  
0 -- W cos ~ -- ~ + Wh . . . . . . . . . . . . .  (51) 

I t  will be seen that  the helicopter takes a nose-down att i tude in forward flight unless large 
pitching moments are applied from the fuselage. The angle is mainly defined by the helicopter 
drag and increases roughly as the square of the forward speed. The centre of gravity position 
has only an initial effect on at t i tude which does not vary  with forward speed. 

I t  is interesting to note tha t  the helicopter at t i tude in space is mainly a function of forward 
speed and is very little affected by the flight path  direction. Thus, for a given forward speed, 
the att i tude is independent of whether the helicopter is climbing, flying level or descending. 
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This point is of importance in considering the general handling characteristics of the helicopter 
and in certain particular features of the work, such as the use of the artificial horizon in blind 
flying. 

Similar to the above method, the lateral tilt of the helicopter fuselage can be found from 
equations (40) and (41) from the form 

T~ 
¢ = &  + T . . . . . . . . . . . . . .  (52) 

and evaluating 
W f l  T~ h~ T, 

¢ - T h T h + . . . . . . . . . . .  (53) 

Making the usual approximation that  the thrust  equals the weight and taking the general 
configuration where the tail-rotor height is approximately the main-rotor height, the lateral tilt 
of the helicopter fuselage can be simplified to 

¢ = -- A/h . . . . . . . . . . . . . . . . .  (54) 

Thus, the lateral tilt of the helicopter fuselage for the orthodox configuration is simply that  
due to the centre-of-gravity offset. 

7. Comparison of Theory a~d Flight Tests.--7.1. General.--A comparison is made of the theory 
with available flight information on two types of helicopter. For the R-4B helicopter, the flight 
results are taken from R. & M. 24315 and from further unpublished work. Some American 
results are also included. For the S-51 helicopter the results are taken mainly from Ref. 18. 

The blade-pitch distribution as measured in the flight tests has been analysed using the 
expression for blade angle as given in equation (3) 

4 = 4 0  - -  At cos ~ -- B1 sin ~0 . . . . . . . . . . .  (3) 

The comparison is then made for the three coefficients, 40 the collective blade pitch, A~ repre- 
senting the lateral control and B~ representing the longitudinal control. The analysis is strictly 
in relation to the helicopter axes and hence the longitudinal control B~ may not correspond 
identically with fore-and-aft movement of the stick. 

However, there is a further effect which must be taken into account in making this analysis. 
The blades are connected to the rotor hub by two pin-joints, vCz., the horizontal flapping hinge 
and the vertical drag hinge. In section 2 of this report it was shown that  the blade flapping 
position with respect to the flapping hinge was obtained in the form of a coning angle derived 
as the equilibrium position for the moments of the aerodynamic lift forces and of the centrifugal 
forces about the flapping hinge. In the same way, the position of the blade in relation to the 
drag hinge is obtained from the moments of the lift and drag components and of the centrifugal 
force. The drag angle, i.e., the angle between the longitudinal axis of the blade and the plane 
through the axis of rotation and the drag hinge, depends therefore on the pitch and power applied 
to the blades. In autorotation the angle is practically zero and as pitch and power are applied 
the blade drags back depending on the moment from the components of the lift and drag forces. 
As the blade moves round the drag hinge, it changes its angle with respect to the flapping hinge. 
The arrangement of the drag hinge in relation to the rotor head layout determines the drag 
angle at which the blade axis is perpendicular to the flapping hinge. 

if  the blade is not at right-angles to the flapping hinge, flapping motion of the blade produces 
a change in blade pitch or what is known as a delta-3 hinge effect, the delta-3 angle in this case 
being due to the difference in the angle of the blade axis to the flapping hinge from the 90 deg 
position. If the blade is ahead of the right-angle position, upward flapping causes a decrease 
in blade pitch while if the blade is back from the right-angle position, upward flapping causes an 

-increase in blade angle. Now, this latter condition can lead to serious blade instability and the 
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range of blade travel about the drag hinge must be arranged to avoid such a case by  appropriate 
positioning of the drag hinge. Thus, it is usually found tha t  the blade is approximately at right- 
angles to the flapping hinge at the highest permissible power condition and as autorotation is 
approached the blade moves forward about the drag hinge and introduces a delia-3 effect. This 
effect of pitch change produced by flapping motion is dealt with in Ref. 18 for the S-51 helicopter. 

The effect of the delta-3 hinge configuration is to introduce a phase angle betw.een the feathering 
appl ied to the blades and the associated flapping motion. Alternatively, it may be considered 
as coupling effects between the longitudinal and lateral control. I t  will be realised that  these 
effects arise from the flapping of the blades relative to the shaft. In practice, the fore-and-aft 
t i l t  of the disc relative to the shaft may be comparatively large (due to fuselage pitching moments, 
etc.) while the lateral inclination will be relatively small. The introduction of these coupling 
terms will therefore have very little effect on B1 but may alter A1 considerably. The mathematical  
analysis of the delta-3 hinge configuration and the associated feathering coefficients is treated 
separately in an appendix. 

Another possible influence in the comparison of theoretical and experimental control angles is 
tha t  twisting of the rotor blades may occur. To investigate this possibility some theoretical work 
on blade twist was done. I t  was found tha t  with blade twist the collective pitch, as measured 
at the root, has to be increased and to a first approximation this increment is independent of 
forward speed. Also the feathering amplitude to tr im (B1) is reduced by an amount increasing 
with forward speed. These symptoms were much in evidence in the autogyro work of R. & M. 
18598 where considerable twisting did take place. 

The comparison of the theoretical and experimental values of collective blade pitch and 
comparison of the values of B1 for both the R-4B and S-51 helicopters does not indicate the 
existence of any blade twisting. I t  should be noted tha t  symmetrical blade sections are used 
on both of these helicopters and, neglecting blade distortion, the section pitching moments should 
be negligible. 

The evaluation of the lateral tilt  of the rotor includes, in the power-on case, a term involving 
the thrust  of the tail rotor. This term is comparatively large and it was therefore advisable to 
analyse the tail-rotor characteristics. In the simple case, the thrust  of the tail rotor can be 
obtained from the moment about the main rotor axis to compensate the torque reaction of the 
main rotor, knowing the power input to the latter. However, on analysis Jt was found tha t  the 
measured tail-rotor blade angles were not always in agreement with the thrust  required for 
complete torque compensation. The helicopter fuselage is in a spiral slipstream from the main 
rotor and this produces a yawing moment on the fuselage. The direction of this moment is such 
as to reduce the moment required from the tail rotor. 

If the effect of the spirM slipstream takes the form of a pure couple, the tail-rotor thrust  is 
reduced and so also is the corresponding lateral tilt  required from the main rotor. If, on the other 
hand side forces on the fuselage are introduced the lateral tilt  of the main rotor must take these 
into account. 

In practice, there is little effect on the tail-rotor angles in hovering or at high forward speeds 
but there is a considerable effect at intermediary speeds. The comparison of the tail-rotor pitch 
settings theoretical and experimental is therefore made and the effect is allowed for in the 
estimation of the lateral feathering coefficient. 

7.2. Collective Pitch Ar~gles.--The measured and estimated collective pitch angles for the 
R-4B and for the S-51 helicopters are given in Figs. 7 and 8 respectively. Both level flight 
and autorotation conditions are considered and in the case of the S-51 helicopter results are 
given for two different rotational speeds in the level flight conditions. 

The flow through the disc, etc., and the evaluations used in the estimations are identical with 
the work of R. & M. 17301. No allowance for tip loss nor for induced velocity distribution is 
made. The value of the lift slope was taken as 5.6. I t  must be remembered tha t  in autorotation 
the main rotor has to drive the tail rotor and a certain amount of gearing. This effect is introduced 
into the power equation in the form of a negative torque coefficient applied to the main rotor. 
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Comparing the theoretical and experimental collective pitch values, the agreement is very 
good. Due to neglecting the induced velocity distribution in the power-on case, it is to be 
expected that  experimental values will lie above the theoretical curve near hovering. This effect 
will disappear with increase in forward speed. The tip loss will increase the experimental values 
slightly throughout the speed range. Comparison of the results does in fact show these features. 
In autorotation the agreement is excellent throughout the forward speed range. 

7.3. Longitudinal Control to Trim.--In the estimation of the longitudinal tilt of the no-feathering 
axis B1, the flapping term al can be obtained accurately and has been checked experimentally 
in flight giving good agreement with the estimated values. The H-force term can be estimated 
with reasonable accuracy and as it is of small magnitude, any error in H-force has little effect 
on B~. The centre of gravity effect is simply geometrical. Each of the terms in the expression 
for B1 can therefore be estimated accurately except for the fuselage pitching moment. I t  is 
therefore more suitable to compare the experimental results with the estimations, excluding 
fuselage pitching moment and the difference in values then represents the fuselage pitching 
moment. The latter can then be compared with expected fuselage pitching moments in the 
various conditions and for the particular case of hovering where estimation is possible. 

The longitudinal control to trim for the R-4B helicopter is given in Figs. 9 and 10 for level 
flight and antorotation conditions respectively. The results of the N.A.C.A. tests with the 
camera located on the rotor head giving direct measurement 3 are also included. The theoretical 
curves used for comparison are estimated without fuselage pitching moment, as mentioned 
above. 

Similar curves for the S-51 helicopter are given in Figs. 11 and 12 for level flight at two different 
rotor speeds and in Fig. 13 for autorotation conditions. The corresponding theoretical curves 
are also included. 

Comparing the theoretical and experimental values, it will be seen that  the fuselage pitching 
moment has a very important  effect on the longitudinal control angles required to trim the 
helicopter in steady conditions. The general influence is more important at low speed in the 
power-on conditions where the vertical induced velocity causes a large nose-up pitching-moment 
effect. As the forward speed increases, the fuselage pitching moment decreases until at high 
speed, where the slipstream effects become negligible, the pitching moment is becoming negative 
as would be expected. In autorotation, the fuselage influence is much smaller. 

To study these effects more fully the fuselage pitching moments as determined from the 
difference in the theoretical and experimental curves have been plotted in Figs. 14 to 18 for the 
various conditions considered in Figs. 9 to 13 respectively. The same scales have been used, 
so that  the pitching moments are in non-dimensional form. 

The R-4B results (Fig. 14) show quite a large change in fuselage pitching moment with 
attitude. The general shape of the curves is as would be expected, but the measurements were 
made during general handling work and may not be sufficiently accurate to define the magnitude 
of such an influence as change of pitching moment due to attitude. The pitching moments show 
much less variation with forward speed in autorotation conditions (Fig. 15) but the effect of att i tude 
change is still present. It  should be remembered that  the upper, lower and side panels of the 
R-4B fuselage are fiat, forming a simple rectangular fuselage section. Such a shape could lead 
to large fuselage effects as was evident for example in the dynamic stability work of R. & M. 25051°. 
Too nmch emphasis should not be placed on the R-4B results as it is not typical for fuselage 
shapes to be expected in the future. 

The deduced fuselage pitching moments for the S-51 helicopter are given in Figs. 16, 17 and 18. 
Change of att i tude over a small range has no significant effect as shown by the fact that  the 
points for the different centre-of-gravity positions lie on one curve. The tests at the two different 
rotor speeds have been plotted separately, but comparison of Figs. 16 and 17 shows that  there is 
no effect on pitching moment. I t  would not be expected that  the difference in flow conditions 
would be sufficient to influence the pitching moments for the range of rotor speeds considered. 
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The fuselage pitching moment is nose-up in hovering flight due to the vertical induced velocity. 
This particular case can be estimated fairly accurately and the magnitude of the estimation is in 
excellent agreement with the measurements. As forward speed increases, the nose-up pitching 
moment decreases and becomes negative at high forward speed. The slipstream now has little 
effect and the negative pitching moment is as would be expected from measurements on aircraft 
fuselages. 

In autorotation, the fuselage pitching moment remains constant with forward speed. The 
undercarriage stub arrangement contributes to the nose-up pitching monlent in autorotation. 
The difference in fuselage pitching moments at high speed for level flight and autorotation are 
due to the large changes in flow relative to the fuselage. 

7.4. Lateral Control to Tr im . - -The  lateral control to tr im the helicopter is given in Figs. 19 
and 20 for the R-4B in level flight and autorotation conditions respectively. The theoretical 
estimations are based on the work of section 5, including slipstream curvature and tail-rotor 
thrust  based on experimental tail-rotor pitch measurements. 

In Fig. 21, flight tes4:s on the measurement of tail-rotor pitch angles from R. & M. 24315 are 
compared with the pitch angles tha t  would be required to give full compensation for the reaction 
of the torque at the main rotor. The estimation of tail-rotor pitch angles is made similar to the 
collective pitch evaluation for the main rotor and there is therefore no need to repeat the details 
of the method. In practice the tail-rotor angles (and therefore the tail-rotor thrust) are much 
smaller than would be required for full torque reaction compensation. This means that  the 
spiral slipstream must be producing a moment on the fuselage countering the torque reaction. 
It  is easy to check tha t  the direction of the moment from the slipstream is in the correct sense 
but evaluation of the magnitude is virtually impossible. 

Comparison of experimental and theoretical values of A1 in both the level flight and autorotation 
conditions gives very good agreement. In autorotation the estimation corresponds exactly with 
the measurements while in the power-on case the smal l  discrepancy could easily be accounted 
for by  small side forces on the fuselage from a small angle of sideslip or from the spiral slipstream 
effect. 

Similar curves for the lateral control to trim on the S-51 helicopter are given in Figs. 22 and 23 
for level flight at two rotor speeds and in Fig. 24 for autorotation conditions. A comparison of 
measured tail-rotor pitch angles with the angles estimated to give full torque reaction compensa- 
tion is made in Fig. 25. In this case, the experimental and estimated tail-rotor pitch angles are 
in good agreement. Thus, we again find that  the streamlined shape of the S-51 compared with 
the R-4B gives a much smaller fuselage moment effect. 

Comparing the experimental and theoretical values of A 1 we find excellent agreement in the 
autorotation case. In the level flight conditions, the lateral tr im is overestimated by about 
0.75 deg at the higher rotor speed and about 1 deg at the lower rotor speed. The most likely 
reason for this discrepancy is the inability to estimate side forces on the fuselage due to the 
spiral nature of the slipstream. I t  has been shown that  yawing moments due to the slipstream 
can be checked by consideration of the tail-rotor thrust  to maintain equilibrium. However, side 
forces on the fuselage have a direct effect on the til t  required from the main rotor and there is 
no simple way of determining the existence of such forces or of evaluating their magnitude. 
The greatest discrepancy in the results, viz., 1 deg, is equivalent to a side force of 80 lb which is 
within the possible value tha t  could be expected from the slipstream spiral flow or from a Small 
angle of sideslip. Although precautions were taken to eliminate possible error d~e to the latter, 
absolute measurement on the helicopter is difficult and a small angle of sideslip could occur. 
I t  is interesting to note that  while zero sideslip on the fixed-wing aeroplane is necessarily associated 
with zero bank for straight flight, the helicopter does not necessarily conform to this due to the 
additional freedom between the rotor and the fuselage. 
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7.5. Helic@ter Attitude.--Fig. 26 gives the experimental results for the shaft at t i tude in forward 
f l ight  on the R-4B helicopter 6 and these are compared with the theoretical estimation based on 
a drag of 240 lb at 100 ft/sec. A detailed estimate of this drag value was given in Ref. 6 but it 
should be remembered that  changes of att i tude or of slipstream could cause large variations in 
this drag. 

The agreement is good in general in showing the trend of the helicopter att i tude with forward 
speed but the experimental results have too great a scatter to allow a more accurate comparison 
to be made. 

The att i tude curves for the S-51 helicopter are given in Figs. 27 and 28 for level flight and 
autorotation conditions respectively. The experimental results are taken from Ref. 18 and the 
theoretical curves are based on a drag of 300 lb at 100 ft/sec. 

The agreement is good and the discrepancies are associated with the fuselage pitching moments. 
This latter effect should correspond with that  obtained from the feathering amplitude work. 
However, the numerical values for pitching moment in the two cases are not in good agreement 
but this is mainly due to the difficulty in estimating drag of the fuselage with the required 
accuracy. For this fuselage shape and considering the changes in fuselage att i tude and slip- 
stream direction with forward speed, the drag will vary in a complex manner. I t  is therefore an 
unsuitable method to deduce pitching-moment data from att i tude curves. 

8. Co~clusio~s.--(a) The equivalence of the flapping and feathering systems of helicopter 
rotor control has been shown mathematically and also from the simple physical aspect. 

(b) The feathering or flapping required to trim a rotor disc for equilibrium in forward flight 
has been evaluated. The variation of induced velocity over the disc has an important  effect on 
the lateral tilt  of the disc. 

(c) The feathering required to trim the helicopter in forward flight has been evaluated. 

(d) Comparison of the estimated longitudinal trim (B1 longitudinal tilt of the no-feathering 
axis) with experimental results gives good agreement. The main difficulty is in the estimation of 
fuselage pitching moments in the presence of the rotor slipstream. 

(e) Comparison of the estimated lateral trim (A1 lateral tilt  of the no-feathering axis) with 
experimental results gives good agreement. The effects of slipstream curvature and of the tail- 
rotor behaviour are important. 

(f) The atti tude of the helicopter in forward flight is estimated and is mainly a function of 
fuselage drag. Agreement with flight measurement is satisfactory. 

(g) A delta-3 hinge introduces coupling effects on the feathering and flapping amplitudes. 
This is dealt with in an appendix. 
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LIST OF SYMBOLS 

Lift slope of blade section 

Coning angle 

Coefficients in Fourier series for flapping 

Coefficients in Fourier series for feathering measured in plane per- 
pendicular to rotor shaft 

Coefficients in Fourier series for feathering measured in plane of rotor 
disc 
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LIST OF SYMBOLS--continued 

Mean blade chord = (  f;cr2 dr)/(f~r2 dr) 

Pitching-moment coefficient of blade section 
Drag of helicopter 
Distance of flapping hinges from axis of rotation 
Fore-and-aft position of centre of gravity relative to shaft 
Lateral position of centre of gravity relative to shaft 
Distance of rotor centre above centre of gravity 
Longitudinal rotor force paralM to rotor disc 
Coefficient H/bcRp (~R) 2 
Blade moment of inertia about flapping hinge 
Aerodynamic pitching moment of fuselage 
Unit moment due to centrifugal force of all blades 
Rotor torque 

Radius of given blade section 
Rotor radius 
Centrifugal force of all blades 
Rotor thrust 
Thrust coefficient T/bcRp ( ~?R) ~ 
Velocity of flow through the rotor disc 
Velocity of steady flight 
induced velocity at given position on disc 

Mean induced velocity 
Weight of helicopter 

Fraction of rotor radius 
Incidence of blade section 
Incidence of rotor disc 
Flapping angle measured from no-feathering plane 
Flapping angle measured from plane perpendicular to shaft 
Lock's inertia number (pagR~)/I1 
Angle of pitch of helicopter from horizon 
instantaneous pitch of blade 
Collective pitch of blade 
Coefficient of flow through disc 
Tip speed ratio 
Air density 
AngIe of climb 

Blade azimuth position measured from the downwind position in 
direction of rotation 

Angular velocity of rotor 
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APPENDIX I 

Effect of Delta-3 Hi~¢ge 

The considerations of sections 2 and 3 of this report are based on the assumption tha t  the 
blade axis is at right-angles to the flapping hinge and that  flapping motion has therefore no effect 
on the pitch setting of the blade. In some designs this is not the case and even for the layout 
with simple flapping and drag hinges variations from the right-angle position do occur. 

I t  has been shown in section 2 that  the coning angle bf the blades is the position for equilibrium 
of the lift and centrifugal force moments of the blade about the flapping hinge. In a similar way, 
freedom about the drag hinge introduces a drag angle which is the equilibrium position for the 
torque and centrifugal force moment about the drag hinge. This drag angle, i.e., the angle between 
the longitudinal axis of the blade and the plane through the axis of rotation and the drag hinge, 
depends therefore on the power conditions for the rotor. In autorotation the angle is practically 
zero and as pitch and power are applied to the rotor the blades drag back from this position until  
the centrifugal force moment produces equilibrium. 

When the blade is not at right-angles to the flapping hinge, flapping motion of the blade 
produces a change in blade pitch. If the blade is ahead of the 90 deg position, upward flapping 
causes a decrease in blade pitch while if the blade is back from the 90 deg position upward flapping 
causes an increase in pitch. Now, this latter condition can lead to serious blade instabili ty and 
the range of blade travel about the drag hinge must be arranged to avoid such a possibility by  
appropriate positioning of the drag hinge. Thus, it is usually found that  the blade is almost at 
right-angles to the flapping hinge at highest permissible power conditions and as autorotation is 
approached the blade moves forward on the drag hinge and introduces a delta-3 hinge effect. 
This is illustrated in Fig. 29 where the rotor head configuration for the S-51 helicopter is shown. 
This diagram will be used to illustrate the effect of the angle (~po) of the blade axis from the right- 
angle position to the flapping hinge axis on the estimation of the feathering coefficients. 

I t  can be shown from simple mechanics tha t  if the axis of the blade flaps up by an angle ;?s 
the pitch setting of the blade will change by an angle -- /?, tan ~o0. 

For the general conditions, consider the case where the t ip-path plane is maintained constant 
and the shaft is tilted longitudinally by an angle a~ and laterally by  an angle bl so tha t  cyclic 
flapping of the blades relative to the shaft takes the form 

- -  als cos ~ -- b~ sin ~o. . . . . . . . .  ( s s )  

This introduces a cyclic variation of the flapping hinge setting relative to the t ip-path plane 
in the form 

- -  al, sin (9 -- 90) + bls cos (9 -- ~o) . . . . . .  (56) 

and the cyclic pitch of the blades becomes 

sin (9 -- ~Oo) cos (VJ -- %) 
-- al, cos ~o0 + b~, cos ~o0 . . . . . . . .  (57) 

which can be expanded in the form 

- -  al, sin ~ + axs cos ~o tan ~po + b~s cos ~o + b~s sin ~0 tan % . . . . . . .  (58) 

Assuming the pitch of the blades is expressed as in equation (3) in the form 

v~ = @o -- A~ cos ~o -- B~ sin ~ . . . . . . . . . . . . . . . .  (3) 

where ~0 is now the collective pitch at a coning angle a0. 
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T h e  angle  of a t t a c k  of b l ade  sec t ion  at  r ad ius  r, s imi la r  to  t h a t  of e q u a t i o n  (8) b u t  i n t r o d u c i n g  
expres s ion  (58) is g iven  b y  

= #o - -  A1 cos w - -  B1 sin ~o - -  als sin ~o + a~s cos ~0 t a n  Wo 

u + V cos iao cos ~ . . . .  (59) 
+ bl, cos v + bls s in ~o t a n  ~Oo - -  d r  + V cos i s in ~ . . . .  

a n d  m a y  be  r e w r i t t e n  in  t h e  f o r m  

= G - -  (A~ - -  bls - -  a~s t a n  ~Oo) cos ~o - -  (B1 + a~, - -  b~, t a n  ~oo) s in ~o 

+ /~ao  cos  

- -  x + ¢  sin ~o . . . . . . . . . . . . . . . . . .  (60) 

T h e  i n c r e m e n t  of t h e  a e r o d y n a m i c  m o m e n t  a b o u t  t h e  f l app ing  h inge  is t h e n  

d M  = ½@c dr .  f [ g r  + V cos i s in ~012c~ . . . . . . . . . . . . . . .  (61) 

S u b s t i t u t i n g  f r o m  e q u a t i o n  (60), e x p a n d i n g  a n d  i n t e g r a t i n g  b e t w e e n  t he  l imi t s  0 a n d  R t h e  
e v a l u a t i o n  of t he  a e r o d y n a m i c  m o m e n t  b e c o m e s  

~ ¢ # o  s i n  ~o 

- -  (A~ - -  b~, - -  a~, t a n  ~0)}(1 + ½~) cos ~o 

- (B~ + ~1, - b~, t a n  ~o)~(1 + ~ ' )  s in  

- -  I~*(B~ + a~, - -  b~, t a n  ~po) 

2 
_ _  i t  3 ½,~ sin ~o - -  x~ao cos ~o] . . . . . . . . . . . . .  (62) 

T h e  disc is m a i n t a i n e d  in e q u i l i b r i u m  so t h a t  th i s  m o m e n t  m u s t  equa l  t he  m o m e n t  d u e  to  t h e  
cen t r i fuga l  forces a b o u t  t h e  f l app ing  h inge .  

M = I ~ a o  . . . . . . . . . . . . . . . . . . .  (63) 

E q u a t i n g  t h e  coefficients ,  i.e., c o n s t a n t  t e r m  equa l  to  t h e  cen t r i fuga l  force m o m e n t  a n d  
coeff icients  of sin ~o a n d  cos ~ equa l  to  zero, 

l p ~ .  ~ o ( 1  + ~ )  - ~ ( B ~  + < s  - ~ ,  t a n  ~0) - = L ~ ' ~ o  . .  (64) 

~-~*'o - -  }¢Z - -  (B~ + a~, - -  bl, t a n  %) ~(1 + . ~ )  = 0 . . . .  (65) 

~(1 + ½~) (A~ - -  b~, - -  a~, t a n  ~o) + ~ ~ a 0  = 0 . . . . .  (66) 
Hence ,  

- - 4  
~ °  ~ .  . . . .  (67) B~ + a~, - -  b~, t a n  ~0o = 2# 1 -4- ,~ . . . .  

4 ~ao 
a n d  A1 - -  b~ - -  a~, t a n  ~o0 - -  3 1 + ½~ . . . . . . . . .  (68) 

S u b s t i t u t i n g  f r o m  (67) in (64) a n d  e v a l u a t i n g  

1 + ~ .  - -~z 1 + ~-W'J . . . . . . . . . . .  (69) 
Thi s  va lue  of con ing  ang le  is i den t i c a l  w i t h  t he  v a l u e  d e r i v e d  in e q u a t i o n  (13). I t  m u s t  be  

r e m e m b e r e d  t h a t  in e q u a t i o n  (69) t h e  v a l u e  of G is t h e  col lec t ive  p i t c h  a t  t he  a p p r o p r i a t e  con ing  
ang le  whe rea s  in  e q u a t i o n  (13) t h e  v a l u e  of 4o is i n d e p e n d e n t  of t h e  f l app ing  cond i t ions .  
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Considering the r igh t -hand side of equations (67) and (68) it  will be seen t ha t  these values 
correspond ident ical ly  wi th  the  flapping coefficients as derived in equations (23) and (24) respec- 
t ively.  Subs t i tu t ing  these f lapping coefficients, equations (67) and (68) m a y  be t ransformed 
into values for B~ and A~ 

and 

B~ = a~ --  a~  + b~, t an  ~po . . . . . . . . . . . .  (70) 

A :t = - -  b:, -¢- b~, + als t an  ~po. (71) 

az, and bls can be evaluated for the  helicopter by  rewrit ing the  equations of motion, i.e., 
equat ions  (32), (33) and (34) obtained from Fig. 3, in the form 

W + D s i n T =  T . . . . . . . .  (72) 

D c o s ,  + H = T( - -  als --  0) . . . .  (73) 

W f  - M j  + M , ( - -  a~,) + T h ( - -  a~,) --  H h  = 0 . . . . . . . . .  (74) 

Hence 

Mf H h  W f  + (75) 
- -  a~s  - -  M ,  + T h  Ms -¢- T h  Ms -k Th . . . . . . . . .  

Simplying as before 

H 
- -  o t i s - -  W 

f - c -  M j  
W h  . . . . . . . . . . . . . . .  (76) 

For  the  lateral  equations of mot ion 

T(bls - -  •) = - -  T ,  . .  

W f l  + T ,h ,  + Thb l ,  = O. . .  

• ° 

• ° • ° 

O 

• ° 

t t 

• ° • ° 

0 m 

0 I 

. .  (77) 

. .  (78) 

Hence 

W f1 T,h~ 
b l s =  - -  T h T h  " (79) 

Simplifying 

bls f l  T~h~ 
= - -  h W h  " (so) 

• Subst i tu t ing  in equations (70) and (71) the  feathering coefficients become 

H f M I ( f~ T ,h ,~  
B1 = al + W h + TIkh + t an  ~oo \ h W h /  "" 

and 

(Sl) 

A ,  = - -b l  f l  T~h~ ( H f M I h 
h W], - -  t an  ~o \ ~7 + W h /  (82) ] . ~  " • • • • • • 

Comparing these equations wi th  (37) and (42) the  expressions are identical  for the  first par t  
wi th  the  addi t ion of the  t an  % terms, and if the  angle ~00 becomes zero, equations (81) and (82) 
take  the same form as in the  previous work. 
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In general, the magnitude of the coupling terms are such that  there is little effect on B1 (com- 
pared with no delta-3 hinge conditions) but the effect on A~ can be quite large, particularly if 
the fuselage pitching moment is of large magnitude. For the normal helicopter iayout where the 
delta-3 hinge effect is small in power-on conditions the influence of the coupling terms is negligible. 
For the autorotation case, the term involving taiA-rotor thrust  disappears and since the lateral 
centre of gravity offset will be very small, there is therefore no alteration to the B~ amplitude 
and the effect only appears as an alteration to the A~ amplitude of feathering. 

It must be remembered that throughout this report the feathering amplitudes and the com- 
parison of theoretical and experimental results are associated with the blade position in azimuth 
as measured from the downwind position, i.e., along the longitudinal axis of the helicopter. 
The behaviour of the pilot's control in relation to fore-and-aft or lateral displacement is a function 
of the mechanical linkage to the swash-plate. If pure fore-and-aft stick movement produces pure 
longitudinal tilt of the swash-plate and also of the no-feathering axis, then the pilot's stick positions 
fore-and-aft and laterally are directly proportional to the BI and At amplitudes respectively. 
If there is any presetting of the controls the appropriate phase angle must be taken into account 
when the behaviour of the pilot's controls is considered. 
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