
%- 

Detailed 
and at High-Subsonic 

Observations made at High 
Numbers on 

Aerofoil 
Mach 

144 e/1547 
By 

H. H .  PEARCEY, B .Sc . ,  a n d  Miss M. E .  FABER, 

Of t h e  A e r o d y n a m i c s  D i v i s i o n ,  N . P . L .  

Reports azct Memorazd~ No. 284-9* 

_/Vovemaer, 195 o 

Incidences 
Goldstein 

? 5 JUL 1955 
I L I 3 R A ~ y  

Summary . - -Deta i led  measurements, including surface-pressure distributions, shock-wave photographs and observa- 
tions of boundary-layer separation, have been made over a wide range of incidence in the National Physical Laboratory 
20-in. x 8-in. High-Speed Wind T~mnel on the Goldstein 1442/1547 aerofoil NPL 177, previously tested at lower 
incidences in this tunnel. 

The tests have shown that with standard models of 5-in. chord the stall can be covered for Mach nmnbers up to 
nearly 0.8 unless it is delayed beyond the usual incidence range, as for Mach numbers above 0- 7 for the present section. 
For these cases, however, it should still be possible to cover the useful range of Cz which is often limited by other con- 
siderations, e.g., pitching-moment coefficients. 

The observations enable the effects of compressibility on C~ max and on the nature of the stall to be studied in detail 
for the two-dimensional case. The pitching-moment coefficients, also, can be integrated from the pressure distri- 
butions. Since the main purpose of experiments of this type is to provide qualitative explanatio~ls of the compressi- 
bility effects, the limitations on the accuracy of the results due to tunnel interference and the fairly low Reynolds 
numbers (1.0 to 1.8 × 106) are not likely to detract seriously from their value. 

Certain features of the results on the Goldstein section are thought to be of fairly general interest and application. 
These include : 

(a) The occurence, for free-stream Mach numbers of 0.55 and above, of a very rapid supersonic expansion, probably 
around the bubble formed by  a local separation or thickening of the boundary layer near the nose. This 
is accompanied by an increase in tile maximum local Mach number and a fairly abrupt rise in C~ max. It  
tends to confirm an explanation which has been suggested for the beneficial effect of a small leading-edge 
radius on C~ m,x at high speeds. 

(b) The increasing tendency to stall due to the boundary-layer thickening at the foot of the shock-wave. The 
increase in the extent of this thickening with increasing incidence is sufficient, for Mach numbers above 
0.5, to cause the aerofoil to stall at a reduced incidence where the magnitude of the pressure recovery on 
the upper surface is hardly changing. 

(c) The changes in flow pattern which lead to the absence of a maximum in the lift vs. incidence curves for Mach 
numbers of about 0.75 and above, a feature noted in many other tests. The present measurements show, 
however, that the useful lift would probably be limited by a rapid increase in nose-down pitching moment. 

* Published with the permission of the Director, National Physical Laboratory. 
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1. introduction.--Beavan and Hills 1 have drawn attention to the possibility of s tudying 
the effects of compressibility at high incidences by  pressure plotting and other observations of 
flow on 5-in. chord aerofoils in the National Physical Laboratory 20-in. × 8-in. High-Speed 
Wind Tunnel. They felt that  such tests should help to elucidate the underlying causes of the 
variations in CLmax for the fundamental  two-dimensional case at high subsonic Mach numbers 
and should yield other useful results, including the variation of pitching moment near the stall. 
They suggested that,  in order to illustrate the beneficial effects on CLmax at high speeds of reduced 
nose radius, of camber, of reduced thickness and of far back maximum thickness, the tests on 
a systematic series of aerofoils 2 should be extended to high incidences. Considerable delay 
was anticipated in the construction of the models of this series and so, in order to explore the  
possibilities of the technique, an opportunity of a short gap between other items on the tunnel 
programme was used to make some preliminary observations on the Goldstein ' R o o f - T o p '  
section, 1442/1547 (N.P.L.177), previously tested at lower incidences ~. In particular it was 
hoped to find how far the range of Mach number and incidence would be restricted by tunnel 
choking and by limitations in model strength, and whether the stall could be covered adequately. 

The limitations imposed by the tunnel constraint, spanwise variations of flow, low Reynolds 
numbers, etc., on the accuracy of the observations are discussed in the present report. 

Although the Goldstein section is of a type and thickness not consistent with recent trends 
in high-speed section design, the results are presented because they show that  the variation of 
CLma~ with Mach number, which is similar to that  for many other sections, can be explained 
quali tat ively from the detailed observations. The variation of pitching-moment coefficient at 
high incidences is also shown, which is of itself quite important  and of which there are few results 
available. Further, the detailed observations reveal certain flow phenomena which are thought 
to be significant and may be of more general application and interest. 

As far as is known, few pressure distributions accompanied by photographs of shock-waves, 
etc., for high incidences and Mach numbers have been punished,  and so these observations 
are given and described fairly fully for the present case. I t  is hoped tha t  they may help in the 
understanding of the varying nature of the stall and of other effects of increasing Math number 
in this r6gime, and in the planning of further work on these problems. The pressure distri- 
butions also afford details of loading which should be useful for stress purposes. 

The main aspects of the results are summarized and their significance remarked upon in 
section 7. 

2. Experimental Details.--2.1. Tunml, Model, etc. " The tunnel, pressure-plotting technique 
and method of model construction have been described fully by  HoldeP and it will be sufficient 
here to mention certain relevant details. 

The Reynolds number varied from 0.8 × 106 at the lowest Mach number, 0.3 to 1.8 × 106 
at M = 0.8 (see Fig. 2). 

The tunnel span and aerofoil chord were 8 in. and 5 in. respectively ; the tunnel height was 
17-5 in. 

Owing to the difficulties of setting the flexible walls to ' s t r eaml ine '  shapes for extreme 
incidences within the restricted length of working-section available, these ' streamline ' settings ~ 
were not used. The walls were set instead to give constant velocity along the tunnel in the 
absence of the model, i.e., straight walls with taper to allow for boundary-layer growth. Datum 
static pressure was measured at a point on one flexible wall, about two chords upstream of the 
.leading edge of the model, 
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Details of the Goldstein Roof-Top section, 1442/1547, are given in Ref. 3 ; a drawing of the 
profile showing the chordwise location of the pressure holes is reproduced in Fig. 1. These 
pressure holes were distributed over the middle 3½ in. of the 8-in. span. 

2.2. Observatio~s.--Surface pressures were measured enabling normal-force and pitching- 
moment  coefficients to be evaluated and detailed pressure distributions to be studied. These 
were supplemented in many cases by direct-shadow photographs which show the shock-waves 
clearly and some details of the boundary-layer flow. It was possible to obtain, subsequent to 
the main tests, more precise information on boundary-layer separation for a few representative 
cases from observations of oil on the surface and from Toepler schlieren photographs. Turbulent 
separations were accompanied by reversed flow from the trailing edge and the oil gave a fairly 
reliable indication of these. Local laminar separations followed by re-attachment were more 
difficult to determine precisely, especially when the separation was effectively a small bubble 
very near the leading edge ; there may have been cases where these were present but not observed 
when the oil was used. 

The range of incidence obtainable was sufficient to cover the stall for 1Kach numbers up to 
0-7. For higher Mach numbers there was a change in the type of C2v vs. c~ curve and there 
was no stall below the maximum CN permissible from strength considerations. A limit of 200 lb 
on the normal force was imposed in order to ensure a safe stress in 'the supporting pills ; the 
corresponding limiting CN varied from 1.25 at M = 0.75 to 1.16 at M = 0.8. 

3. Presentatio~ of Results.--The normal-force coefficients, CN, and quarter-chord pitching- 
moment coefficients, C,,, are all given in Fig. 3 plotted against incidence for constant Mach 
numbers. The normal-force coefficient CN, is very nearly the same as the lift coefficient CL. 
for small incidences ; the differences at the highest incidences of these tests do not exceed 2 per 
cent. For greater accuracy in the curve of CLmax against M, Fig. 4a, the longitudinal forces were 
integrated near the stall enabling the differences between CN and CL to be found in this region. 
The angle for maximum CL is given in Fig. 4b. 

The variation of CLmax for the present section is compared in Fig. 5a with the results of tests 
on similar sections. 

The pressure distributions, in the form of pressure coefficients @, are plotted for several 
incidences at each of several Mach numbers in Figs. 11 to 22a. Direct-shadow photographs 
are given ill Figs. 12b, 14b and 14c, 16b to 20b and 22b. Schlieren photographs for two inci- 
dences at M = 0.5 are given in Fig. 14d, for one incidence at M = 0.65 in Fig. 17c, and for 
various Mach numbers at a----6.5 deg in Fig. 25. A control, direct-shadow, photograph 
without airflow is given in fig. 30 to show the positions of supports, etc., and imperfections on 
the glass. The pressure distributions for varying Mach number are collected in Figs. 6 to 9, 
Fig. 6 showing, for each Mach number, the distribution for the nearest angle to the stalling 
angle at which observations were made, and Figs. 7, 8 and 9 the distributions for the incidences 
of 8.5 deg, 10.5 deg and 12.5 deg. The minimum pressure coefficient on the upper surface is 
plotted against free-stream Mach number in Fig. 10 for incidences near and at the stall. The 
local Mach numbers ML, plotted on this figure and indicated on most of the pressure distributions 
are related to the pressure coefficient on a theoretical basis assuming isentropic flow and are 
therefore strictly accurate only upstream of shock-waves. 

The approximate positions of boundary-layer separations determined by the observations 
with oil are given in Table 4. 

Certain of the pressuremeasurements and other detailed observations are presented in different 
forms in Figs. 23 to 29 which will be referred to in the discussions. 

4. Accuracy of Results.--4.1. Effect of Tu~ml I~¢terfereme.--The ' streamline ' settings of 
the flexible walls were not used (see section 2.1 above) and the results are therefore subject to 
the effect of tunnel constraint for a straight-walled tunnel. 



i t  has not been possible to apply the appropriate two-dimensional corrections to all of the 
observations as drag measurements, necessary for the evaluation of wake blockage, were not 
obtained. Calculations have been made, however, for two incidences, 0.5 deg and 6.5 deg, 
using drags estimated from the results of earlier tests. Specimen corrections on Mach number, 
pitching-moment coefficient and incidence and the ratios of corrected to uncorrected normal- 
force coefficients are given in Table 1, the corrected values being indicated by primed symbols. 

TABLE 1 

= 0 . 5  deg ~ = 6 . 5  deg 
M 

M' - - M  C,,,' -- C,,~ M' - - M  C,,' -- C,~ 

0.3 
0.5 
0.7 
0.75 

0.001 
0.003 
0.009 
0.014 

C~ ' /Cs  ~ ' - - ~  
(deg) 

0.98 0.01 
0.97 0.01 
0.95 0-01 
0.94 

0.001 
0.002 
0.003 
0.003 

--0.003 
--0.001 

0.004 
0.015 

C~'/C~. o~' - -  ct 
(aeg) 

1.01 0.11 
0.99 0-14 
0.96 0.21 
0.94 0.15 

0.003 
0-004 
0.007 
0.009 

T h e  corrections on Mach number allow for the ' blockage ' of the model and its wake and also 
for an error in datum pressure due to a slight gradient across the tunnel which increased with 
incidence. The effects of these on the dynamic pressure have been incorporated in the cor- 
rections on the force coefficients which allow also for the effective change in camber due to the 
curvature of the flow. The effective change in incidence due to this curvature is compensated 
for in the incidence correction. The formulae used and the appropriate references are listed 
in Appendix I. 

The values in Table 1 suggest that  the correction on Mach number does not change greatly 
with incidence and therefore that  the Mach number is sensibly constant for those figures in which 
the observations are plotted for fixed values of the uncorrected Mach number. The main effect 
of  the corrections on normal-force coefficient and incidence would be to reduce slightly the 
variation of the coefficient with incidence at constant Mach number, or with Mach number at 
c o n s t a n t  incidence.  I t  is considered,  however ,  t h a t  none  of these  correct ions would  have  a n y  
appreciable  influence on the  qua l i t a t ive  discussion of the  results  pa r t i cu la r ly  as regards  the  
d e v e l o p m e n t  of flow character is t ics  w i th  chang ing  Mach n u m b e r  or incidence.  This  applies 
also to  the  correct ions which  shou ld  s t r ic t ly  be m a d e  to the  coefficients der ived  f rom the  surface 
pressures  b u t  which  have  been  Omit ted  in p resen t ing  the  pressure  dis t r ibut ions .  

Fo r  the  m a x i m u m  lift coefficients, on the  o the r  hand ,  there  is l ikely to be more  in te res t  in  
compar i son  of the  ac tua l  values  w i th  resul ts  ob ta ined  elsewhere, so t h a t  i t  is desirable to correct  
t h e m  for t u n n e l  in ter ference  if possible. The  same formulae  have  been used b u t  the i r  va l id i ty  
p r o b a b l y  becomes  more  doub t fu l  a t  the  h igh  incidences  ~2. The  cor rec ted  values  of Mach n u m b e r ,  
Ca max and  incidence for m a x i m u m  lift coefficient have  been  used  in Figs. 4 and  5, and  the  mag-  
n i t u d e  of the  correct ions is i nd ica ted  in Table  2. (For the  calcula t ion of the  wake  blockage,  
t he  form drag  was used, on the  basis t h a t  the  difference be tween  this  and  the  profile drag  should  
be relatively small at high incidences.) 

TABLE 2 

M 

0.3 
0.5 
0.6 
0.7 

M / - -  M 

0.001 
0.003 
0.005 
0.015 

C~ m~x'/C~ ma~ 

0"98 
0"97 
0"96 
0"93 

0 ( .  r - -  

(aeg) 

0"17 
0"22 
0'24 
0.20 
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The magnitudes of all the above corrections increase with Mach number and become invalid 
as the choking Mach number is approached. For the main body of results an arbitrary limit 
on Mach number and incidence has been imposed and no cases included for which the local 
supersonic region above the aerofoil stretched to the tunnel wall. Observations under these 
conditions may, however, be of qualitative interest in illustrating probable flow trends at higher 
Mach numbers than could otherwise be obtained, and have been included in Fig. 3, the curves 
being shown dashed in this region, and also in Figs. 20, 22, 26, 27 and 29. 

The errors of CL due to the loss of lift at the ends of the aerofoil in the side-wall boundary 
layers have been shown in recent investigations, e.g., Ref. 23, to be negligible at moderate 
incidences, even for the fairly low span/chord ratio used here. They may become more serious 
a t ' ve ry  high incidences, however, especially if there is a tendency towards a premature stall 
at the ends. For the present tests there appears, in fact, to be a narrow range of Mach number 
around 0.7 for which flow conditions near the leading edge are critical at high incidences. With 
increasing Mach number in this region there is a tendency for the flow to change from stalled 
flow near the nose to flow with the boundary layer adhering and supersonic velocities persisting 
back to about mid-chord. This  is shown, for example, in tile photographs for c~ = 10.5 deg, 
M = 0.65, 0.7, 0.75 and 0.775 in Figs. 17b, 18b, 20 and 22 respectively, the shock-wave and 
rapid boundary-layer thickening occurring very near the leading edge at M = 0.65 and pro- 
gressively further back as the Mach number is increased. The flow conditions are most critical 
at 0.7 where this trend first starts, and spanwise variations in the positions of the shock-waves 
and of the boundary-layer stalling are evident in the photographs in Fig. 18b for this Mach 
number and incidences above 9-5 deg. These are thought to occur because of the adhered 
flow being more easily established over the centre of the span than near the ends. 

Conditions were probably constant over the centre 3{- in. in which the pressure holes are 
positioned so tha t  readings of these would not have been directly affected by the stalled flow 
at the ends, but  the existence of the spanwise variations in loading may well have led to serious 
induced effects and errors on measured Ca. 

The flow pattern with these spanwise variations probably resembles the spanwise variations 
explored in detail by Todd 2. during high-speed tests on a cascade of highly cambered aerofoils. 
The errors in those tests would, of course, have been much larger than for the present case 
because the curvature of the flow was greater and the span/chord ratio less. 

Tile main effect of these variations is probably to reduce slightly the Mach number at which 
the adhered flow becomes established and hence that  at which the lift curve without a peak 
first occurs (see later). Their influence is likely to be restricted, however, to tile narrow range 
of 1Kach number in which the flow changes near the nose first appear. Below and above these 
Mach numbers the spanwise variations are less noticeable; in the present case, for example, 
the adhered flow is fairly well established over the front half of the aerofoil for M = 0-75 and 
0-775 and the spanwise variations greatly reduced. 

4.2. Effect of Reynolds Number.--The effect of Reynolds number may be important  in two 
ways which have been discussed 6 to ~2 fairly fully in relation to other experiments under similar 
conditions. 

Firstly, since the stagnation pressure is constant, the Reynolds number varies simultaneously 
with the test Mach number, Fig. 2, and although the variation of the former is fairly small, 
the effects of the two variables may be confused. The effect of increasing Reynolds number 
at constant Mach number, for an aerofoil of moderate thickness and within the range of the 
present tests, is likely to be an increase in CLmax, due to the decrease in the extent of the bubble 
formed by the local separation of the laminar boundary layer near the nose and the resulting 
more favourable initial conditions of the re-attached turbulent layer 6,13. Increasing Mach 
number in the low range, i.e., up to about 0-5 for the present section, at constant Reynolds 



number produces, on the other hand, a decrease in CLmax 9. Thus, ior a test in which the two 
variables increase simultaneously, conflicting effects are to be expected. I t  has been found 1°' 11,12 
tha t  at first Reynolds number is the more important  and that  there is a rising CL m~x up to a certain 
Mach number. Above this the compressibility effects become more important  and CLm~x begins 
to decrease. For still higher Mach numbers the effects of the variation in Reynolds number 
seem to become negligible in comparison with those due to Mach number. For the present 
tests it  is considered tha t  the effect of the varying Reynolds number predominates up to M ---- 0- 4 
but  is unimportant  above this value (see section 4.1). 

Secondly, the values of Reynolds number are low compared with full-scale and, although 
the results may give a good indication of the effects of compressibility at low Reynolds numbers, 
i t  is well to bear in mind that  these effects, and also the overall values of CLmax and force coeffi- 
cients, may be different at higher values. The available evidence 7' 8,~ suggests tha t  the variation 
with Mach number remains qualitatively the same at the increased Reynolds numbers and 
further that  there may be practically no effect of Reynolds number on the overall values of 
CL m~ at Mach numbers above about 0.55. This decreasing influence of Reynolds number is 
probably due to the fact that  the position and manner of boundary-layer separation is largely 
determined in relation to the shock-wave positions rather than the more normal factors important  
at low speeds. The evidence is not complete, however, and in view of recent findings that  the 
shock-wave positions and pat terns  can be considerably affected by  the boundary layer, there 
is the possibility that  a Reynolds number effect of a different kind may exist under certain 
conditions. There  was, in fact, a suggestion of this for one of the tests considered in Ref. 9. 

5. Force Coefficients.--5.1. Normal-Force.--The curves of normal-force coefficient C~, 
plotted against incidence for constant free-stream Mach numbers, Fig. 3, show definite peaks 
for all Mach numbers up to 0-65. These peaks are not particularly sharp and suggest a fairly 
gradual stall. 

The peak is absent at M = 0.7, and, after falling roughly to zero at about 10 deg, ~CN/~ 
increases again instead of becoming negative. The value of Cc at the incidence at which OC~/O~ 
is nearly zero has been taken as the CLmax for this Mach number. 

For higher Mach numbers there is no sign of a maximum in the CN vs. ~ curves within the range 
of incidence covered, i.e., up to 13.5 deg for M = 0.75, 12 deg for M = 0-775 and 7.5 deg 
for M = 0-8, including those cases for which the local speed of sound reaches the tunnel wall. 
This behaviour is similar to that  observed 7'8 for several other sections at these Mach numbers, 
but  for much smaller models in the same tunnel, and is no t  thought to be caused by the con- 
striction of the flow. The Mach number for which the peak is first absent may, however, be 
affected, particularly by the end effects (see section 4.1). 

The changes in lift-curve slope at low Mach numbers, starting at about 4 deg to 6 deg inci- 
dence, are similar to those observed elsewhere for similar low-drag sections~°'lq Observations 
of the flow (see later) confirm the suggestion in Ref. 10 that  they are due to the building up of 
boundary-layer separation over the rear part  of the upper surface. The separation disappears 
in the small range of Mach number between 0.6 and 0.7, following the rearward movement of 
the shock-wave, and the changes in OCN/O~ become less noticeable. Further comments on the 
variations in lift-curve slope and on the observations of boundary-layer separation are given 
in Appendix III .  

5.2. Pitching Moment.---The curves of quarter-chord pitching-moment coefficient, C,,, show 
that  for Mach numbers up to 0.65 there is a negative, i.e., nose-down, moment at low incidences, 
the magnitude of which decreases gradually with increasing incidence up to the stall ; a rapid 
increase of nose-down moment begins at the stall. For Mach nmnbers of 0.7 and above the rate 
of increase of nose-down moment becomes very large at high incidences even in the absence of 
a peak in the CN vs. ~ curve. 



5.3. CLmax.- -The value of CLmax remains fairly high, Fig. 4a, in the range of Mach number 
where there is an obvious stall, there being no drastic falling off, except perhaps between 
M = 0.65 and 0.7. There are nevertheless, as various effects of increasing Mach number become 
felt, considerable changes in the pressure distributions near the stall and in the nature of the 
stall. These effects are described in section 6 but it may be noted at this point that  they combine 
to produce the minor variations in CLm~ evident in Fig. 4a. There is a slight rise between M 
M = 0.3 and 0.4, due probably to the increasing Reynolds number (see section 4.2 above). Beyond 
M = 0.4 the effects of compressibility appear to become more important and CLmax begins to 
fall. This fall ceases between M = 0.45 and 0-5 and is followed by a fairly sharp rise between 
M -~ 0.5 and 0.55. With further increase of M, CL max decreases again from the high value 
reached at M = 0.55. These variations are typical of those observed for other low-drag 
sections of moderate t/c, the most significant difference between them and the corresponding 
variations for conventional sections of the same t/c being the interruption of the fall of CL m,x by 
the fairly sharp rise, at Mach numbers between about 0-5 and 0.6, and the resulting higher 
values for Mach numbers above this. 

Although for Mach numbers above 0.7 there is no peak in the CL curve within the range of 
incidence covered, the maximum CL attainable in trimmed flight would probably be limited by 
the rapid increase in nose-down pitching momenf and may well fall below the value of about 
1.0 measured at 0.7. The changes in flow pattern leading to the absence of a peak in the C,,, 
curve and to the large negative pitching moments are discussed in section 6 and it is shown 
further tha t  there are extensive boundary-layer separations which could cause buffeting in 
flight. 

The curve of CL max against M for the present tests is compared in Fig. 5a with those obtained 
for two very similar sections in the Ames l-It × 3½-It High-Speed Wind Tunnel 1~ with almost 
the same Reynolds numbers, Fig. 2. The section characteristics are compared in Fig. 5c. The 
values of CL .... for both these N.A.C.A. sections are below those for the Goldstein section through 
most of the Mach number range, but there is a distinct similarity in the variation with Mach 
number. CLm~x is somewhat higher for all three of these sections than the values predicted, 
for a section having the corresponding camber and thickness, from the results of Refs. 7 and 8 
and indicated in Fig. 5a for M = 0.6 and 0.7*. 

6. Detailed Observations.--6.1. The detailed observations are discussed fairly fully with 
the object of bringing out the underlying causes of the variations in CLm~ with Mach number for 
the present case and of illustrating certain flow phenomena and compressibility effects which 
occur at high incidences and which are thought to be of fairly general interest. Various effects 
become evident at different stages in the Mach number range, leading to successive changes in 
the way in which the forces develop with increasing incidence and in which the stall occurs. 
The general trend of the changes is introduced briefly in section 6.2 with reference to the pressure 
distributions near the stall for varying Nach number. The development of the pressure dis- 
tributions and flow patterns with increasing incidence is then discussed in section 6.3 and 6.5 
for each Mach number at which observations were made, with two particular features treated 
under separate headings in section 6.4 and 6.6. The main aspects are summarized and their 
significance remarked upon in section 7. 

6.2. General Trend of Changes wit]¢ Increasing Mach Number.--Pressure Distributions near 
the stall.--Fig. 6 shows on one scale a pressure distribution for each free-stream 1Kach number, 
the incidence in each case being chosen to be as near as  possible to the incidence for maximum 
CL. The minimum pressure coefficient on the upper surface is plotted against free-stream Mach 
number in Fig. 10 which also indicates the corresponding maximum local Mach numbers ; the 
dashed curves of Cp~, give the variat ion for fixed incidences and the full curve the variation at 
the incidence for maximum CL. 

* (Note added in 1952). I t  has subsequently been shown in A.R.C. 14,802 that this discrepancy is only apparent 
and is due to the fact that the trailing-edge angles of these sections are considerably smaller than for any of the sections 
included in the tests of Refs. 7 and 8. 
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Low-speed distributions.--The pressure distribution for M ---- 0-3 with very high peak 
suction, i.e., low pressure coefficient, near the leading edge on the upper surface is typical for 
very high incidences and low speeds and the stall occurs because of the very large pressure 
recovery downstream of this peak. The distribution for M ---- 0.4 is very similar but the local 
speed of sound is now exceeded, the peak suction corresponding to a local Mach number nearly 
1.2. 

\ 

Limiting of maximum local Mach number.--It is in the region of M = 0.4 that  an adverse 
effect of compressibility on CL max first becomes evident. This is most probably caused by a 
limiting of the maximum local Mach number and the consequent increase in the minimum 
pressure coefficient with increasing free-stream Mach number. Thus the maximum local Mach 
number remains at about 1.2 for M ---- 0.4 and 0.45, Fig. 10, with the result that  Cp rain falls 
considerably. This limit on the local supersonic Mach number is a well-known but not fully 
understood phenomenon. It is associated with a limit on the expansion that can occur in a 
locM supersonic region of limited height. 

Spread of supersonic regio~ and rapid expansion to higher local Mach ~umbers.--The fall in 
CLmax is halted at a Mach number between 0.45 and 0.5 and there is a fairly sharp rise between 
0-5 and 0.55. This is partly due to the spread of the low-pressure supersonic region which 
accompanies the rearward movement  of the shock-wave on the upper surface and is very evident 
for M z 0.55 (Fig. 6). It is also significant, however, that  between M = 0.45 and 0.55 there 
is a very marked decrease in the rate of rise of minimum pressure coefficient due to an increase 
in the maximum local Mach number to just over l .  5 at M z O. 55 (Fig. 10). This high local 
Mach number is, moreover, reached very near the leading edge so that  the supersonic expansion 
must be very Irapid. It is suggested in section 6.4 with reference to the photographs obtained 
for M = 0.6 that  this rapid expansion is caused by an ' over-expansion ' around the bubble 
formed by a local separation or thickening of the boundary layer and further that  this may 
help to explain the beneficial effect of a small nose-radius on CLmax at high speeds. 

Further limiti~g of maximum local Mach number.--As the free-stream Mach number is increased 
further from 0.55 to 0.65 the maximum local Mach number is limited to about 1.5, Fig. 10, 
so that the rise in Cp~  has again become rapid and CL ma~ again falls in spite of the continued 
spread of the supersonic region, Fig. 6. Between M = 0.65 and 0.7, the highest Mach number 
for which there was a peak in the CN curve, there is a continued rise in Cp m~ but no further spread 
of the supersonic region, and the fall in CL max is accelerated. 

The above changes in the pressure distributions near the nose on the upper surface are the 
most obvious effects of increasing free-stream Mach number and are probably one of the main 
factors contributing to the observed variations in CLm~. There are however other factors 
involved. 

Increased te~cdemy to stall due to boundary-layer thicke~i~g.--It is clear, for example, from 
Fig. 6 that, as the Mach number is increased, the stall occurs with a reduced pressure recovery 
suggesting that some factor other than the magnitude of the pressure recovery is causing its 
onset. It  is thought that  this is the rapid boundary-layer thickening which, as shown in the 
further discussion in sections 6-3 and 6.5, occurs at the foot of the shock-wave on the upper 
surface and, for constant Mach numbers of about 0.5 and above, increases with increase of 
incidence in spite of little change in the shock strength and magnitude of the pressure recovery 
!see, for example, Figs. 16a and 16b). With a greater initial thickness, the turbulent boundary 
is likely to be able to withstand a smaller pressure recovery before separating, so that  the increase 
in the thickening with increase of incidence introduces a tendency to stall with the same pressure 
recovery. This leads to the onset of the stall at a reduced incidence and in a region in which 
the magnitude of the pressure recovery is hardly changing with incidence. The consequent 
decrease in incidence for maximum CL, Fig. 4b, must tend to reduce the value of CL ma~. 

Pressures on lower surface.--The progressive decrease of the pressures over the lower surface, 
Fig. 6, which becomes more marked between M z 0.6 and 0.7, must exert an adverse effect 
on CL ~x, continuous with increasing Mach number and accelerated at the higher Mach numbers. 
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i t '  seems to be associated with a movement of the stagnation point towards the leading edge 
from a position at 0.03-chord on the lower surface at M = 0.3. It is partly due to the decreasing 
incidence for maximum CL, but not entirely so because similar trends are present for the pressure 
distributions for constant incidences, Figs. 7, 8 and 9. 

Separation over the rear of the upper surfaces at i~¢cide~zces bdow the stall.--For the present case, 
there is a decrease with increasing Math number in the extent of the turbulent boundary-layer 
separation, present at the rear of the upper surface before the stall, the separation being indicated 
by the roughly constant pressure in this region, Fig. 6. The effect of this change would be to 
increase CL m~,x slightly. 

Changes leading to the absence of a peah i~ the CAT vs. cz curves.--No pressure distributions for 
Mach numbers above 0.7 have been included in Fig. 6 because there are no peaks in the lift 
curves for these Mach numbers. The changes in flow pattern which lead to the absence of the 
peak are discussed in section 6.5 for M ---- 0.75. The main feature is that  the pressure dis- 
tribution on the upper surface retains a form similar to that  for M = 0.7 in Fig. 6 up to the 
highest incidence of the test without any collapse of the low-pressure supersonic flow. 

Supersonic expansio~ at the trailing edge olz the lower surface.--The pressure distributions in 
Fig. 6 show that  the pressure at the trailing edge approaches the sonic pressure as. the free-stream 
Mach number is increased ; it falls below the sonic value at Mach numbers above 0.7. This 
is accompanied by the occurrence of a supersonic expansion at the trailing edge on the lower 
surface. The expansion appears to reduce the adverse effect which the separation on the upper 
surface exerts on the rate of increase of circulation with increase of incidence ; this is discussed 
in section 6.6. 

6.3. Development of pressure distributio~s and flow parterre with increasing incideme ," M = 
0.3 to 0 .55 . - -M = 0.3. The high peak suctions near the leading edge on the upper surface 
develop with increasing incidence, Fig. 11, and pressure rises over the lower surface. Above 

= 6.5 deg, the flattening out of the pressures over the rear of the upper surface suggests 
that  the separation in this region (see Appendix III) spreads forward gradually and reaches a 
position at about mid-chord for ~ = 13.5 deg, the incidence for maximum CN. 

At higher incidences the separation moves rapidly to near the leading edge, causing the collapse 
of the peak suction, and the pressures on the lower surface cease to rise ; the combined effects 
of these changes are a drop in CN and a rapid increase in nose-down C,,, 

M = 0.4. The local speed of sound is exceeded very near the nose on the upper surfaces 
for incidences greater than 10.5 deg, Fig. 12a, and a maximum local Mach number of nearly 
1.2 is reached at 12-5 deg, the incidence for maximum CN. In other respects the development 
of the pressure distributions resembles that  described above for M ---- 0.3. Observations of 
separation with oil on the surface were obtained over a wider range of incidence for this particular 
Mach number ; the results (Table 4) confirm that  the reversed flow spreads forward to about 
0.55-chord for 12.5 deg. At 13.5 deg the oil was almost stationary over the rest of the surface 
as though separation was about to move right forward to the leading edge. 

The direct-shadow photographs, Fig. 12b, show that  there are very small shock-waves near 
the leading edge on the upper surface for 12-5 deg, followed by a turbulent boundary layer 
which is initially fairly thin but which thickens rapidly. The shock-waves are even smaller 
for 13.5 deg but the turbulent boundary layer is very thick right from tile leading edge. For 
higher incidences there are no shock-waves, the peak suction having fallen to below the sonic 
value;  the stalled boundary layer thickens extremely rapidly, however. 

M = 0-45. The limiting of the maximum local Mach number to about 1.2 and the con- 
sequent increase in minimum pressure coefficient is reflected in the reduced rate at which the  
peak develops with increasing incidence betweefl 8.5 deg and 12.5 deg, Fig. 13. The rise in 
C,v is maintained by the slight reduction in pressure over the rest of the upper surface and the 
increase in pressure over most of the lower surface. 
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~i'he development of the separation over the rear of the upper surface below the stall and of 
the stall itself appear from the pressure distributions to be very similar to that  for M = 0.3 
and 0.4. 

M = 0.5. The local speed of sound is first exceeded at 8.5 deg and there are shock-waves 
present, Fig. 14b, very near the leading edge on the upper surface for this and higher incidences. 
The height of the supersonic region is very small but there are nevertheless some weli-formed, 
complex patterns shown more clearly in the enlargements in Fig. 14c for 8.5 deg and 10.5 deg*. 
Fuller descriptions are given in Appendix II. 

As far as can be ascertained from the pressure points available, there is little change in the 
peak suction between c~ = 9.5 deg and ~ = 11.5 deg, Fig. 14a, the increasing C,v again being 
maintained by the favourable trends on the rest of the upper surface and on the lower surface. 
There is also practically no change in the magnitude of the pressure recovery between 9.5 deg 
and 11-5 deg but, in spite of this, the stall occurs just above 11.5 deg. The photographs show, 
however, that  the thickening of the boundary layer at the foot of the shock-wave on the upper 
surface increases considerably, there being a very marked change between 10.5 deg and 11- 5 deg 
although the shock patterns are the same and the normal shocks are of about the same strength 
at the surface. As discussed in section 6.2 above, this increase in thickening would introduce 
a greater tendency to stall and it is thought that  it does in fact lead to the onset of the stall 
in this case and is responsible for the reduction in the incidence for maximum Cc, Fig. 4b. 

The photographs for ~ = 12.5 deg and above suggest that  the turbulent separation has 
spread to near the leading edge ; this is confirmed by the pressure distributions. The shock- 
waves have become very diffuse for these incidences. 

The pressure distributions indicate that  the extent of the separation at the rear of the upper 
surface, before the stall, is limited to about the rear 0.3-chord compared with 0.4 to 0.5-chord 
for the lower Mach numbers. 

M = 0-55. The pressure distributions for this Mach number, Fig. 15a, show the rearward 
spread of the low pressure supersonic region between 8.5 deg.and 10.5 deg incidence and the  
increase in the maximum local Mach number to 1.5, these being the changes which are largely 
responsible for the halt in the tendency for Ccmax to fall with increasing free-stream Mach number 
and the fairly abrupt rise between M = 0.5 and 0.55. 

The expansion to the local 3/iach number of 1.5 is extremely rapid and occurs within the 
first 0.02-chord. The flow phenomenon which is thought to cause this rapid expansion is 
discussed in the next section. 

The upper surface pressures indicate that  at 10.5 deg, the incidence for maximum CN, the 
extent of the separation is the rear 0.3-chord and that  it spreads rapidly towards the leading 
edge with further increase of incidence. 

6.4. The Rapid Supersonic Expa~sio~ ~ear the Leading Edge o~ the Upper Surface.--The 
very rapid expansion to local supersonic Mach numbers of about 1.5 near the leading edge on 
the upper surface has been remarked upon by Cooper and KorycinskP ° who noted a marked 
difference in this respect between an NACA 66 series section and a conventional section which, 
because of the further forward maximum thickness, had a larger nose radius. They suggest 
that, since the rapid expansion is associated with a small nose radius, it may be caused by a 
flow phenomenon similar to that  observed for very sharp-nosed aerofoils ~, namely a separated 
laminar boundary on the nose, which is deflected back towards the surface by a supersonic 
expansion (see Fig. i). There is a compression shock associated with the further change in 
direction as the layer flows along the surface, but the net result could be a greater expansion 
than would occur in the absence of the separation. The occurrence of this phenomenon is well- 
established for sharp-nosed aerofoils in high-subsonic ~ and supersonic flow ~° and for square- 
nosed objects in supersonic flow 2~. 

The apparent distortion of the nose of the profile on the direct-shadow photographs is due to the deflection of the 
light outwards caused by the rapid density changes near the stagnation point. o 
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Unfortunately, in the present tests no photographs were taken for M = 0.55, but the rapid 
expansion occurs for higher Mach numbers also, for example, M = 0-6, Fig. 161.  On the 
direct-shadow photographs taken at M = 0.6, Fig. 16b, there are small waves very near the 
nose on the upper surface for c~ = 8.5 deg to 10-5 deg. It is thought that  these waves are 
associated with flow phenomenon similar to that  described above and that  the essential features 
are sketched as in Fig. ii. At this position, and especially for fairly low free-stream Mach 
numbers, the height of the local supersonic region is small and the expansion and shock-waves 
consequently extend only a short distance above the surface. The reason for the occurrence of 
the second, weaker shock-wave is not clear, but it has been observed elsewhere, e.g., Ref. 21. 
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It  is significant that, for M = 0.6, these waves are first evident at 8.5 deg, the angle for which 
the rapid expansion is first shown by the pressure distribution, Fig. 16a. This is also the case 
for higher Mach numbers and the position is summarized in Table 3 for those examples where 
both photographs and pressure distributions are available. The chordwise position of the point 
at which the local Mach number of 1.4 is reached has been taken as an arbitrary guide to the 
rapidity of the expansion and is indicated in columns (1), the values being given in fractions 
of the chord from the leading edge. The presence of the small waves on the photographs is 
recorded by an asterisk in columns (2) ; where no waves were present the word ' none ' is in- 
serted. Dashes indicate the case for which no photographs are available. 

cA 
(deg) 

6 .5  
8 .5  
9-5 

10-5 
11.5 
12-5 
13-5 
14-5 

M = 0 . 6  

0)  (2) (1) 

0- 05 * 0" 08 
O" 01 * O" 035 
0" 01 +r 0" 025 

0"__015 --* 0--22-0 

TABLE 3 

M = 0.65 

(2) 

*(slight) 

M = 0 " 7  

(1) (2) 

0 .16 None 
0.07 *(slight) 
0"05 * 

0"03 * 

0-01 * 

M = 0.75 

(1) (2) 

0.34 None 
0 .2  None 

0 .07  *(v. slight) 
0.05 *(slight) 

0- 02 * 

M = 0.775 

(1) (2) 

0 . 2  None 
0-15 None 
0 '  09 *(v. slight) 
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The waves are clearly defined for all cases in which Mr. = 1.4 is reached within the first 
0.05 chord, i.e., for a very rapid expansion. There is evidence of very slight waves where 
ML = 1.4 is reached between 0-05-chord and about 0.09-chord, but none at all when the 
expansion is more gradual than this. 

This confirms that  the rapid expansion at the leading edge, shown by the surface pressure 
distributions, is probably due to the typical flow pattern of an over-expansion, around the bubble 
formed by a local separation or thickening of the boundary layer, followed by a compression 
shock. It is reasonable to assume that this is also the case for M = 0.55 and that  it accounts 
for the increase in maximum local Mach number evident in Fig. 10 for this free-stream Mach 
number* and, at least in part, for the increase in CL max. 

Cooper and Korycinski 1° show that  the rapid expansion is the main cause of a higher CL m,x 
for a low-drag section than on a conventional section of the same thickness. The present results 
add weight to their suggested explanation for the beneficial effect of a small nose radius on 
CLmax at high speeds. 

There was close agreement between tunnel and flight tests for the low-drag section described 
in Ref. 10, particularly with regard to the sharp rise in CL m~x starting at about M = 0-5 which 
was shown by the pressure distributions obtained in the tunnel tests to be due to the rapid 
expansion to an increased local supersonic Mach number. Similar agreement between tunnel 
and flight" was also obtained for one of the sections used in the Ames High-Speed Tunnel tests ~2. 
This suggests that  rapid supersonic expansions similar to those described above occur in flight 
also, on sections with small leading-edge radii. 

6.5. Develo~bment of Pressure Distributions and Flow Patterns with 7mreasing Incidence ," 
M = 0 .6  to 0 . 7 7 5 . - - M - ~  0-6. The pressure distributions for M ~ 0.6, Fig. 16a, show a 
more marked rearward spread of the local supersonic region as the incidence is increased from 
6.5 deg to 9.5 deg, which, combined with the rising pressure over the lower surface, is sufficient 
to give a rising C,~ in spite of very little increase in the peak suction. The expansion to local 
Mach numbers of about 1.4 to 1-5 is very rapid for incidences above 8-5 deg, but since there 
is no further increase in the maximum value, this being just over 1.5 at 10.5 deg, there is an 
increase in Cp min which is partly responsible for the renewed fall in CL max from the high value 
at M = 0.55. 

The incidence for maximum CL has fallen to just below 10.5 deg compared with 13.5 deg 
for low Mach numbers. The direct-shadow photographs, Fig. 16b, again show a marked increase 
in the thickening of the turbulent boundary layer at the foot of the shock between 8.5 deg 
and 10.5 deg, which most probably causes the stall and occurs in spite of a very similar shock 
pattern and practically no change in the strength of the wave at the surface or in the magn!tnde 
of the pressure recovery. 

With increase in Mach number from 0.5 the shock-waves, Fig. 16b, have moved rearwards along 
the surface and increased in height above the surface corresponding to the growth of the super- 
sonic region rearwards and outwards. At 6.5 deg there is a single upstream-inclined shock- 
wave, reflected from the surface at about 0.1-chord as an expansion, followed by a normal 
shock at about 0.15-chord. This shock-wave pattern is described more fully in Appendix II. 
The observations of oil on the surface, Table 4, indicate a local separation of the laminar boundary 
layer in the region of the reflection with re-attachment after transition to turbulent flow. 

The shock-waves at 8.5 deg, 9.5 deg and 10.5 deg are single, near-normal waves occurring 
at the rear end of the supersonic region at about 0.2-chord. If the explanation, given in section 
6.4 above, of the small waves very near the nose on the photographs in Fig. 16b is correct, it 
implies the presence of a local separation at this position which was not observed in the tests 
with oil (Table 4), possibly because it extends for only a very short distance (see section 2.2). 

• Following this separation, the boundary layer must re-attach as a laminar layer because it remains 

* It is very probable that tile very high local peak Mach numbers of 1.6 and 1" 7 observed for other aerofoils with 
,sma!l leading-edge radii 10, 25 were associated with a similar flow pattern. 
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laminar until just upstream of the main shock-wave, as shown by the presence of the bright 
line separated from the image of the aerofoi118. This type of re-attachment can presumably 
occur by  virtue of the fact that  the layer is deflected towards the surface by the supersonic 
expansion. The oil tests, Table 4, show that  there is a second local separation starting at about 
0-15-chord with re-attachment at about 0.2-chord, which in this case occurs in the normal 
way after transition to turbulent flow. 

Boundary-layer thickening commences from the leading edge for incidences above 10.5 deg 
and the shock-waves become diffuse. The turbulent separation has moved to near the leading 
edge at 12.5 deg (Table 4). 

The turbulent separation on the upper surface below the stall is limited to the rear 0.2-chord, 
confirming the tendency observed at M = 0.5 and 0.55 for the extent of this to be reduced 
with increasing free-stream Mach number. 

M = 0.65. Although there is a further spread of the low-pressure supersonic region, Fig. 
17a, the maximum local Mach number is limited to about 1.46, so that  the @ are higher than 
those for M = 0-6, Figs. 6 and 10, and CLmax continues to fall. Other factors contributing 
to this fall are the increased rate of fall in pressure over the lower surface, evident in Fig. 6, 
and the further reduction in incidence for maximum CL. The photographs, Fig. 17b, show 
that  the boundary-layer thickening at the foot of the shock-wave is more marked at 9.5 deg 
than at 8.5 deg and could lead to the occurrence of the stall between 9.5 deg and 10.5 deg. 

The boundary layer is again laminar until  just upstream of the main shock-wave for 8-5 deg 
and 9-5 deg, Fig. 17b, and there is a local separation of this laminar layer at about 0.27-chord 
with re-attachment at about 0-3-chord. I t  is noticeable that  the thickening of the re-attached 
turbulent  layer  starts upstream of the normal shock-wave. This would tend to give a gradual 
compression upstream of the main compression and is probably part ly responsible for the gradual 
rise in surface pressures in this region, Fig. 17a. 

The shock-wave and commencement of the boundary-layer thickening have moved towards 
the leading edge for 10.5 deg and are even nearer the leading edge at 12.5 deg. The pressures 
indicate that  there is a separation over most of the surface at 12.5 deg. The photograph for 
12-5 deg and the pressure distribution for 16.5 deg suggest that  there are spanwise variations 
in the stalled flow. 

The oil tests, Table 4, show that  the turbulent separation at the rear of the upper surface 
below the stall, observed for lower 3/Iach numbers, is not present. This is confirmed by the 
absence of any flattening out of the surface pressures in this region. 

M = 0" 7. There is an extensive region of local supersonic flow on the upper surface even 
for comparatively small positive angles, Fig. 18a, and which at 4.5 deg stretches from near 
the leading edge to beyond 0.5-chord. Unlike the behaviour at lower speeds, the extent of 
this region decreases with increasing incidence even below the stall, the increasing lift being 
maintained, but  at a reduced rate, by  increasing local supersonic Mach numbers between c~ = 
4.5 deg and 6.5 deg, a more rapid expansion at the leading edge, reduced pressures over the 
rear half of the upper surface between ~ = 6.5 deg and 9.5 deg and a continuing rise in pressure 
over most of the lower surface up to 9.5 deg. The increase in nose-down pitching moment 
with increase of incidence above 6-5 deg is due mainly to the reduction in pressure over 
the rear half of the upper surface. The reduction in the extent of the supersonic region with 
increasing incidence is accompanied by a movement forwards of the shock-wave, Fig. 18b, and 
of the commencement of the rapid boundary-layer thickening. 

~CN/~o: falls roughly to zero at ~ = 9.5 deg and the value of CL at this incidence has been 
taken as CL m~x because, in spite of a further rise in C~, the boundary layer is stalled and probably 
separated over much of the chord for higher incidences. 
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As discussed in section 6.2 and illustrated by Figs. 6 and 10, the factors leading to the increased 
rate of fall in the value of CL m~x between M = 0.65 and 0.7 are the continued rise in @ m~a 
accompanied by the restriction in the extent of tile local supersonic region at the incidence 
for maximum CL, the reduction in pressure on the lower surface and the further, slight reduction 
in the incidence for maximum Co. The photographs suggest again that  the onset of the stall 
is influenced by the increased boundary-layer thickening at the foot of the shock-wave as the 
aerofoil incidence is increased. 

The further rise in CN for incidences above 10.5 deg is due to the beginning of changes in the 
flow pattern which bec.ome more apparent at higher Mach numbers and lead to the absence of 
the peak in the CN versus ~ curves. These will be discussed later for M = 0.75. There is a 
tendency for the flow to adhere over more of the upper surface and for the shock-wave to move 
rearwards and become more inclined. There is also a continued rise in pressure on the lower 
surface in spite of the separation on the upper surface. The changes in the positions of the 
shock-wave and boundary-layer thickening lead to the spanwise variations evident in the 
photographs of Fig. 18b. The effect of these on the accuracy of the results is discussed above 
in section 4.1. 

M = 0.75 ; incidences up to 8 .5  deg. There is an extensive supersonic region on tile upper 
surface even at -- 1.5 deg, Fig. 19a, and with increasing incidence the local Mach numbers 
in this region at first increase. The position of the main recompression remains at about 0-5 
to 0.6-chord for incidences up to 4.5 deg and then moves forward to about 0.4-chord for 8- 5 deg. 
The maximum local Mach number is limited to about 1-43. The increasing CN is maintained 
between 4.5 deg and 8.5 deg by decreasing pressure over the rest of the upper surface, particu- 
larly near the leading edge and trailing edge, and the increasing pressure over the forward 
part of the lower surface. The pitching-moment coefficient falls between 4.5 deg and 8-5 deg 
incidence, due chiefly to the reduced pressures over the rear of the upper surface. 

The shock-wave, Fig. 19b, changes from a near-normal wave at about 0-6-chord for 
= -- 1.5 deg to a wave inclined backwards and forked near its foot, which is at about 0.4- 

chord, for c~ = 8.5 deg. The rapid boundary-layer thickening moves forward with the foot 
of the shock-wave and becomes more pronounced as the incidence is increased. A consider- 
able increase in the height of the shock-wave above the surface is also evident, indicating a 
large growth in the height of the supersonic region. 

M = 0.75 ; incidences above 8.5 deg. For incidences above 8.5 deg the  supersonic region 
extends right to the tunnel wall and the observations for these incidences, shown in Fig. 20, 
were obtained under this condition. Although the effect of tunnel constraint is therefore 
probably fairly large, it is thought that  these results may be of some value in illustrating quali- 
tatively the development of the flow pattern which leads to the continuing increase in C~ instead 
of the usual turning over in the CN vs. ~ curve and which was just beginning at M = 0.7 
(see above). I t  should be noted that  this continued rise in CN, Fig. 3, is accompanied by a rapid 
increase in nose-down pitching moment  and that  it is therefore doubtful whether this r6gime 
would be attainable in tr immed flight. 

Instead of moving forward to the leading edge. as at speeds below M = 0.7, the shock-wave 
remains at about mid-chord, Fig. 20, with an adhered laminar boundary layer back at its foot. 
The wave becomes more inclined with the result that  the pressure rise through it is reduced 
and the flow at the edge of the very thick, separated boundary layer remains supersonic. There 
is a second, near-normal shock which meets the wake behind the trailing edge and which moves 
off the field of the photograph at 13.5 deg. The two waves join at a height of about one-chord 
above the surface. A further feature to note on the photographs is the occurrence of a centred 
supersonic expansion at the trailing edge on the lower surface. 

The most important difference between the pressure distributions and those for Mach numbers 
Below 0- 7 is the maintained low pressure supersonic region on the front half of the upper surface, 
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the collapse of which at the lower Mach numbers causes the drop in CloT. The factors contri- 
buting to the continued rise in CN are the reduction in pressure over the rear half of the upper 
surface, the slight reduction also over the front half of this surface, and the increase in pressure 
over the whole of the lower surface. The first of these is associated with the reduced rise through 
the inclined shock-wave and the development of the boundary-layer separation. The second 
is probably due to the increased height of the supersonic region which would tend to reduce 
the influence of the surrounding subsonic region on the flow at the surface ; it is in this respect 
that  the effect of the supersonic region spreading to the tunnel wall would be most serious. 
The continued increase in pressure over the lower surface in spite of the extensive separation 
on the upper surface is contrary to trends at lower Mach numbers. I t  is thought to be con- 
nected with the occurrence of the supersonic expansions at the trailing edge and is discussed 
in section 6.6. 

M = 0.775. The pressure distributions for incidences up to 6.5 deg are given in Fig. 21. 
For incidences of 8.5 deg and above, the local supersonic region on the upper surface stretches 
to the tunnel walls and the results obtained under this condition are shown in Fig. 22. 

The development of the flow with increasing incidence is very similar to tha t  described for 
M = 0.75 except that  the changes in the shock-wave pat tern occur at an earlier incidence. 
There is again a continuing rise in C,~, Fig. 3, but again a rapidly increasing nose-down pitching 
moment, in this instance over the whole incidence range. 

More of the field behind the trailing edge was obtained in the photographs for 9.5 deg and 
10.5 deg and these show more clearly the rear branch of the shock-wave on the upper surface 
and a shock-wave which occurs behind the trailing edge on the lower surface. Evidently the 
supersonic expansion at the trailing edge gives a region of supersonic flow stretching quite a 
distance below the surface and terminated by a fairly strong shock-wave as sketched in Fig. iii. 

FIG. iii. 
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6.6. The Occurrence and Effects of Supersonic Expansions at the Trai l ing Edge.--Preston 2~ 
has shown for incompressible flow that, in order to satisfy the condition of zero net vorticKy 
being shed into the wake, the velocities at the edges of the upper-surface and lower-surface 
boundary-layers must be nearly equal at the trailing edge. This relation will be modified for 
the case with shock-waves since the flow is no longer isentropic or irrotational, but for the follow- 
ing qualitative explanation it will be good enough here to assume that  the static pressures at 
the edges of the boundary-layers at the trailing edge must be closely related. Thus any large 
decrease in pressure at the edge of the upper-surface boundary-layer at the trailing edge, due 
to boundary-layer thickening or separation, must be accompanied by a similar decrease at the 
edge of the boundary layer on the lower surface at this position. This will normally affect 
the circulation and to some extent the pressures over the rest of the lower surface, 
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For the pressure distributions of ~!he present tests, it is noticeable that  the trailing-edge 
pressure hole records a value continuous with the distribution over the rear of the upper surface, 
e.g., Fig. 14a. The pressures recorded at the surface of the aerofoil are approximately equal 
to the static pressures at the edge of the boundary-layer and therefore the pressure at the trailing 
hole must correspond fairly closely to the static pressure at the edge of the boundary-layer on 
the upper surface. 

The fall in pressure over the rear of the upper surface, including the trailing edge, which 
always accompanies marked boundary-layer thickening or separation is shown clearly for 
M = 0.5, Fig. 14a, for example. When this occurs there is a rapid expansion on the lower surface 
between about 0-9-chord and the trailing edge, corresponding to an acceleration at the edge 
of the lower-surface boundary-layer. The pressure over the rest of the lower surface is also 
affected, however, for most cases. This is shown in Fig. 26 for M = 0.5, which is typical for 
all Math numbers below 0.7, the pressure coefficients for fixed chordwise positions being plotted 
against incidence. The fall in pressure at the trailing edge begins at about 4.5 deg and causes 
a slight decrease in the rate of rise in pressure over the rest of the lower surface ; this must be 
at least part ly responsible for the drop in ~C2@c~ below the stall. A more rapid fall in 
trailing-edge pressure begins at the stall. The pressure over the lower surface then ceases to rise 
and begins to fall ; this must contribute to the fall in CN. 

With  increasing incidence at M = 0.75 there is a continuous fall in pressure at tile trailing 
edge, Fig. 26, due to the changes in the shock-waves and the development of the separation 
on the upper surface. This at first affects the whole of the lower surface, there being a falling 
pressure over the rear, shown by the curve for x/c = 0.727, and a decreasing rate of rise over 
the rest of the surface. Above about 8.5 deg, however, these tendencies are reversed, the 
pressures now rising at x/c = 0. 727 and the rate of increase over the rest of the surface being 
accelerated; OC~]~o~ also increases. 

The pressure at the trailing edge falls below the sonic value ~ at 8.20 deg. Reference to Figs. 
19a and 20a shows tha t  the expansion at the rear of the lower surface becomes noticeably more 
rapid with further increase in incidence and at 13.5 deg it occurs almost ent irely between the 
last pressure hole at 0. 945-chord and the trailing edge ; it also increases considerably in mag- 
nitude. That  part of the expansion from the sonic pressure down to the pressure recorded by 
tile trailing edge tlole occurs in a centred supersonic expansion which shows up on the direct- 
shadow photographs]-, Fig. 20b. This is even more clear in the photographs for M = 0.775, 
Fig. 22b. 

I t  is significant that  the first occurrence of this supersonic expansion coincides with the reversal 
in the effect which the falling pressure on the upper surface exerts on the rate of rise of pressure 
on the lower surface. I t  seems that  in the presence of this expansion, the rest of the lower 
surface is no longer affected. In other words, the adverse effect which the development of the 
separation over the rear of the upper surface exerts on the rate of increase of circulation is con- 
siderably reduced. 

There are, Fig. 27, similar increases in the rate of rise of pressure on the lower surface when 
the trailing-edge pressure falls be lowthe  sonic value at M = 0.7 and 0.775, the incidences for 
which this occurs being 12-7 deg and 6 deg respectively, and similar increases in ~C~/~c~. 

* The value of the sonic pressure calculated for isentropic flow is slightly in error on the upper surface, but  it should, 
however, be fairly accurate for conditions on the lower surface where there were no shock-waves or boundary-layer 
separations. 

-~ Schlieren photographs are more sensitive to gradual density changes than those obtained by the  direct-shadow" 
method and those in Fig. 9.5, for example, show the more gradual expansion in this region for some cases, the expansion 
showing up as a black area. 
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7. Comluding D~scussior~.--7.1. O~ the Usefulness of the Method.--The stall was covered 
for uncorrected free-stream Mach numbers up to 0.7 in the present case and results obtained 
over a useful range of incidence for still higher Mach numbers at which the usual peak did not 
occur in the CN vs. c~ curve. The maximum load on the model produced no signs of failure. 

The choking Mach number for a given incidence should be higher for the models of tile system- 
atic series since the maximum thickness is smaller. Those models of the series which are of 
10 per cent tic will be supported in the same way and the strength limitations will be the  same. 
A new method of support will be used for the models of 6 per cent t/c which will be equally 
strong. Thus the same, if not a slightly greater range should be available. 

The limitations on the accuracy of the results due  to tunnel interference and low Reynolds 
number are not likely to detract from the main purpose of this type of experiment which is to 
study qualitatively the explanation of effects from the detailed observations and flow photo- 
graphs. The most serious of these limitations is likely to arise from the spanwise variations 
which are most marked in the small critical range of Mach number where the type of lift curve 
changes from a curve with the usual stall to that  for which the stall is delayed. 

7.2. On the Results for the Present Section.--The variation in CLmax for the Goldstein section 
agrees well with that  observed on similar sections in an American tunnel which was somewhat 
larger relative to the chord. This variation can be explained qualitatively with reference to 
the shock-wave photographs and pressure distributions. Tile most important feature of the 
variation of the pitching moment  at high incidence is the rapid increase in nose-down moment,  
which occurs even at Mach numbers above 0.7 where there is no stall in the lift curves. These 
rapid changes in moment  may of themselves limit the range of CL available in flight, 

The detailed results, including the pressure distributions, photographs and observations 
of boundary-layer separation, illustrate certain known compressibility effects at high incidences 
and reveal other features, some of which may be of general significance. 

Thus the limit on the local supersonic Mach number on the upper surface is clearly shown 
with the consequent increase in the pressure coefficients on this surface, e.g., Fig. 10, which 
contributes to the general tendency for CL max to fall with increasing free-stream Mach number. 
It is significant that, for the present case, a reversal of this tendency between M = 0.5 and 
0-55 is accompanied by an increase in the maximum local Mach number from just over 1.2 to 
just over 1.5. Above M ---- 0.55 there is no further increase in the local Mach number and 
CL m~x again falls. At M = 0.55 and above, the local expansion to about ML = 1.5 occurs 
very rapidly and is associated with the appearance of small waves near the nose of the aerofoil 
on the direct-shadow photographs;  the pattern of these waves is similar to those observed 
elsewhere due to an over-expansion around the bubble formed by a local laminar separation. 
This tends to confirm the suggestion made by Cooper and Korycinski 10 and adds weight to their 
argument that  this rapid expansion may be the main cause of the beneficial effect of reduced 
nose radius on CL m a x  at high Mach numbers. 

A further feature which becomes evident as the free-stream Mach number is increased, and 
which is thought to be of general importance, is the increasing tendency to stall due to the in- 
fluence of the rapid thickening of the turbulent boundary layer at the foot of the shock-wave 
on the upper surface. The extent of the thickening increases w i t h  incidence in spite of little 
change in the strength of the shock at its foot. This increase is apparently sufficient to bring 
about the stall at a lower incidence than at low speeds and in a region where the magnitude of 
the pressure recovery is hardly changing. For the present section this feature is apparent 
for Mach numbers between 0.5 and 0-7. 

The flow changes which are associated with the change in the type of lift curve to the curve 
without a stall are illustrated qualitatively. This change has been observed in' many other 
tests for Mach numbers above about 0.75, depending on the section, but there have been few 

ls 



other detailed observations in this region. Although there is still considerable thickening of 
the turbulent boundary layer at the foot of the shock-wave on the upper surface (see, for example, 
Fig. 22b) and, at the higher incidences, separation at this point, this separation and shock-wave 
do not move forward to the leading edge with increase of incidence as at lower Mach numbers. 
Instead, the boundary layer remains adhered back to about 0.5-chord and the low-pressure 
supersonic flow persists. The height of the supersonic region grows and the front branch of 
the shock-wave becomes inclined with a smaller pressure recovery through it ; the separation 
prevents any further recovery upstream of the trailing edge. The resulting low pressure over 
the rear half of the upper surface helps to augment the CL but causes large nose-down pitching 
moments in this r6gime. In the present case, these flow changes are also accompanied by 
the occurrence of a centred supersonic expansion at the trailing edge on the lower surface when 
the pressure at the trailing edge, falling With increasing incidence due to the separation on the 
upper surface, has dropped to below the sonic value. This leads to a reduction in the adverse 
effect which the separation on the upper surface exerts on the circulation. This may be im- 
portant, but the precise significance is difficult to assess in the present case because of the 
increased effect of tunnel constraint under these conditions. 

The occurrence of a turbulent separation over the rear of the upper surface at incidences 
below the stall caused non-linearities in the lift curves and a considerable falling off in lift-curve 
slope in some cases. This separation disappeared for a small range of moderate Mach numbers 
(0.65 to 0.7) due to the rearward spread of the shock-wave and the consequent reduction in 
length of the turbulent boundary layer. This is likely to be of limited application, however, 
since it may be peculiar to this type of section and low Reynolds numbers. 

7.3. On Suggestiom for Further Experiments.--A better understanding of the importance 
of these factors would result from further tests of this type, especially on a systematic series 
of aerofoils. Moreover, tests on the series suggested by Beavan and Hills 1 would bring out 
the underlying causes of the known beneficial effects of certain section parameters and may 
enable a fuller use to be made of these effects. For example, the favourable effects of reduced 
nose radius on Cz max at high speeds are opposite to the trends at low speeds. Also, the favourable 
effect of camber does not extend through the whole CL range and at moderate CL symmetrical 
sections usually show a better high speed performance. A fuller understanding of these con- 
flicting tendencies may lead to improvements in the design for good all-round performance. 

I t  is also important  to obtain further measurements of pitching-moment coefficients and to 
compare the variation of these for a series of sections because it may be less favourable on some 
sections than on others. 

The CL obtainable in flight is also sometimes limited by buffeting before an actual stall would 
be expected, particularly at Mach numbers above 0.7. It is clear from the present results 
that there is often, at these speeds, a marked separation which produces no sign of a maximum 
in the lift curve but which could cause severe buffeting. It has been suggested by Holder 
that, if any further tests of this nature are made, an attempt should be made to detect buffeting 
in the wake by means of some simple device such as a vane free to oscillate with rapid changes 
of downwash. 

I t  is difficult to investigate factors affecting the stalling of an aerofoil by any means except on 
an aerofoil itself since they are intfmately bound up with the circulation and flow around the 
whole aerofoil. I t  may however be possible to s tudy some specific aspects by special experiments 
on curved plates or on a tunnel wall. For example, preliminary studies on the problem of the 
boundary-layer thickening at the foot of a shock-wave and how it is affected by changes in 
curvature and inclination to the main stream could be made in an experiment of the type 
developed by Ackeret, Feldmann and Rott  TM. I t  would probably still be necessary to extend 
this to experiments on aerofoils in order to determine just how this thickening causes the onset 
of the stall. 
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An experiment could probably be devised to explore in detail the 'over-expansion ', or local 
supersonic expansion around a local laminar separation, which is thought to occur very near 
the nose of aerofoils with small leading-edge radii, even at comparatively low free-stream Mach 
numbers. Thus if a forward-facing suction slot were inserted in the wall of a wind tunnel 
with the rear lip protruding, as sketched in Fig. 31, the flow around this lip should be similar 
to tha t  around the leading edge of an aerofoil at incidence. I t  should be possible to control 
the position of the stagnation point either by  adjusting the suction quant i ty  or the amount 
by  which the lip protrudes into the stream. Lips having different radii and shapes could be 
inserted. 

8. Acknowledgment.--The authors wish to acknowledge the assistance of Miss N. A. Bumstead 
in the experiment described in this report. 
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A P P E N D I X  [ 

Formulae used to Calculate the Corrections for Tunnel Conslraint ," ~i'wo-d~mensional case.-- 
These formulae are well known but  since some have been used in slightly different forms from 
those usually employed, they  are all l isted below. 

1. Corrections fo~ Effect of Curvature of Flow, i.e., ' Lift  Effect.' The corrections for effective 
change in camber and effective change in incidence are often grouped together  in correcting 
Cc and C,, This leads to difficulties at high incidences near the stall and it therefore:seems 
bet ter  to keep them separate as follows : 

(a) Correction on CL due to effective change in camber :  

A CL = - -  48/~ ~ CL 

(b) Correction on C,,~ due to effective change in camber : 

AC,~ : 192{~ ~ ~ CL 

(c) Correction on g due to effective change in incidences of s t ream : 

A c~ -- 9~/~ 2 ~ (Cz + 4C,,,) radians. 

These formulae are obtained from Ref. 22. 

2. Corrections for ' Blockage Effect ' 
(a) Corrections on force coefficients : 

= + 

(b) Correction on Mace number  : 
d M  = (1 -}- - } M 2 ) ( s ,  + ~ 2 ) M .  

These are given in Ref. 27 

3. Total Corrections 

CL' = CL + AC~ + ~CL 
C,,,' = C, , , - f  AC,,~ + ~C,,, 

~' = o~ -}- A o: 
M ' = M + O M .  

Notation4 

CL, C,,, Cz,, o:, M 
CL', C,,,', ot ' ,M' 

.~CL, AC,., Actv 
aCz, dC .... dM 

C 

2h 

8 2 

Uncorrec ted  force coetScients, incidence and free-stream Math number  
Corrected ditto. 
Corrections due to curvature of flout 
Corrections due to blockage 
1 - -  M 2 

Aerofoii chord 
Tunnel  height  

0. 045a × cross-sectional area of aerofoil profile 
fi2h~ 

(i.e., component  of blockage due to solidity of model) 

cCD (i.e., component  due to wake blockage) 
8 ~ h  
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A P P E N D I X  i i  

Interesting Shock-Wave Formations 

1. M = 0.5, ~ = 8.5 deg and 10.5 deg.--The direct-shadow photographs Of these forma- 
tions are reproduced in Figs. 14b and 14c. The sequence at 8-5 deg appears to be as 
sketched in Fig. iv*, starting with a small expansion region followed by a shock-wave which 
is inclined upstream slightly to the local direction of flow and which in turn is followed by a 
further expansion. There are then six more small shock-waves, each, except the last, being 
followed by an expansion. Tile conditions a t  t h e  foot a t  each except the last of the shock- 
waves resembles the ' free-jet ' reflection suctl as often occurs at a separated laminar boundary 
layer;  the presence of a local separation followed by re-attachment was confirmed in this 
case in the oil tests (Table 4). The pressure rise through each shock-wave is counteracted 
by the drop through the expansion which follows it and, although there may be a periodic 
variation at a short distance above the surface, the pressure at the surface is likely to be nearly 
constant, probably rising slowly. An abrupt rise would be expected through the final shock. 
There are insufficient pressure points to show the details of this in the pressure distributions 
of Fig. 14a. 

~ . . . . . .  

2 ,u 
i 

tz = 8.b e Aecj,on oP r&p,d clens,Ly 
chartge5 nee~r ~g~O~lOn 

l~oir~. 

Similar shock-wave patterns have been observed under certain conditions by Liepmann 17 
and by Holder and North ~ in the larger local supersonic regions existing at about mid-chord 
for aerofoils at low incidences and slightly higher free-stream Mach numbers. 

At ~ = 10.5 deg, the repeated shocks have consolidated into a single ' l ambda  shock '  
i.e., a forked shock the main branch of which is inclined upstream to the local direction of flowl 
The lambda shock is followed by an expansion and a near-normal shock as sketched in Fig. v. 
This pattern is similar to that  observed by Ackeret, Feldmann and Rot t  1~ for a part  of the Mach 
number range covered in their tests on a curved plate. 

FIG. v .  

N o r"-m~-I 5 h o c k  

Expens'Ion 

~ \  Fair}~ bE~k ~urbulem~ 
2 / ~  _ ~ boundar-t 3 layec 

cha.n9e~ ne~r- ~agm~ion  
50 

Although there were no oil tests at 10.5 deg incidence, the reflection of the main branch of 
the lambda wave suggests tha t  there was again a local laminar separation. 

* A shock-wave shows up in a direct-shadow image as a bright  line downstream of a less obvious black line, and a 
supersonic expansion as a black area with often a more diffuse bright  area upstream. The difference in sharpness 
occurs because a shock-wave is much more abrupt  than  an expansion and also because tile optical convergence is more 
marked for a shock-wave. 
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2. M = 0"6 ; o~ ~- 6"5 deg. The pat tern for M -~ 0.6, ~ -- 6.5 deg, sketched in Fig. vi 
shows an interesting further development. The single upstream-inclined wave at about 0.15- 
chord replaces the lambda wave present for M = 0.5, a--= 10.5 deg, and closely resembles in 
shape the rear branch of that  wave. The pattern is otherwise very similar to that  for M -~ 0.5, 

= 10.5 deg. In fact, apart from the increased height of the waves due to the growth of the 
supersonic region above the surface, the only essential difference amounts to the absence of 
the front branch of the lambda wave. I t  is thought that  this difference arises because of the 
increased Reynolds number of the laminar boundary layer at the position of the shock which 
in this case has  moved further aft along the surface. It  is suggested tha t  the front branch of 
the ]ambda wave occurs at the point of separation of the laminar boundary layer for M = 0.5, 

~- 10.5 deg, but that  for M -~ 0.6, 0~ = 6.5 deg, the compression at the point of separation 
is more gradual and does not form an abrupt shock ; the presence of a local separation in this 
region was confirmed by the observations of oil on the surface (Table 4). 

FIG. vi. 
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This shock-wave pattern at M = 0.6, ~ = 6.5 deg, is similar to a formation observed and 
described in detail by Liepmann 17. 

APPENDIX IIl 

Boundary-Layer Effects at Incidences Below the Stall 

1. Correlation, between Lift-Curve Slope and Trailing-Edge Pressure.--The curves of Figs. 
28 and 29 have been included to show the correlation which exists between the lift-curve slope 
and the pressure coefficients over the rear of the upper surface and particularly at the trailing 
edge. ~CN/8o~ is plotted against ~ for each of several Mach numbers together with the corres- 
ponding pressure coefficients for the fixed chordwise positions 0.725, 0.8, 0.9-chord on the 
upper surface and for the trailing edge, i.e., x/c = 1.0. 

Referring first to Fig. 28, 8CN]8~ begins to fall off at quite a low incidence, varying from 
about 4.5 deg (CL ----- 0.6) at M ---- 0.3 to about 1.5 deg (CL z 0.35) at M = 0.7. In all 
cases the pressure coefficient at the trailing edge begins to fall at almost the same incidence. 
The drag results in Ref. 3 show that  these incidences also correspond very closely to the limits 
of the low-drag range. 
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The pressure at the traililig edge is very nearly equal to the pressure at the edge of the bomldary 
layer on  the upper surface at this position. The fall in its value, i.e., an increase in velocity 
at the edge of the boundary layer, is, for Mach numbers below 0.6 at any rate, presumably 
caused by the increasing thickness of the upper surface boundary layer at this position as the 
transition point moves forward, the forward movement  starting at the limit of the low-drag 
range. The effect of this thickening on the circulation is described by Preston in Ref. 26. He 
shows that  in order to satisfy the condition of zero net vorticity being shed into the wake the 
static pressures at the edges of the boundary layers at the trailing edge must be approximately 
equal for the two surfaces. Thus if there is a decrease in pressure at this point on the upper 
surface there must be a corresponding decrease on the lower surface and therefore a decrease 
in circulation. This would be expected to produce just such a falling-off in lift-curve slope as 
is observed. 

The observations with oil on the surface, Table 4, showed that  for Mach numbers of 0.6 and 
below, tile turbulent boundary layer first separates over the rear of the upper surface at an angle 
between 4-5 deg and 6.5 deg. The building up of this separation causes a continuing fall in 
trailing-edge pressure and lift-curve slope. The observations of separation were continued 
up to the stall for M = 0.4 and 0.6 only. For these two cases the approximate extent of the 
turbulent separation is indicated in Fig. 28. 

At M = 0.4, the separation affects the pressures for the other chordwise positions shown, 
increasing the pressure at x/c = 0. 725 and 0.8 and decreasing it at x/c = 0.9 and 1.0. This 
leads to a flattening out in the pressure distribution in this region and at 10 deg the pressure 
is nearly constant from x/c = 0.725 to the trailing edge. Between 10 deg and 12 deg there is 
a halt in the fall of tile trailing-edge pressure, due probably to a halt in the build-up of separation, 
and a slight increase in OCN/Oo~. The pressure coefficients and lift-curve slope behave very 
similarly at M = 0-5 except that  the halt in the build-up of separation and the increase in 
aCN/Oo~ are more marked. This feature is absent at M = 0.3. 

At M = 0.6 the extent of the turbulent separation diminishes between abou t  7 deg and 
10 deg with the result that  there is a reversal in the flattening out of the pressures and an earlier 
increase in lift-curve slope. This reduction in the extent of separation occurs when the shock- 
wave moves back over the upper surface ; it is discussed in section 2 below. 

The oil indicated that  for M = 0.65 a n d  0.7 there is no turbulent separation over the rear 
of the upper surface a t  6.5 deg  and 8.5 deg and this is confirmed by the absence of any flat- 
tening out in the pressures. The trailing-edge pressure still falls in a similar manner, however, 
presumably due to the continued boundary-layer thickening;  OClv/ao: falls continuously, there 
being no reversal as at lower Mach numbers and consequently no kinks in the lift curves. 

For M = 0.75 and 0.778 the trailing-edge pressure is falling over the whole incidence range. 
The lift-curve slope at first falls but begins to rise again at an incidence corresponding almost 
exactly to that  at which the sonic pressure is first reached at the trailing edge. This aspect 
is discussed in section 6.6 and is associated with the occurrence of a Prandtl-Meyer expansion 
at the trailing edge. For these Mach numbers, the lift-curve slope does not fall to zero within 
the range of incidence tested. 

2. Extent and Causes of Turbulent Separation over the Rear of lhe Upper Surface.--Observations 
with oil on the surface were made at ~ = 4.5 deg, 6.5 deg and 8-5 deg through the Mach number 
range. These indicate, Table 4, reversed flow on the upper surface, from the trailing edge 
forward to about 0-8-chord at 6. S deg and to about 0.7-chord at 8.5 deg for all Mach numbers 
up to about 0.6". The observations were continued up to the stall at M = 0.4 and 0.6 only, 
but in other cases a fairly good idea of the development of the separation is obtained from the 
surface pressures (see above). 

* The schlieren photographs in Fig. 14d for M = 0.5, 0~ = 8.5 deg and 10.5 deg also show this turbulent separa- 
tion, the dead-air region showing up as a region of normal illumination between the light separated boundary layer 
and the black aerofoil. 
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As the Mach number is increased there is a tendency for this development below the stall 
to be restricted and in a small range of Mach number between 0.6 and 0.7 there is no turbulent 
separation until immediately before the stall. 

The effects of this separation on lift-curve slope have already been described ; further com- 
ments will be confined to the causes of the separation and for its absence at Mach numbers 
between 0.6 and 0.7. 

The occurrence of separation under these conditions may  be peculiar to this type of section 
or to the low Reynolds numbers. It is of interest that the same kind of variat ion in lift-curve 
slope was present 1~ for the two N.A.C.A. ' l ow-drag '  sections mentioned in section 5.1 above 
whereas the lift curves for three ' convent iona l '  sections, of the same thickness and tested 
under the same conditions, were straight up to an incidence very near the stall over the whole 
of the low and medium range of Mach number. 

This greater tendency towards separation on the part of the tow-drag sections may be due to 
the concavity of the surface in this region. It may also be influenced by the bubble, formed by 
the separation of the laminar boundary layer and its re-attachment as a turbulent layer, which 
often occurs near the comparatively sharp leading edges of these sections at angles outside of 
the low-drag range and leads to an increase in the initial thickness of the turbulent boundary- 
layer. Thus, in Ref. 29, yon Doenhoff and Tetervin noted that  a similar falling-off in  lift-curve 
slope at low speeds became less marked with increasing Reynolds number. This was attributed 
to a reduction in the extent of the laminar separation near the leading edge and the resulting 
decrease in the initial thickness of the turbulent boundary layer, which was then able to with- 
Stand a greater pressure recovery before separating. 

The trend for the development of the separation below the stall to be restricted as the free- 
stream Mach number is increased above about 0. o and the absence of the separation at M = 0.65 
and 0.7 are no doubt related effects and due to the development of the shock-waves. This is 
illustrated by the oil observations for varying Mach number at the fixed incidences of 6.5 deg 
and 8.5 deg, Figs. 23 and 24 respectively. At 6.5 deg, Fig. 23a, the shock-wave moves back 
from about 0.1-chord at M = 0"6 to about 0.5-chord at M = 0.7 and a local laminar 
separation followed by transition and re-attachment, occurring just ahead of the wave, moves 
back with it. The separation over the rear disappears at Mach number between 0.625 and 
0.65 and is absent until a Mach number of just over 0.7 is reached. For M = 0 725 and 
0.75 there is again a separation over the rear which now spreads forward to the shock-wave 
at about 0.5-chord, there being no re-attachment after the laminar separation. There are 
similar effects at 8.5 deg, the rear separation disappearing at Maeh number between 0.6 and 
0. 625. The observations were not continued above M = 0.7 for this incidence and the Mach 
number was not reached at which this separation again occurred. 

Some condition connected with the rearward movement of the shock-waves is evidently more 
Iavourable between M = 0.6 and 0.7 than for lower Mach numbers for the adherence of  the 
turbulent boundary layer over the rear of the upper surface. This cannot be the initial thickness 
of the layer as it thickens very rapidly at the foot of the shock-wave immediately after formation 
and, in fact, it has been suggested above that, for incidences only slightly higher than these, 
the very considerable initial thickening may lead to the stall and more general separation. The 
adverse pressure gradients are moreover still quite severe, but it is thought that the delay in 
the formation of the turbulent layer is important with the consequent reduction in the distance 
over which it is subjected to these gradients. 

For other tests s, 10, 1~ where separations of this type were present at low Mach numbers there 
are indications that  these also disappeared for moderate Mach numbers between about 0-6 
and 0.75 in that  the lift curves became straighter and that  there was less flattening out of the 
surface pressures over the rear. 
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TABLE 4 

Approximate Chordwise Positions, as Indicated by Oil, Of Boundary-Layer Separations:on the Upper Surface 

bO 

M 

0"3 
0.4 

0"45 
0"5 
0"55 
O" 575 

0.6 
0. 625 
0.65 
0-7 
0. 725 
0.75 

• 4.5 deg 

Local 
laminar Turbulent 

separation separation 

-- 0.9--+1.0 

about O. 5 

0.51--+1.0 

6.5 deg 

Local: 
laminar 

separation 

0.8  

O. 07-+0.13 
0-22 

O. 27->0- 3 
O. 45->0.5 

Turbulent 
separation 

0 .9 -+1  "0 
0 . 8 - + 1 . 0  

O" 88-+1" 0 
O. 8 5 - + 1 . 0  

0 . 8 - + 1 . 0  

0 .8-+1  "0 
0 . 8 - + 1 . 0  

0 .45 -+1 .0  
O. 45-+1 .0  

8.5 deg 

Local 
laminar 

separation 

O" 05 
0 '05 

0"05 
0"06 

0"05-+1-0 

0.15-->0. 2C 
0.20->0.25 
0.25-+0.31 
0.28->0.31 

Turbulent 
separation 

O. 75-+1-  0 
O. 75 -+1 .0  

O" 7---->1" 0 
O. 7 - + 1 . 0  
0 . 7 - + 1 . 0  

o .  8 1 • o 

10.5 deg 

Local 
laminar 

separation 

0"05 

0 '10 - -0 .1  

Turbulent 
separation 

O" 7---+1-0 

0.9--->1 ~0 

12.1 

Local 
laminar 

separation 

Very near 
nose 

deg 

Turbulent 
separation 

0- 55--~-1 • 0 

Whole surface from 
0' 1---M ,0 

13.5 deg 

Local 
laminar 

separat ion 

V e r y  n e a r  
nose  

Turbulent 
separation 

About to 
spread over  

whole 
surface 

A dash thus - -  indicates that there was no separation. 

A blank space indicates that no observation was made. 



TABLE S 

Summary of the Successive Changes in Flow with increasing Free-Stream Mach Number 

Free-stream 
Mach numbm 

0.3 
(Fig. 11) 

0.4 
(Figs. 12a and 12b) 

0"45 
(Fig. 13) 

0.5 
(Figs. 14a and 14b 

0"55 
(Fig. I5) 

0.6 
(Figs. 16a and 16b' 

0"65 
(Figs. 17a and I7b) 

0"7 
(Figs. 18a and 18b) 

0"75 
(Figs. 19a, 19b and 

20a) 

0.775 
(Figs. 21a, 22a and 

22b) 

Incidence at 
which sonic 
speed is first 
reached on 

upper surface 
(deg) 

10"7 

8"5 

6"9 

5.3 

4"2 

2"8 

- - 1 " 4  

< 1 " 5  

< 1"5 

Maximum 
local Mach 

number 
observed on 

upper surface 

0"84 

1"17 
(at 12.5 deg) 

1 "21 
(at 12.5 deg) 

1 "33 
(at 10"5 deg) 

1.52 
(at 10.5 deg) 

1 "52 
(at 10.5 deg) 

1 "46 
(at 9' 5 deg) 

1 "47 
(at 14-5 deg, 

i.e., above 
stall) 

C L  max 

1.056 

1.093 

1.049 

1.047 

1.1B1 

1.104 

1.066 

i 

0. 932 

No 
maxi- 
mum 

in 
curve 

N O  

maxi- 
]. mum 
in curve 

Incidence 
for 

I maximum 
C~ (deg) 

13"5 

12'5 

12'7 

11 "8 

10"2 

10"1 

9.7 

9.5 

M o s t  important change with each 
increase in free-stream Mach number 

Fairly typical ' low-speed '  stall fm 
section of this type and thickness 

First free-stream M at which local sonic 
speed is exceeded. 

First free-stream M at which limitatiol~ 
on local supersonic M on the uppeI 
surface becomes evident. 

First free-stream M at which the boun- 
dary-layer thickening at the foot ot 
the shock-wave on the upper surface 
noticeably influences onset o f  stall. 

Rearward spread of local supersonic 
region on the upper surface first 
evident. Also, first free-stream M at 
which very rapid expansion near nose 
and increased local M's occur. Fairly 
abrupt rise in C~ m a x  with M. 

Association between rapid expansion 
near leading edge and local supersonic 
' over-expansion ' confirmed. Local M 
now limited to 1.5 and so further 
increase in C~ mln with increasing free- 
stream M. Effect on stall of increasing 
boundary-layer thickening also con- 
firmed. 

Absence of separation over rear of upper 
surface at incidences below stall. 
Increased rate of fall of pressure on the 
lower surface wittl increasing M first 
evident. 

Supersonic region on front of upper 
surface through whole incidence range. 
Changes in flow pattern which lead 
to the absence of peak in lift curve 
becoming evident at high incidences 
Considerable spanwis e variations at 
high incidences. 

Changes evident: in flow pattern which 
lead to the absence of the peak in th~ 
lift curve. Separation and rapid 
increase in nose-down pitching moment 
in spite of this absence of the peak. 
\ 

Above changes confirmed. 
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FIG. 30. Control direct-shadow photographs. 
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FIG. 31. Simulation of flow around the leading edge of an aerofoil. 
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