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Summary.—This report surveys and, wherever possible, correlates experimental data available in the United
Kingdom up to January 1953 on heat transfer by forced convection to bodies moving through the air at supersonic
speeds (or the corresponding wind-tunnel problem). The main aim of the investigation was to seek possible
explanations for the occasional apparent inconsistencies between wind-tunnel results from different sources, between
wind-tunnel and flight results and between either type of experimental results and the predictions of theory.

The main topics covered are kinetic temperature rise, heat-iransfer coefficients and transition from laminar to
terbulent flow.

Conclusions are reached concerning the reliability of the data for design purposes and sugges’éions are made
concerning the most useful fields of study for future experimental work.

Additional note to Summary. October, 1956.

A considerable amount of further evidence has become available in the years since 1953 and in places it is necessary
to amend some of the statements made in this report. This has been done by adding footnotes prefixed by the
date 1956.

1. Introduction.—The field of heat transfer by forced convection to bodies moving at high
speeds has received an increasing amount of attention in recent years and from the designer’s
point of view there is a growing problem of how accurately he can expect data obtained mainly
in wind tunnels to forecast the skin temperatures likely to be attained in flight. The problem
is complicated by occasional apparent inconsistencies between wind-tunnel results from different
sources, between wind-tunnel results and the few available flight results and last but not least
between either type of experimental result and the predictions of theory.

The above problems form the basis of the present survey. To keep it down to reasonable
physical dimensions consideration is given, as stated above, only to the case of bodies moving
at supersonic speeds in air (or the corresponding wind-tunnel problem), which is only a portion
of the general problem of heat transfer in compressible flow. Also it does not include the
problems of slip, or of free-molecule flow, which are encountered at very high altitudes.

The majority of the reports considered were issued in the years 1949 to 1952. A survey of
earlier literature has already been made by Johnson and Rubesin® and the United States Air .
Force has issued a comprehensive bibliography” covering the same period.

R.A.E. Tech. Note Aero. 2259, received 3rd February, 1954.
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More recently, Rubesin, Rumsey and Varga® and Gazley* have made reviews which cover
some of the same ground as the present survey, but with differencés at times either in detail,
or in emphasis, or in interpretation. These reviews®* should be read in conjunction with the
present note.

In preparing the survey, the aim was to produce as clear and as self-contained a physical
picture as possible of the present state of knowledge, separating as much as possible the effects
of individual parameters which invariably appear in various combinations during either wind-
tunnel or flight tests.

To keep the main discussion reasonably connected, the various symbols and coefficients are
defined in section 2, which gives a brief non-rigorous account of the factors influencing heat
transfer by forced convection in high-speed flow. This section also provides the framework
around which the remainder of the note is built and in the subsequent sections the various
items are considered separately and their experimental values are presented and discussed.
Major emphasis is placed on flight-test data when available and reasons are sought to explain
any discrepancies between them and wind-tunnel or theoretical results. :

2. Conditions Affecting Heat Transfer.—Suppose a body is moving steadily with velocity u.,
through a gas of density p., and temperature 7', (ambient 'density and ambient temperature,
the latter in degrees absolute). Then relative to the body, conditions are as shown in Fig. 1
and T, is now the static temperature of the approaching stream (ahead of the bow shock wave
if the speed is supersonic). From the principle of the conservation of energy, the total (or
stagnation) temperature 75, of this stream is:

Typew = T + u,22]c, .. .. .. . . (1)
where ¢, is the specific heat of the gas at constant pressure, ass’umedl constant*
and J is the mechanical equivalent of heat.

The Mach number of the approaching stream is M., (= u,/a,,) and it will be referred to as
the ‘free-stream Mach number’. :

The presence of the body will disturb the flow and we shall denote conditions along a streamline
in its neighbourhood (behind the bow shock wave) by subscript ;. The total temperature of

the gas following such a streamline is then Ty, and if no energy has been added or subtracted
we have: ’

THi:THw- . e .. s e (2)
If the gas were an ideal fluid and no heat was being exchanged between it and the body (zero

heat-transfer conditions), then equation (2) would apply to all streamlines right in to the surface
of the body. In practice, energy can be transferred across the streamlines by the effects of

* For air ¢, is within 2 per cent of a constant value for temperatures up to the order of 200 deg C. The effect
of its variation at higher temperatures is included in the graphs of Ref. 45.

Also in equation (1) and throughout the survey it is assumed that the various quantities are expressed in consistent
units. These are given in the list of symbols on the basis of slugs, feet, seconds as the units of mass, length and
time. One slug is taken as go 1b mass, where gy is the numerical value of the acceleration due to gravity under
standard conditions. For the majority of practical purposes this gives the unit of force as one lb weight.

The units of temperature and heat are taken as degrees centigrade and C.H.U. (centigrade heat units).

This differs from the convention adopted in Ref. 45, where the most commonly quoted values were used in each
instance, which led to the insertion of a factor g in equations such as equation (1) above,
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viscosity and thermal conductivity, but, except at very low speeds or in a very rarefied
atmosphere these effects are confined to limited regions close to the body known as ‘boundary
layers’. Outside these boundary layers equation (2) applies and in future we shall take subscript
. as denoting conditions in the stream outside the boundary layer. The Mach number of this
stream is M, and it will be referred to as the ‘local Mach number’. -

For simplicity, only a nose cone (of apex angle ) of a body has been shown in Fig. 1 and
the local conditions are constant along its length. In general, however, the local conditions
may vary along the length of the body. :

Turning now to the boundary layers, there are two. There is a velocity boundary layer
- wherein the effects of viscosity (tangential stresses) are of importance and its dimensions and
- behaviour are linked with Reynolds number R or Re = pux/u (ratio of inertia forces to viscous
forces).

Where p is density
@ 18 viscosity
and % 1is a typical linear dimension.

There is also a thermal boundary layer wherein the effects of thermal conduct1v1ty (heat
transfer by conduction) are of importance and it is linked with Peclet number Pe = pcux/k
(ratio of heat transfer by forced convection to heat transfer by conduction), where % is thermal
conductivity.

It is only when Re and Pe are large that the boundary-layer approximation described above
applies. In general, the larger they are, the thinner the boundary layers become.

A link between the two boundary layers is useful. This is provided by taking the ratio of
Peclet number to Reynolds number, 7.e., Pe/Re = c,u/k, and this is Prandtl number, which
we shall denote by ¢. Note that Prandtl number depends only on the physical properties of
the gas. For air, o is of the order of 0-7 (see Ref. 6), and we might expect a close relation
between the two boundary layers. For example the ratio of the thicknesses (6) is approximately
given theoretically by 6,/6,==0¢"", =1-13 for air, so that experimentally it would be very
difficult to assign separate values to 6, and 4, for air. In future then we shall talk in terms of
a single boundary layer, characterised by Reynolds number and we may expect that any relations
between the effects of viscosity (e.g., skin friction) and thermal conductivity (e.g., heat transfer)
will involve Prandtl number. In the above it is assumed that the temperature is uniform
over the length of the body so that Re and Pe are based on the same linear dimension.

The above discussion applies to streamline or laminar flow as is obtained over the forward
portion of the body. Further back there is transition to turbulent or eddying flow in the
boundary layer and throughout most of it the eddies take control of the transfer of momentum
and energy normal to the surface. However, the effects in the boundary layer can still be related
to Reynolds number and since the ‘effective Prandtl number’ of the eddying flow appears to
be close to unity, there is still no confusion in thinking in terms of a single boundary layer.

Transition is imperfectly understood, but it takes place over a finite length instead of at a
discrete point as shown in Fig. 1. However it is more convenient for the purposes of analysis
. to assume a transition point instead of region and the results of Refs. 9 and 10 indicate that
this point should be taken at the beginning of the transition region*. Aft of the transition
point the flow is assumed to be fully turbulent.

* There is now (1956) more knowledge concerning the mechanism of transition, e.g., see Ref. 61, and it would
be more correct to say that the transition ‘point’ fluctuates with tlme over a finite distance. Time-averaging
instrumentation, such as a pitot-tube, will indicate a transition ‘region’ and the present trend is to take the tran51t1on
‘point’ to occur at the end (not at the beginning) of this region.
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We can now return to consideration of the temperature conditions within the boundary layer.
Provided the thickness of the boundary layer is great* compared with the mean free path of
the molecules of air, 7.e., provided we are operating under continuum flow conditions, then the
air in contact with the surface of the body is at rest. Therefore under zero heat-transfer
conditions, if equations (1) and (2) were applicable, the temperature of the surface would be T, .
However, in general the conflicting actions of viscosity and thermal conductivity cause a
re-distribution of energy across the boundary layer and the surface temperature for zero heat
transfer (7,,) is unequal to the free-stream total temperature 7T, . In general if:

O'% 1 then Tw0% THl .

For air, o is less than unity and therefore conditions are as shown in Fig. 1. Tt is convenient
to define a temperature recovery factor g by:

T o T]_
=_®%0 -1 . . - .. . . 3
d Ty — T, o 3)
and it may be noted that g may take different values depending on whether the boundary layer
is laminar or turbulent. (7T,, — 7) is known as the ‘kineti¢c temperature rise’. ‘

If heat is being transferred between the body and the air stream (in either direction) then
although its thickness may be altered, the gain or loss of heat is apparent only in the boundary

layer, and passes downstream from the body into the wake. Outside this region equation (2)
is still applicable. '

Heat is transferred by radiation, and by conduction at the body-air interface, the latter being
governed by the forced convection in the boundary layer. Considering the conduction—convec-
tion problem, we can define a heat-transfer coefficient % by:

h:%, e

where ¢ is the heat transferred per unit time per unit area

and 4T 1s a representative temperature difference between body and fluid.

Equation (4) is an expression of Newton’s cooling law, but except over a limited range 7% is

by no means independent of temperature as was originally assumed. = A more useful heat-transfer
coefficient is given by:

h

by = s e e e B

which can be related directly to skin-friction coefficient via a function of Prandtl number and
shows the same variation with Reynolds numbert.

* The usual criterion for this is 4/(Ref/M) > 100 . Lesser values indicate that we are in the slip flow region,
but it is possible that the results of the present note may be applied without serious error down to 4/(Re/M) > 10,

T kg is also known as the Stanton number, St. Another coefficient in general use is Nusselt number N, = hx/k
which, however, suffers from the disadvantage that it cannot be correlated on the same plot as skin-friction
coefficient, It can easily be verified that kg = N,/oRe. )
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The physical significance of &y is that it represents the ratio of the heat supplied (or abstracted)
per unit area to the heat that would be required to raise (or lower) the temperature of a unit
cross-section of the flowing air by 47 in unit length of travel. % decreases with increase of
Reynolds number and for a.given Reynolds number is larger for a turbulent than for a laminar
boundary layer. It is usual to set # = %, and the question of the best temperature at which
to evaluate the physical properties of air both in &y and in Re is considered in the appropriate
sections of this note. (Except near a flow separation from the body, the static pressure is
constant across the boundary layer, so that from the equation of state p = pRT where R is
the gas constant, there is an inverse relation between density and temperature).

There remains the question of the representative temperature difference 47. Intuition,
theory® and experiment all support the choice of:

AT = Too — T R - 1

“where 7,0 is the surféce temperature for zero heat transfer
and T, is the actual local surface temperature (see Fig. 1).

(There are theoretical indications® that modifications may become necessary at high Mach
numbers). Accepting equation (6), we can re-write equation (4) as:

=9 . e v
TwO_Tw ()

Thus if T, is less than T,,, heat will flow from the air into the body and this is known as
‘aerodynamic heating’..

As regards heat transfer by radiation, the major items are (#) radiation away from the body
to its surroundings and (5) the influx to the body of solar radiation. These are discussed in
Ref. 45. In flight the surface will reach an equilibrium temperature when the heat inflow by
aerodynamic heating and solar radiation is balanced by the heat loss by radiation away from
the surface. The amount by which this equilibrium temperature differs from the zero heat-
transfer temperature depends on numerous factors, among them being speed, height, surface
condition and state of boundary layer. Once again see Ref. 45 for a more complete discussion.

~ Finally it should be mentioned that theory and the majority of wind-tunnel results are for
- steady flow conditions, whereas in flight the interest may be in accelerating or decelerating flow
conditions. The question as to the validity of applying data obtained in the former to estimate
skin temperatures appropriate to the latter is answered to some extent by the correlations
obtained later in this note.

3. Kinetic Temperature Rise—3.1. Flat Plates and Bodies of Revolution with Axes in Stream
Drrection.—In these cases we consider the non-dimensional local-temperature recovery factor:

____TwO—Tl » 3
p=go ce e (3)

which represents an attempt to eliminate the Mach-number effect apparent in the kinetic
temperature rise (7,0 — 7).

Theoretically and by imposing certain restrictions including constancy of Prandtl number
on the thermal properties of the fluid, Crocco®™ has shown that for a laminar boundary layer on
a flat plate in compressible flow:

g =gl N ()



which is the same result as obtained by Pohlhausen for isothermal flow (.g., Ref. 21). For the
turbulent boundary layer in isothermal flow Squire® has suggested the formula:

g = gttt .. . .. .o (92)
where # is the index in the power-law velocity distribution (s/u,) = (y/8)" .

For » < 1/7 and values of ¢ near unity it is sufficiently accurate to take:

p = o1 O 1)

Experimentally it is very difficult to obtain zero heat-transfer conditions. In a conventional
-supersonic wind tunnel the aerodynamic heat-transfer rates are small because of the reduced
density, so that stray conduction through the model supports to the outside air and thermal
lags due to the heat capacity of the model may make it appear that zero heat-transfer temperature
conditions have been reached when in fact heat is still being transferred (e.g., Ref. 10). In
flight the same difficulties may repeat themselves because of radiation effects and in both cases
there is the difficulty that temperature gradients along the body may alter the local zero heat-
transfer conditions (see section 5.2.1. below).

3.1.1. Wind-tunnel vesults—For the above reasons.the wind-tunnel results in Figs. 2 and 3
have been divided arbitrarily into:

(@) those from continuous-flow tunnels, where there was the opportunity to stabilise
temperatures (Fig. 2) :

(0) those from intermittent-flow tunnels where some extrapolation or pre-setting of
temperatures may have been necessary (Fig. 3).

3.1.1.1. Results from comtinuous-flow tumnels (Fig. 2).—Considering Fig. 2 we see that for
laminar boundary layers the results for bodies of revolution (Fig. 2b) are reasonably close to
the theoretical value of o' = 0-848 (for ¢ = 0-72), whereas for flat plates (Fig. 2a) the recovery
factor is about 0-88. This may be linked with the fact that the measured laminar boundary
layer on a cone' agrees quite well with theory, whereas that on a flat plate appears to suffer
from a leading-edge disturbance (e.g., Ref. 10) and yields over-large values for rate of growth,
etc., as estimated from pitot traverse measurements®. :

It should be mentioned that the flat-plate results at the two lowest Reynolds numbers obtained
by Monaghan and Cooke at M = 2-82 (Fig. 2a). were for a laminar boundary layer, but are
slightly higher than the subsequent turbulent recovery factors. The same effect was found
by Hilton' in his experiments on a tangent-ogive (Fig. 2b), but the majority of the results in
Fig. 2 indicate that the laminar recovery factor is less than the turbulent and the more nearly
the layer is truly laminar the more nearly the recovery factor approaches the value o2 of
equation 8.

Turning to the turbulent boundary layer, the recovery factors for both flat plates and bodies
of revolution in Fig. 2 lie near to the value ¢? (for o = 0-72). The values for bodies of revolution
are slightly lower than those for flat plates, but of more importance is the fact that both sets
of results show a tendency towards a decrease in recovery factor with increase in Reynolds
number. This is the opposite effect to that which would have been expected from equation
(9a) and low-speed flow measurements of velocity profile, where increase in Reynolds number
results in a decrease in the index # (e.g., Ref. 21), and hence an increase in recovery factor would
be expected. ‘

* (1956). Conduction within the plate from under surface to upper surface in the leading-edge region may be
.the dominant cause of these high recovery factors. )
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3.1.1.2. Results from intermitient-flow tunmels (Fig. 3).—A peculiarity of the results shown in
Fig. 3 is the very high recovery factors found by Fallis® for a flat plate and by Eber™ for a
body of revolution, both in the region of one million Reynolds number. Both authors attribute
the high values to the fact that the boundary layer may be in the transition region between
laminar and turbulent flow. (In this respect it may be noted that Slack® obtained a similar
result for a flat plate in a continuous-flow tunnel. In his case recovery factors were estimated
by extrapolation to zero of measured heat-transfer rates and for that reason they were not
included in Fig. 2).

As a check on Eber’s results, Stine and Scherrer'* tested a similar model of a cone-cylinder
both in a continuous-flow and in an intermittent-flow tunnel. The results from both tunnels
were in agreement and, as Fig. 3b shows, lie in the regions already found from the continuous-
flow tunmel results of Fig. 2, there being a smooth transition between the laminar and turbulent
boundary-layer values. Stine and Scherrer* suggest that the discrepancy between Eber’s
results’® and their own may be caused by ‘possible differénces in the conditions which caused
transition’ (e.g., tunnel turbulence level).

There is also the difficulty mentioned at the beginning of this section that the time of blow
in an intermittent tunnel may be too short for accurate measurement of the zero heat-transfer
‘condition. In the tunnel used by Fallis' the blowing time was about 25 seconds and considerable
extrapolation of curves of skin temperature against time was necessary. The blowing time
during Eber’s tests'® is not stated, but in the case of Stine and Scherrer' it varied between 18
minutes at M, = 2, and 5 minutes at M, = 3-8, which would make accurate measurement
much easier.

3.1.2. Comparison with flight-test vesults (Fig. 4).—Only one set of flight-test results is available
at present, namely those of Chauvin and de Moraes® on a parabolic-arc body of revolution of
fineness ratio 12-2. (NACA RM-10). The flight plan was such that the skin temperatures
* increased to maxima and then decreased. The maximum temperatures were taken to be those
of zero heat transfer and recovery factors calculated from them are shown by the plain (un-ringed)
symbols in Fig. 4. Three values are in the region of the theoretical laminar recovery factor ¢
(assuming o = 0-72), the remainder are in the region of the turbulent value ¢'#, but do not
follow the decrease with increasing Reynolds number found in the wind-tunnel results of Fig. 2.
A further point is that while laminar recovery factors were obtained over the forward portions
of both models of the RM-10, the estimated heat-transfer rates for the same regions were those
- of a fully turbulent flow.

Now the skin thickness of the RM-10 varied appreciably along its length and longitudinal
temperature gradients existed as shown in Fig. 21. The effect of such gradients on the local
temperatures for zero heat transfer is considered in section 5.2.1.1. and a very rough correction
for them would reduce the recovery factors on RM-10, model A, to the values shown by the
ringed symbols in Fig. 4. It is obvious from the magnitude of the correction that no definite -
conclusions can yet be drawn concerning the values of temperature recovery factor in flight
and neither can it be said that the recovery factors over the forward portion of the RM-10 are
indicative of a laminar boundary layer.

3.13. Effect of Mach number—3.1.3.1. Laminar boundary layer —Crocco’s analysis®, resulting
in equation (8) for the recovery factor of a laminar. boundary layer, involved placing certain
restrictions on the thermal properties of the fluid, including constancy of Prandtl number.
Later analyses by Klunker and Mclean®® and by Young and Janssen® have removed these
restrictions and using experimental values® for the variation of specific heat, thermal conductivity, |
viscosity and Prandtl number, the flow properties have been calculated over a range of Mach
number for an ambient temperature of about —55 deg C (i.e., for flight in the stratosphere).
The resulting variation of laminar recovery factor is given in Fig. 5 by curve A and shows a
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marked decrease for Mach numbers greater than two. This decrease is linked with the variation
in the properties of air at the high temperatures attained in the boundary layer during flight at
high Mach numbers. Also shown for comparison, is curve B, which results from taking § = &'
where ¢ is evaluated at the surface temperature appropriate to the Mach number in question
(using ‘an iteration process and values of ¢ from Ref. 6) instead of taking o constant and equal
to 0-72. Comparing curve B with curve A indicates that the decrease in recovery factor found
by Klunker and McLean®% and by Young and Janssen® cannot be obtained by the simple
device of altering the temperature level at which o is evaluated for insertion in the formula
B = o' (At high Mach numbers, curve B tends asymptotically to the value 0-808, whereas
curve A continues to decrease, ¢.g., to 0-66 at M — 10)*. . '

Now curve A is appropriate to flight conditions, and the only flight test results available
are those for the RM-10" (shown in Fig. 5), which suffer from the defects of temperature gradients

as already discussed, but in any case they are not at a sufficiently high Mach number to check
the theoretical predictionst.

On the other hand, for the low static temperatures found in conventional supersonic wind
tunnels, the air in the boundary layer is not heated much above normal atmospheric temperature
so that curve A would not apply. Indeed the mean values of recovery factor obtained from
wind-tunnel tests (Figs. 2 and 3) on bodies of revolution, which are plotted in Fig. 5, lie close

to the value o™ with ¢ =0-72 up to M = 3.7. It may be noted that this would correspond
roughly to evaluating ¢ at surface temperature.

It is evident therefore that a considerable amount of work remains to be done on temperature

recovery factors, and experimental evidence is particularly required in the flight case for Mach
numbers greater than two.

Finally, curve A of Fig: 5 is for the actual zero heat-transfer temperature. The theories? 2%
indicate that the datum temperature for use in the heat-transfer coetficient (equation (7)) varies
with the temperature of the body surface (7,), being near to that appropriate to a recover
factor of 0-85 when T, = 7T, and approaching curve A as 7, approaches 7,,%. '

3.1.3.2. Turbulent boundary layer—Tucker and Maslen® have extended Squire’s analysis®
by allowing for the variation of density across the turbulent boundary layer and their results
are shown in Fig. 5. They predict a decrease in temperature recovery factor with increase of
Mach number, but the decrease is much less than that predicted®? for the laminar boundary

layer. (However, the analysis is much less rigorous than that which can be applied to the
laminar boundary layer).

Two points arise concerning the theoretical curves. First, the smaller the value of #, the
less the decrease of recovery factor with Mach number becomes. Second, they should be
applicable both to flight and to wind-tunnel conditions.

However, comparison with the available experimental results shows no evidence of a decrease
of recovery factor with increasing Mach number. It is likely that the possible variation with
Reynolds number (Figs. 2 and 3) may be of greater importance. '

*(1956). These difficulties are overcome if enthalpy is substituted for temperature in the formulae for recovery
factor (equation 3) and heat-transfer coefficient (equation 7). A good approximation is then given® by evaluating

Prandtl number at the temperature corresponding to intermediate enthalpy (equation 12 below, with enthalpy
substituted for temperature). ,

T As already mentioned, these predictions? 245 are based on the properties of air tabulated in Ref. 8. Recently,
Bloom®® has demonstrated how very dependent the results are on the particular values taken for these properties
and calls for further experimental determinations of the physical properties of air at high temperatures.

{ See 1956 footnote to section 8.1.8.1., para. 1.
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3.1.4. Suggestions for further work vequived.—It seems from the above that the main need
is for flight test results:

() at Reynolds numbers greater than 10 million for all Mach numbers

(b) for local Mach numbers greater than two with a laminar boundary layer.

The latter would involve high-altitude flights and careful isolation of the radiation component
of heat transfer, since the maximum temperatures reached by the skin will be equilibrium and
not zero heat-transfer temperatures.

3.2. Wires with Axes Perpendiculay to the Stream Direction.—The main interest in this case
is in connection with instruments such as the hot-wire anemometer. An immediate difficulty
is that the diameter of the wire is usually so small that it will operate in the slip flow region
(+/(Re/M) < 100) unless the Mach number is very low. As a result it is difficult to correlate
results obtained with wires of different sizes at different Mach numbers, but Johnson and
Rubesin' were successful in the case of a 3 mm (0-0197 in.) wire over a range of Mach numbers
from 0-4 to 3-3. Their correlation was based on the wind-tunnel results of Eckert and Weise®*
at subsonic speeds and of Eber® at supersonic speeds and is reproduced in Fig. 6. (The values
of 4/(Re/M) are not immediately available, but it seems likely that they were on the borderline
between the continuum and the slip flow regions).

A partial explanation of the shape of the curve in Fig. 6 for the overall recovery factor of -
the 0-0197 in. wire can be given from consideration of local recovery factors obtained on cylinders
of greater diameter (e.g., Refs. 26, 27). At low subsonic speeds there is very little recovery
of temperature on the leeward side of a cylinder ; in fact it is possible to record temperatures
less than the free-stream static temperature. As a result, the overall temperature recovery
factor is low. However, soon after the maximum local Mach number on the cylinder reaches
unity (corresponding to free-stream Mach numbers in the region 0-5 to 0-6) the temperature
recovery over the rear of the cylinder improves until at supersonic speeds Eber’s results® give
temperatures which are fairly uniform over the whole of the cylinder. Therefore when the
Mach number exceeds 0-5 to 0-6, the overall temperature recovery factor will begin to increase
and might be expected to level out at supersonic speeds. This is the trend shown by the curve
for the 0-0197 in. wire in Fig. 6, but the decrease at low subsonic Mach numbers is not understood.

However, a wire of this size would have too great a thermal lag to be used in hot-wire anemo-
metry. Added in Fig. 6 for comparison are results obtained in a supersonic wind tunnel by
Kovasznay®™ for wires of diameters 0-0003 in. and 0-00015 in. These results are definitely
in the slip flow region since the values of 4/(Re/M) are less than ten, and as might be expected
they cannot be correlated on the basis of Mach number alone.

3.3. Temperature Rise at a Stagnation Point.—If conduction along the length of a body were
negligible, then it might be expected that the stagnation point would experience the full
stagnation temperature rise given by equation (1). The subsonic experimental results of Eckert
and Weise®®¥ support this, view for insulated cylinders with their axes perpendicular to the
air stream. '

However, recent theoretical work by Nonweiler®® for thin-skinned bodies suggests that heat
conduction within the skin can cause the temperature of the nose to be less than the stagnation
temperature by an amount which is appreciable at high Mach numbers. Experimental verifica-
tion is obviously desirable. ' '

4. Corvelation of Heat-Transfer Results—In this section we shall consider the degree of
correlation of experimental heat-transfer results from wind tunnels and flight which can be
obtained on the basis of theories which assume no pressure or temperature gradients along
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the length of the body. In many applications the pressure gradients are either zero or are
sufficiently small to be neglected, but the same considerations may not be applicable to the
temperature gradients and some effects of the latter will be considered in section 5.

In the analysis of experimental results it has been customary to assume recovery factors of
the order of 0-85 for laminar and 0-90 for turbulent boundary layers if experimental values
for the tests are not available.

4.1. Laminar Boundary Layers.—4.1.1. Theoretical considerations.—It has been demonstrated
by Crocco® that the relation:

Y € 1)

between heat-transfer coefficient %, (equations (5) and (7)) and skin-friction coefficient ¢, is
approximately true in compressible as well as in incompressible flow. This is verified by the
calculations of Klunker and McLean®% for flight at high Mach numbers and in addition their
values for skin-friction coefficient are close to those obtained by an extension of Crocco’s
analysis® (for constant Prandtl number) at least up to M = 10. On the other hand, modifica-
tions may need to be made to the effective temperature difference used in forming the coefficient
kg (section 3.1.8.1)*. However, the local Mach numbers obtained in flight tests to date do not
extend into this region. ’

Young® and also Johnson and Rubesin® have obtained semi-empirical formulae which
" approximate to Crocco’s skin-friction results® for a flat plate in compressible flow. These
Tormulae are compared in Ref. 32 and either could be used for correlating experimental results.
However, the only available results are those of Fischer and Norris* and their analysis was
based on the Johnson and Rubesin formula, so for convenience the same formula will be used
in the present note. It is (for local skin friction):

¢/ = 0-664(Re,)" 12, R O

where the primes denote that density and viscosity are to be evaluated at an ‘intermediate’
temperature:

T = 0-42T3(1 + 0-076M2) + 0-58T, . .. .. .. .. (12

These equations should be applicable as they stand to a cylinder with axis in the stream
direction®, but for supersonic flow over a cone the constant in equation (11) should be increased®
by the factor 4/3 to 1-15. '

4.1.2. Experimental vesulis.—The only available experimental results for heat transfer in
high-speed flow with a laminar boundary layer are those of Fischer and Norris*. Local heat-
transfer. coefficients were calculated from the measured variations during flight of the skin
temperatures on the nose cones of V-2 type missiles. A correlation on the basis of equations
(10) and (11) (with constant increased to 1-15) and (12) is reproduced in Fig. 7. (In equation
(10), Fischer and Norris evaluated ¢ at temperature 7" and this is repeated in Fig. 7).

In the case of V-2 No. 27, the nose cone had an included angle of 45 degrees, and the local
Mach number increased from 1 to 3 as the altitude increased from 80,000 to 100,000 ft. Because
of the flight plan the Reynolds numbers decreased as time increased, so that the laminar results
were obtained during the later portion of the measured flight and a time scale in Fig. 7 would
run from right to left. Zero heat-transfer conditions were not achieved, so a recovery factor
of the order of 0-85 was assuined in the analysis.

* See 1956 footnote to section 3.1.8.1., para 1.
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Considering the correlation in Fig. 7, apart from a decrease at the end of the measured {light,
the average values of the experlmental heat-transfer coefficients for V-2 No. 27 are about 20
per cent above the theoretical curve.

On the other hand the results from the firing of V-2 No. 21 lie much closer to the theoretical
curve. (Complete details of this firing are not available).

In general therefore it can be said that, apart from the unexplained tailing-off of the results
from V-2 No. 27, the theoretical formula gives a reasonable approximation to the experimental
results and further evidence would be needed before improvements could be justified.

4.1.3. Simplified formula for general use—Suppose that in equations (10) and (11) we evaluate
density and viscosity at the surface temperature 7, instead of at the intermediate temperature
T’ of equation (12). We then obtain:

Bip0,® = 0-332Re, ™' . .. .. . .. (18)
6r, in terms of local conditions outside the boundary layer:
kyo,® = 0-332Re™ (T, /T, )3t~z . .. .o (14)

Cif it is assumed that:

;‘_;:(T;f S 0 1)

Fig. 8 compares heat-transfer coefficients obtained from equation (13) (or (14)) with those
obtained from the ‘true’ formula of equations (10), (11) and (12) and shows that up to M, =
and over a feasible range of surface temperatures the errors introduced should not exceed 5 per
cent. Equation (13) (or (14)) should therefore be sufficiently accurate for general use and is
more simple in application than the ‘true’ formula based on intermediate temperature.

Similar considerations would apply to mean heat-transfer coefficient.

4.2. Turbulent Boundary Layers—4.2.1. Theoretical and incompressible flow considerations.—
4.2.1.1. Skin friction.—The various formulae which have been proposed for the variation of
turbulent skin friction in compressible flow with zero longitudinal pressure and temperature
gradients have already been reviewed in Ref. 5, where it is shown that the relations® :

Cri = Cry '
(16)
when Re; = Re L
wTw
(where subscript ; denotes incompressible-flow values) give a sufficiently accurate approximation
to more complicated formulae*. These relations can be applied to any of the formulae for
~turbulent skin friction in incompressible flow to provide a corresponding formula for compressible
flow. In the region 10° < Re < 10® a suitable formula (for flat plates) for local skin friction

* (1956). It has now become apparent that equations 16 may seriously overestimate skin friction and heat
transfer at high Mach numbers if the surface temperature is low. It is preferable to use the ‘intermediate enthalpy’
approach throughout (see Refs. 82 and 63), but if equations 18 are used, they should be subjected to the restriction
that Tw/Ta1 > 3.

The remainder of section 4.2 should be viewed in this light.
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is the Blasius formula® ¢; = 0-0592Re, ™ which, when transformed according to équations
(16) becomes:

— 0. T\ |
Cro = 0 0592<RewTw> N § V4
or in terms of local stream values:
‘ T \B— )5
=0 ~usf —1 .. .. .. ..
¢; = 0-0592Re ( Tw> (18)

where o is defined by equation (15).

Similarly, the mean skin-friction coefficient is given by:
— 0. TN\ t .
Cro = 0 074(Rew_T_w) L )

and presumably the range of validity of equations (17) and (19) should now be taken as
10° < Re,(T4/T,) < 10%.

The Blasius formula possesses the merits of simplicity but if greater accuracy over a wider
range of Reynolds numbers is required, then incompressible-flow results® would suggest the

use of Prandtl-Schlichting-type formulae which when modified in accordance with equation
(16) give:

— 245
c,wzo-zss(longeew%) (0

W

for local skin friction and:

—2-6

pr=0-46<10g10Rew%:l> O 0

for mean skin friction in compressible flow. The probable range of application is
10° < Re,(T4/T,) < 10°, corresponding to the whole range of available incompressible-flow
experimental results.

In the above, Reynolds numbers are based on length along the surface of the body. If, as
in Ref. 37, they are based on boundary-layer thickness, then the same analysis® which led to
equation (16) gives, in this case:

cfi - wa
(22)
when ‘ Rs; = Ry,

i.., the additional factor 73/T, is no longer attached to the compressible-flow Reynolds number.

4.2.1.2. Relatrons between heat-transfer and skin-friction coefficients—Turning now to the
relation between heat-transfer and skin-friction coefficients, Fig. 9 shows various values which
have been proposed or used under incompressible-flow conditions, assuming ¢ = 0-72. Of
these, the Karman relation® has the most logical foundation, being based on the measured

12



structure of the turbulent boundary layer and it may be noted that a reasonable approximation
to it in the range 10° < Re; < 10° is given by:

k .
1520—1/3. . . . . . .. (29)
2Cr

If we assume that equation (23) can also be applied in compressible flow*, there is the question
as to the temperature at which o should be evaluated. However, since according to Ref. 6,
¢ only varies from 0-73 at —50 deg C to a minimum of 0-65 at temperatures greater than 500
deg C, this may not be very important compared with possible errors from other sources. In
the correlations which follow, it has arbitrarily been evaluated at the surface temperature 7.

4.2.2. Experimental results—4.2.2.1. Overall heat transfer—Fig. 10 gives the results of
measurements of the overall heat transfer from a flat plate mounted in a supersonic wind
tunnel®!, plotted as mean heat-transfer coefficient %y, against the modified Reynolds number
Re,(T,/T,) as suggested by equation (16).

As Fig. 10 shows, the values of Re,(T,/T,) are outside the range for which the power-law
formula of equation (19) would be recommended by skin-friction results in incompressible flow*.
Despite this fact, a slightly better correlation could be obtained using this formula than by
use of the log-formula of equation (21), and Fig. 10 then shows the effects of applying the various
relations of Fig. 9 between heat transfer and skin friction. The experimental results lie between
the curves derived from the Karman relation and the o=%? relation as used by Colburn. (Corres-
ponding curves derived from the log-formula of equation (21) would be about 6 per cent lower
in each case at Re,(T/T,) = 10°. The experimental results would then favour the o~*? relation).

Prandt]l number was taken as 0-72, which corresponds to the surface rather than the stream
temperatures. The latter were outside the range for which tabulated values of Prandtl number
existe.

4.2.2.2. Local heat transfer.—Local heat-transfer coefficients obtained both from wind-tunnel
and from flight measurements are plotted in Figs. 11 and 12 against Re,(73/7,) as suggested
by equation (16). The sources of the experimental data are listed in the figures, as are the
ranges of local Mach number covered. ‘

The thermal properties of air have been evaluated at surface temperatures 7, and the heat-
transfer coefficients %5, have been multiplied by the factors described in section 4.2.1.2. to reduce
them to ‘equivalent skin-friction coefficients’ for comparison with the power-law formula of
equation (17). Fig. 11 is based on the o' factor, which approximates to the Karman relation
(see Fig. 9), and Fig. 12 is based on the ¢* factor as used by Colburn.

Also, two curves have been drawn in Fig. 11, one for flat plates (equation (17)) and the other
for cones in which the flat-plate constant is increased by the factor (34/3)/4 as found by Davies.
In Fig. 12, only the flat plate curve has been drawn.

‘ Compaﬁson of Tigs. 11 and 12 shows that a slightly better correlation is achieved using the
o?? factor of Fig. 12, 7.e., :

kHw p— O'w_2/3 5 e . . .. o . (24)

1
27w -

* A recent analysis®” by Rubesin for the case of compressible flow gave values of kg/3¢s about 7 per cent on average
above those given by the Karman relation in Fig. 9. Rubesin included an ‘effective Prandtl number’ for the
turbulent flow, which he evaluated by means of the temperature recovery factor, but in doing this he had to simplify
the structure of the boundary layer by omitting the buffer layer between the laminar sub-layer and the turbulent
core. This omission corresponds to the Taylor-Prandtl assumption for incompressible flow, which in that case
gives values of kp/dc; about 3 per cent below those from the Karman relation.
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and when this is done, the flat-plate formula of equation (17) gives reasonable agreement with
the experimental results. Apart from experimental inaccuracies, much of the scatter and indeed
the general level of the experimental results may be affected by temperature gradients along
the length of the test bodies (see section 5 below), but ignoring these, the heat-transfer formula.:

Tl‘/

o™ = 0 0296<Re (25)

(derived from equations (17) and (24)) may be regarded as sufficiently accurate for use in
calculating skin temperature variations, at least until further experlmental evidence (preferably
from flight tests) makes improvement posmble’l

Significance of equation (25).—In terms of local free-stream (local ambient) conditions, equation
(25) becomes:

w

(3 —w)f5
kHaw2/3:0-0296Re—1/5<%> O 075)

where © is given by:

51—;(%) G e (1)

(0. 1s still to be evaluated at surface temperature T5,).

The point of note in equation (26) is that the compressibility parameter is 7,,/T; and, therefore
it is only under zero heat-transfer conditions (7, = T,,, see section 3) that Mach number is of
importance. This is illustrated by Fig. 13, where flight test results from RM-10 firings'®® are
plotted first against Mach number and then against the ratio 7,/7,. The ordinate in each
case is the ratio of the heat-transfer coefficient (multiplied by ¢,*) obtained in the tests to the
incompressible-flow value at the same Reynolds number as estimated by equation (26) with
T, = T,. This is a sensitive method of plotting, which explains the apparent increase in
scatter when compared with Fig. 12, but 7',/ is obviously the better choice of compressibility
parameter. A consequence of this is that if the surface is cold (7, == T;) then the heat-transfer
coefficient may not be reduced much below its incompressible-flow value even though the body

.may be flying at a high Mach numbert.

Practical significance of ervors im heat-transfer coefficient.—Finally one effect of errors in
heat-transfer coefficient is illustrated by Fig. 14, where measured skin temperatures on the
RM-10 are compared with values estimated by the step-by-step calculation procedure of Ref. 45,
using local heat-transfer coefficients given by the flat-plate curve of Fig. 11 which are on average
20 per cent below the experimental coefficients. The two stations correspond to those used in
the correlations of Figs. 11 and 12.

Measured temperatures for these stations are only available onwards from a time of 4 seconds,
but for some other stations the initial temperature was about 27 deg C so in the first place it
was assumed that the whole of the surface was initially at the same temperature, 7.c., 27 deg C.
Half-second time intervals were used in the calculations. This led to the curves marked A in
Fig. 14.

* Note 1956 footnote to section 4.2.1.1. Also see Ref. 684, which supports a value by/fcr ==1-22,
t Note 1956 footnote to section 4.2.1.1.
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First considering station 123-5 (inches from tip), Fig. 14 shows that the calculated and
measured temperatures are within 5 deg C, despite the 20 per cent difference between heat-
transfer coefficients. This measure of agreement should be adequate for most engineering
purposes. '

However, there is up to 30 deg C difference between the results at station 17-8, despite the
fact that the difference between experimental and assumed heat-transfer coefficients is still of
the order of 20 per cent (see Fig. 11, unflagged symbols). It is unlikely that the initial tem-
perature at this station was much higher than 27 deg C, and a repeat of the calculations using
one-fifth—second time intervals did not reduce the discrepancy. The calculations for station
17 -8 were then repeated for the measured portion of the flight, assuming an initial temperature
of 180 deg C at a time of 4 seconds. The result (given by curve B in Fig. 14) shows the same
order of agreement with experiment as was found with curve A at station 123-5, so it is obvious
that there must have been a very much high rate of heat flow into station 17-8 during the first
4 seconds of the flight than would be accounted for by a 20 per cent increase in heat-transfer
coefficient. '

Further experimental evidence from flight tests is highly desirable and it is suggested thét
the true worth of any formula for heat-transfer coefficient is best assessed by comparing
calculated and measured skin-temperature histories as in Fig. 14. :

5. Effects of Temperature Gradients om Local Heat-Transfer Coefficients.—5.1. Effect of a
Stepwise Discontinuity in Surface Temperature.—This is a case frequently met in wind-tunnel
tests, when it may not be possible to heat (or cool) the test body right forward to its tip or
leading edge. As a result the temperature of the forward portion of the body may remain close
to the zero heat-transfer condition and it will then take some length of run for the boundary
layer to acclimatise itself to the subsequent heated portion. The local heat-transfer coefficients
over the heated portion can therefore differ from those which would be measured on a surface
having uniform temperature all the way from the tip or leading edge.

In the present section we shall assume uniform temperature over the heated portion, so that
we have the case of a single stepwise discontinuity in surface temperature.

5.1.1. Laminar boundary layer.—If we assume that conditions are as illustrated by the sketch
inset in Fig. 15 and that the local skin-friction coefficient retains values appropriate to uniform
temperature, then applying the formula (equation (29) below) obtained by Lighthill for the
laminar boundary layer in compressible flow* , we obtain:

%=[1_<%)3’T1’3 e e @

for the local heat-transfer coefficient &5 at a distance x from the leading edge, where x; is the
length of the unheated portion and Ay, is the value of %y for uniform temperature conditions
(x; = 0), as given by equation (14) for example.

The curve given by equation (27) for kufky, is plotted in Fig. 15 against (1 — x,/x), i.e., ratio
of heated to total length, and shows the considerable effect that the discontinuity can have.

Fig. 16 then shows an application of equation (27) (or Fig. 15) to experimental results obtained
by Brun® from an ogive-cylinder in a supersonic wind tunnel. Only the cylindrical portion
was heated (to temperatures around 800 deg C) and its temperature distribution was reasonably
‘uniform relative to the temperature jump at the junction of the ogive and the cylinder. TFurther
details are given below Fig. 16. The plotted results show that equation (27) (curve of Fig. 15)
gives a correction of the right order for the effect of a stepwise temperature discontinuity on the
local heat-transfer coefficients for a laminar boundary layer in compressible flow.
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5.1.2. Turbulent boundary layer—Lighthill’s theory* applies to incompressible and com-
pressible laminar boundary layers. A similar theory has not been developed for the compressible
turbulent boundary layer, but in the incompressible case Rubesin® has obtained the formula:

kH o l: B xl 39/40:'-—-7/39
=1 (32) , S |

where the various symbols are defined as in equation (27). The ratio kx/ka, as given by equation
(28) is plotted against (1 — #,/x) in Fig. 17, and comparison with Fig. 15 shows that theoretically
a stepwise discontinuity in temperature has considerably less effect on a turbulent than on a
laminar boundary layer. Also plotted in Fig. 17 are experimental results obtained by Tessin
and Jakob® from tests on cylinders at low speeds and comparatively low rates of heat transfer.
These experimental results are in very good agreement with Rubesin’s curve for (1 — x,/x) > 0- 4.

Once again, compressible-flow results are available from Brun’s tests®. These are at subsonic
" speeds but for high temperature differences across the boundary layer, using the same equipment
as for the laminar boundary layer results of Fig. 16. The direct results and the effect of correction
by equation (28) are shown in Fig. 18, which demonstrates that Rubesin’s formula is adequate
in this case for dealing with the effect of a stepwise temperature discontinuity on the local
heat-transfer coefficients for a turbulent boundary layer in compressible flow.

5.2. General Temperatuve Distribution.—In flight, a thin-skinned body will not in general be
at uniform temperature during the transient heating stage because of the variation of heat-
transfer coefficient along its length. Conduction of heat along the skin will help to reduce the
non-uniformity, but in many cases this reduction may only be appreciable very near to the nose
(see Ref. 30) or possibly in the transition region between laminar and turbulent flow.

As in the case of the stepwise discontinuity of section 5.1, a non-uniform temperature
distribution along the body will modify the boundary layer and affect the heat-transfer
coefficents. The most general solution of the problem in the case of a laminar boundary layer
is that of Lighthill® who obtains (in effect):

fe 1 (0 d{Tde) — Tur}
kro  To(%) — Tuo L=0 [1— (2/x)"® .. . . (29

for the local heat-transfer coefficient %y at a distance x from the leading edge of a flat plate.
Other symbols are defined as in equation (27). - It is assumed that the leading edge (x = 0) is
at zero heat-transfer temperature and that the local skin-friction coefficient retains values
appropriate to a plate at uniform temperature.

Equation (29) can be applied, for example, to a particular measured temperature distribution
to obtain the corresponding modification required in local heat-transfer coefficient as derived
from the test results.

A corresponding formula is not available for the turbulent boundary layer, but by comparing
equations (29) and (27) for the laminar boundary layer, a possible generalisation of equation (28)
for the turbulent boundary layer is indicated to be:

Ry _ 1 j A{Tu(z) — Two}
Fuo  Ta(#) — Tuo Jimo [1 — (z/x)™0)9 "

(30)

The efiect of non-uniform surface temperature on the transient aerodynamic heating of
thin-skinned bodies, assuming laminar boundary layers, has been studied by Bryson and
Edwards* , who used Lighthill’s formula (equation (29)) in their calculations. Fig. 19 reproduces
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the results they obtained in the case of an exponential decrease of velocity with time at constant
altitude with the initial surface temperature constant and less than the initial zero heat-transfer
temperature. Fig. 194 shows the local heat-transfer rates at two stations along the body and
these are seen to differ greatly from the corresponding values for uniform plate temperature.
On the other hand, Fig. 198 shows that the skin temperature variations do not differ to the same
extent. ‘The moral would seem to be that considerable scatter can quite easily be ‘built-in’ to
heat-transfer coefficients derived from measured variations of skin temperature during a flight
(or intermittent tunnel) test, if the surface temperatures are not uniform along the length of the
body. This reinforces the suggestion made at the end of section 4 that the true worth of any
formula for heat-transfer coefficient is best assessed by the skin-temperature variations it
predicts. '

5.2.1. Approximate results —If the temperature distribution along the body can be represented
by a polynomial then Chapman and Rubesin*® and Rubesin® have developed series solutions
for heat transfer with laminar and turbulent boundary layers respectively. These are necessarily
more restricted in application than the integral formulae of equations (29) and (80), but they can
conveniently be used to illustrate the major effects of a non-uniform temperature distribution.

In both cases** the surface temperature distribution is assumed to be given by*:

%:1-{—@04—@1@)—#@2@)24—... . . .. (31

where / is the overall length of surface and 7, is the zero heat-transfer temperature when the
surface temperature is uniform. If so, then the local heat-transfer rate is given by:

e = @Yo+ ai(%) + azyzg)g +.. e @)

where 7, is the value of % (equation (7)) for uniform temperature and values of the quantities
Y,, Y,, Y,, etc., are given in the following table as calculated in Refs. 40 and 43.

Values of Y,
Q’M&Z?’Lt’bty YO Y]_ YZ ' Y3 Y4 Y5 YIO
Laminar
boundary layer .| 1 1-653 2-020 2-313 2:517 2-701 3-402
Turbulent '
boundary layer 1 1-222 | 1-343 1-427 — — —

‘There is no reason to restrict # to integral values and, if it is not an integer, Y, may be obtained
by interpolation using the curves of Fig. 20.

5.2.1.1. Effect on zero heat-transfer condition.—Suppose that in the region of the zero heat-
transfer condition the surface temperature distribution is given by:

%}:i‘+“°(t)““"<§)n’ S TR )

* Ref. 40 considers only the incompressible turbulent boundary layer, but we shall assume that the results can
be applied to the compressible-flow case if T'; is replaced by Tug -
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where a,(f) varies with time. Then from equation (32) we obtain (since Y, = 1):

9 — ) —a, Y (%) c .
e = ) a,,Yn<l> “ IR (34)

and at a given point (x/]) the local heat transfer is zero when a,t) = a,Y.(x/])" or, frorh
substitution in equation (33), when.: ‘

Tw_Tw()’_ §n - .
T_m,_Two—1+“’”<l>{Y" 1} e .. (3)

a

Thus, unless # = 0 (uniform temperature), zero heat transfer at the point (x//) occurs at a
temperature T, which is different from the value T, for a surface of uniform temperature.
This explains why the heat-transfer coefficients in Fig. 194, which are based on the temperature
difference (T, — 7o), become infinite when T\, = Ty -

A further consequence of équation (35) is that if recovery factors are deduced from the
maximum values of measured variations of skin temperature with time (such as in Fig. 14),
then the results will depend on the distribution of surface temperature.

For example Fig. 21 shows the variation of surface temperature over the RM-10, model A®,
when conditions were near that of zero heat transfer (as deduced from the maximum recorded
skin temperatures in plots such as in Fig. 14). In compiling Fig. 21, a recovery factor of 0-9
was assumed when obtaining the values of T, used in forming the ratio 7,/7 s, .

The relatively high values of T,/Two over the forward portion of the body are explained by
the fact that the skin was thinner in the region 0 <%/l <0-2 than it was for x/l > 0-2.
Considering the latter region, the temperature distributions were approximated by a linear
variation as shown in Fig. 21 and values of T,,"/T,, were obtained from equation (35) with
n =1 and Y, = 1-222 (turbulent boundary layer). The results are given in Fig. 22 as are the
corrections which would be necessary to recovery factors (8') derived from T, .

Applying these corrections to the measured recovery factors for the RM-10 in Fig. 4. gives
the ringed symbols of that figure, which provide an ample illustration of the errors which may
be involved in comparisons between recovery factors obtained on bodies having different -
distributions of surface temperature. ‘

From the table of values of Y, it can be seen that the effects of non-uniform surface tem-
peratures will be more pronounced if the boundary layer is laminar than if it is turbulent.

Finally it must be emphasised that the analysis above for the RM-10 is very rough and is
only intended as an illustration. :

5.2.1.2. Effect on heat-transfer coefficient.—It has already been mentioned that local heat-
transfer coefficients based on (7T, — T.,,) will become infinite when T, = Tuo, if the surface
temperature is not uniform. Therefore it would seem better to base the coefficients on
(Tw — Two'). In effect this is done in the analysis of flight tests such as on the RM-10, since
the measurements yield the value T, for zero heat transfer.

Complications arise since the temperature distribution is likely to be changing continually
throughout the flight, but it is of interest to consider conditions near to zero heat transfer, when
the distribution may remain sufficiently close to a type such as given by equation (33). If so,
then from equations (33) and (35) we obtain (T» — Two')/Two = ao(f) — @Y .(x/f)", and if we
define »' = ¢/(T, — T4o') then from equation (34) we obtain A’/h, = 1, ¢.c., the local heat-
transfer coefficient 4’ is the same as would be obtained on a surface of uniform temperature.
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- However for greater rates of heat transfer (s.c., greater values of T, — T,,') it will make
little difference whether the heat-transfer coefficient is based on (T, — Tuo') or on (T — Tio)
and variations such as for the higher values of #/4, in Fig. 19 may be expected if the temperature
distribution is changing. Once again the effects would be less if the boundary layer were
turbulent.

5.3. Conclusions.—(a) If there is a variation in surface temperature along a body, then
the zero heat-transfer temperature (7,,’") at any point will differ from that obtained
on a surface of uniform temperature. :

(b) If the distribution of surface temperature remains fixed then local heat-transfer
coefficients based on (T, — T,,’) should not differ much from those obtained on a
surface of uniform temperature. '

(¢) In the general case the integral formula of equation (29)” may be used to determine
variations in 25 for a laminar boundary layer and it is suggested that equation (30)
- may be applicable to the turbulent boundary layer.

6. Effect of Pressuve Gradients on Heat-Transfer Coefficients.—No systematic work has yet
been done on this case. Theories exist for the laminar boundary layer in compressible flow
with pressure gradients under zero. heat-transfer conditions (e.g., Ref. 46), but so far there has
been no rigorous extension of the theory to include heat-transfer conditions. Even less is known
.about the behaviour of the turbulent boundary layer and some recent low-speed work (un-
published) at the Oxford University Engineering Laboratory suggests that the relation between
" heat-transfer and skin-friction coefficients may alter appreciably when pressure gradients are
present. '

Now except near the tail of a body or the trailing edge of a wing, the pressure gradients are
likely to be small on aircraft or missiles designed for supersonic flight. There was a small
favourable pressure gradient over the length of the RM-10* (a body of fineness ratio 12-2) but
an attempt made by Rubesin, Rumsey and Varga® to allow for its effects yielded local heat-
transfer coefficients very little different from those obtained from a uniform-flow type of
analysis (e.g., Fig. 12). Further evidence is provided by Fraenkel®, who made approximate
calculations of the boundary-layer development under zero transfer conditions on a body of
revolution (a cone-cylinder with various. truncated parabolic afterbodies) and obtained overall
skin-friction coefficients close to those given by a flat-plate formula over a range of Mach numbers
from 1-2 to 1-6 and of Reynolds numbers from 48 to 72 million. In this case the fineness
ratios were between 14-5 and 17. -

Therefore, until further evidence becomes available it would seem reasonable to assume that
at least for the turbulent boundary layer, uniform-flow formulae may suffice for bodies with
fineness ratios of the order of 12 or more. However, systematic experimental results are
obviously highly desirable. '

7. Transition from Laminar to Turbulent Flow.—The previous sections have considered the
heat transfer rates obtained with wholly laminar or with wholly turbulent boundary layers.
In supersonic flight at low altitudes it may be sufficiently accurate in many cases to assume a
wholly turbulent boundary layer, neglecting the influence of the probably short run of laminar
boundary layer near the nose. Thus, for example, at sea level and for a speed of 2,000 ft/sec
the Reynolds number per foot is of the order of 13 million so that extensive laminar boundary
layers are unlikely (but see section 7.1 below for possible modification of this statement).

However, as the altitude increases the Reynolds number decreases, until at 100,000 ft (and
2,000 ft/sec) it is only of the order of 0-2 million per foot, so that it becomes increasingly
important to know how transition may vary during the flight.

19



Gazley* has already made a fairly detailed review of the problem, so that only a general
statement will be made in the present section. The main purpose is to emphasise some of the
major factors which affect transition and to present what is in some cases a shghtly different
interpretation of the experimental results from that given by Gazley*.

The factors which will be considered are:
() the effect of heat transfer

(b) the effect of pressure gradients
(¢) the effect of incidence
(d) the effect of single spanwise roughness elements.

Some consideration is also given to the effect of turbulence level in a wind tunnel.

Shock waves (such as from a wing on to a body) may have considerable effect in fixing
transition, but as yet there is very little experimental evidence available. (A few results, .
incidental to their main investigation have been obtained by Gadd, Holder and Regan durlng
their work on shock-wave-boundary-layer interaction®).

7.1. Effect of Heat Transfer.—7.1.1. Theoretical considerations.—Gazley* gives a good review
of the theory of boundary-layer stability in low-speed flow. Briefly there have been two main
starting points. One, suggested by G. I. Taylor, supposes that turbulence in the stream outside
the boundary layer imposes local adverse pressure gradients on the laminar boundary layer which
cause local separation and subsequent transition to turbulent boundary-layer flow. The other,
developed by Tollmien and Schlichting, considers the stability of small disturbances in the
boundary layer. These disturbances may be caused by surface roughness, noise, vibration, or
free-stream turbulence, and they make their appearance as oscillations which may be damped
out or amplified depending on their frequency and the local Reynolds number. For a given
frequency, amplification can only occur if the Reynolds number is greater than a certain value
known as the ‘minimum critical Reynolds number’, and if this is so, then after'a certain distance
the oscillations become amplified to such an extent that they break up into irregular fluctuations
and the boundary layer becomes turbulent.

Low-speed experimental results (such as those of Schubauer and Skramstad) have shown that
the level of the free-stream turbulence decides which mechanism is the prime cause of transition.
This is illustrated by Fig. 29 (taken from Ref. 4) which is a plot of the mean values of experi-
mentally determined transition Reynolds numbers in low-speed flow against the turbulence
level of the free stream (u'/u;). Fig. 29 shows that for u’/u, greater than about 0-001, transition
is affected by the turbulence level of the wind tunnel (as suggested by G. 1. Taylor) but for
smaller values the turbulence level has negligible effect and in fact it was found that transition
was caused by the amplification of Tollmien-Schlichting waves.

Now the theories**® which have been developed for the stability of the laminar boundary
layer in compressible flow have all been based on the Tollmien-Schlichting assumption. On
the other hand, turbulence levels have not yet been measured in any of the supersonic wind
tunnels from which transition measurements are available, so that when comparing the experi-
mental trends with the theoretical predictions, the 1mp11cat10ns of TFig. 29 must be borne in
mmd

In extending the Tollmien-Schlichting theory to compressible flow, Lees” found the interesting
result that heat transfer has a major effect on the values of the minimum critical Reynolds
number Re,. Heating (heat transfer from body to air stream) reduces Re,, but cooling (heat
transfer from air stream to body) increases it and in supersonic flow if the cooling rate is sufficient
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then Re, becomes infinite, 7.e., the laminar boundary layer becomes completely stable. In
obtaining these results, approximations had to be made in the solution of the boundary-layer
stability equations and in view of the importance of Lees’ results, further studies have been
made with the aim of improving their accuracy. The latest of these is by Van Driest*®, whose
main results are surhmarised in Figs. 23 to 25%.

Fig. 23 shows the theoretical cooling requirements for complete stability of the laminar
boundary layer, plotted as the ratio of the required surface temperature to the zero heat-transfer
temperature against Mach number. All temperature ratios below the curve correspond to
complete stability and it is seen that this is most easily obtained in the neighbourhood of M = 2,
‘whereas at higher Mach numbers it becomes increasingly more difficult until above M =9 it
is impossible to obtain. :

Fig. 24 is a plot of the minimum critical Reynolds number under zero heat-transfer conditions,
which shows that Mach number has a destabilising effect.

Using Fig. 24 and Van Driest’s results for the effects of heat transfer, Fig. 25 was obtained,
which gives curves of the ratio (minimum critical Reynolds number/minimum critical Reynolds
number under zero heat-transfer conditions) against the surface temperature ratio 7,/T,, for
constant values of Mach number. In application to the flight case, the cooling region is of
major importance and it is worth noting that cooling is most effective in ‘the range 1-5 < M < 2-5.
(The asymptotes to the curves in Fig. 25 are at the values of T,/T,, given in Fig. 23).

Now Figs. 23 to 25 give minimum critical Reynolds numbers Re, and as yet these cannot be
related to the transtition Reynolds numbers Re,. However, the same qualitative trends might
be expected if the free-stream turbulence level is low enough for the theory to be applicable.
Summarising, these trends are:

(@) under zero heat-transfer conditions (7,/ T,,,o = 1)Re; may decrease as the Mach number
increases (Fig. 24).

(b) cooling (T',/T,, < 1) may delay transition (increase Re;) and may be most effective
in the range 1-5 < M < 2-5 (Fig. 25)

(¢) heating (T,/T,,> 1) may decrease Re, and its effects may be more appreciable at
the lower supersonic Mach numbers (Fig. 25).

- 7.1.2. Experimental vesults.—Experimental results both from flight and wind-tunnel tests
are given in Fig. 26 in the form of a semi-logarithmic plot of transition Reynolds number (Rey)
against the temperature ratio 7,/7,,. The Reynolds numbers and quoted Mach numbers are
based on local stream conditions.

_Considering the flight-test results the very high transition Reynolds numbers obtained by
S’cernberg49 were on a specially pohshed nose-cone fitted to a V-2—-type missile with trajectory
modified to give a flight at approximately constant altitude (25,000 ft). Angles of pitch and
yaw were measured and were less than -1 degree after the missile had levelled out at altitude.
Unfortunately the missile exploded (from unknown causes) before zero heat-transfer conditions
were reached. Transition was deduced from a change in slope in plots of measured skin tem-
peratures against time and Sternberg himself only quotes the highest value shown in Fig. 26.
The remainder were deduced by the present author and there can be some doubt concerning the
accuracy both of the values shown and of the extrapolation to zero heat-transfer conditions.

* (1956). Further calculations have since been made, allowing for variations in Prandtl number, etc. These
make some alterations in values but do not affect the overall shapes of Figs. 23 to 25. More important modifications
arise from the work of Dunn and Lin%, which shows that three-dimensional disturbances assume major importance
at Mach numbers above two. (Previous theories have only considered two-dimensional disturbances).
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At the other end of the Reynolds-number scale are the flight results obtained by Fischer and
Norris*, again with a V-2-type missile but this time there were various surface discontinuities
present, the measurements were taken during a climb from 30,000 ft to 100,000 it and there
were no records of pitch or yaw (see section 7.4 below for possible effects of the latter). Once
again transition was determined from the skin-temperature measurements. '

Of the tunnel-test results it should be noted that the high-transition Reynolds numbers
obtained by Czarnecki and Sinclair® were on the RM-10 which is a body with a favourable
pressure gradient along the majority of its length.

Despite the wide variation shown in Fig. 26 of transition Reynolds number under zero heat
conditions (Reg,) it is remarkable that all the results for cooling (7/T 4o < 1) lie on lines of
approximately the same slope. This is illustrated further by Fig. 27 where the variation in
Rer, is eliminated by plotting the Re,/Req, against T,/T,,, using the individual values of
Re,, shown in Fig. 26. Fig. 27 shows that on this basis .all the results for cooling can be fitted
by a single line. This is in qualitative agreement with the results of Fig. 25 for critical Reynolds
number, since the experimental results are mainly in the range 1-5 <M, <2-5. '

This does not necessarily mean that for all the cases considered in Figs. 26 and 27, transition
is caused by the amplification of Tollmien-Schlichting waves, because Gadd® has shown that
cooling can delay the separation of a laminar boundary layer subjected to an adverse pressure
gradient. Hence it is possible that cooling may also delay transition which results from
turbulence in the stream outside the boundary layer (Taylor’s assumption, section 7.1.1. above).

Whatever the mechanism causing transition, further experimental evidence is required to
bridge the gap between the tunnel and the flight results in Fig. 27.

On the heating side of the graph in Fig. 27 (T,/T .o > 1) the variation of Re;/Res is affected
by the value of Rey,. Here again, further experimental evidence is desirable.

Meanwhile it is suggested that the effect of cooling on transition may be estimated from the
curve in Fig. 27*, but there remains the difficulty of determining the value of Re;, to be used.
Some remarks on this follow in the next sectiomn. o

7.2. Transition Under Zero Heat-Transfer Conditions.—The data of Fig. 26 are drawn from
‘tests on a variety of models in a number of different wind tunnels, etc., and the individual
" models were not tested at a sufficient number of Mach numbers to make it possible to check any
movements of transition with Mach number under zero heat-transfer conditions.

Better data for this purpose are given in Fig. 31. The results in this figure were obtained (or -
collected) by Love, Coletti and Bromm®* and each set shows a definite decrease in zero heat-
transfer transition Reynolds number Re;, as the Mach number is increased. This agrees in
direction with the theoretical trend shown in Fig. 24 for minimum critical Reynolds number.

Now earlier experience in supersonic wind tunnels sometimes indicated a trend towards an
increase in Rep, with increase in the operating Mach number (e.g., the Royal Aircraft Establish-
ment results®® for a flat plate in Fig. 26). A possible explanation might be that in these cases
the free-stream turbulence was the prime cause of transition. -If so, then increasing the operating
Mach number might be regarded as increasing the effective contraction ratio of the tunnel so
that the free-stream turbulence Iével in the working section would be reduced with consequent

* (1956). Provided 1-5 < My < 2.5, since there is now evidence, from wind-tunnel tests, that cooling, as
expressed by Tw/Twq, is less effective in delaying transition at M = 3. This would agree with the trends shown in
Fig. 25,
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beneficial effect on transition {cf. Fig. 29). 'This is only offered as a tentative explanation and
apart from assuming that the effective contraction ratiois determined by theratio of the velocity
in the working section to that in the settling chamber, it also assumes that no turbulence is
generated in the nozzle.

However, these considerations and the differences between results from different tunnels
shown in Figs. 31 and 26 makes it seem highly desirable to develop a technique for measuring
- turbulence levels in supersonic wind tunnels with an aim of producing correlations such as in
Fig. 29. ‘ ‘

Meanwhile Fig. 31 gives an idea of the zero heat-transfer transition Reynolds numbers which
can be achieved in supersonic wind tunnels. In this respect it may be noted that the high values
obtained on the RM-10 model at M = 1-62 in the Langley 9-in. Tunnel were found to be very
dependent on the surface finish of theé model, whereas at M = 2-41 the requirements were less
stringent. Also, longitudinal pressure gradients are likely to affect the transition Reynolds
number (see section 7.3 below).

As regards the flight case, even less can be said. If flight tests are made on particular models
to test the effects of surface finish, etc., then it is obvious from Fig. 26 or 27 that surface
temperatures must be measured so that the temperature effect can be eliminated. Similar
considerations would apply to pitch and yaw (section 7.4 below).

Meanwhile the question of what zero heat-transfer transition position to use in performance
calculations must remain a matter of individual choice. It may seem best to use the maximum
values (3 million) found for a flat plate in incompressible flow (Fig. 29), if there is zero pressure
gradient along the body. Alternatively it may be felt that if care is taken to obtain a smooth
finish then transition Reynolds numbers of the order of 8 million may be feasible (¢f. Sternberg’s
V-2 results® in Fig. 26).

7.3. Effect of Pressure Gradients.—7.3.1. Theoretical considerations.—Fig. 28 gives the results
of calculations by Weil®® on the stability of the laminar boundary layer subjected to pressure
gradients under zero heat-transfer conditions. The stability analysis was similar to that of
Lees? while the requisite steady-state velocity and temperature distributions were obtained by
an extension of the Karman-Pohlhausen method used in incompressible flow.

The results are plotted in Fig. 28 as minimum critical Reynolds numbers based on momentum
thickness of the boundary layer Re,,, against a pressure-gradient parameter:

s 2
ﬁd]
[opl Y d%l’
T, dx

Tuo

A=

,vl

which reduces in the case of incompressible flow to the well known parameter 1 = (6%/v) (duy/dx).
Positive values of 4 correspond to favourable pressure gradients and it is evident from Fig. 28
that these may have a very beneficial effect on transition at the lower supersonic Mach numbers.
Theoretically, complete stability is obtained at M = 1-5if 2 = 4-4. On the other hand as the
Mach number is increased (above 1-5) the effects of favourable pressure gradients decrease.

7.3.2. Experimental vesults—No systematic experimental results are available to check the
trends shown in Fig. 28, but it may be relevant that a zero heat-transfer transition Reynolds
number of 11 million was obtained by Czarnecki and Sinclair® in a wind-tunnel test at M = 1-61
~ on the RM-10, which had a favourable pressure gradient over most of its length (Fig. 26).
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74. Effect of Incidence.—Sternberg® quotes the results of some wind-tunnel tests at M — 3-2
on a cone of 20 degrees included angle, where at zero incidence, transition occurred at 3 million
Reynolds number, but when the incidence was brought up to 3 degrees, transition on the upper
surface moved forward to 1 million Reynolds number. (On the lower surface transition moved
back beyond 3 million, but the exact value was not known).

This movement is understandable because of the cross-flows which develop when a body is at
incidence to an air stream and a 3 to 1 change in transition Reynolds number for a change in
incidence of 3 degrees is sufficiently serious to justify further work on the subject.

It also points to the necessity of measuring pitch and yaw when making flight tests concerning
transition.

7.5. Effect of Single Spanwise Roughness Elements.—The only available evidence concerning
the effects of surface condition on transition position under zero heat-transfer conditions at
supersonic speeds is for single spanwise roughness elements and is shown in Fig. 30, where it is
compared with an empirical curve given by Gazley* for the incompressible-flow case.

The symbols are explained by the inset sketch and it is notable that the position of the

roughness element does not appear in Gazley’s correlation of the incompressible-flow results®.
See Ref. 4 for further details. '

The experimental results shown in Fig. 30 are:

(@) a result obtained by Scherrer'? for an 0-001-in. diameter wire located 0-8 in. from the
tip of a cone of 20-deg included angle (transition occurred at the wire)

(0) some unpublished results obtained at the R.A.E. for screw-thread-type roughness

- elements on a cone of 10-deg included angle. In this case transition occurred down-
stream of the roughness elements.

Both cases were for zero heat-transfer conditions.

It is of interest that the results are of the same order as found in incompressible flow, but
further test results are needed to check the significance of this conclusion.

In his review* Gazley includes evidence from other sources which would seem to indicate that

roughness elements are less effective in promoting transition in supersonic than in subsonic
flow. This evidence is from:

(i) a V-2 firing by Fischer and Norris*
ii) a cone in a firing range
(1) g rang

(iif) a missile in a wind tunnel.

Now definitely in case (i), and probably in case (ii), the surface temperature was considerabljf less
than its zero transfer value so that it is possible that the cooling effect discussed in section 7.1

may have delayed transition. This emphasises the need for further evidence and the necessity
in all cases to measure the surface temperature.

* More recently, Dryden® has published a different correlation of the incompressible-flow results for single wires
and flat strip eleménts (with transition occurring downstream of the roughness element), which gives a curve for
the ratio of transition Reynolds number with roughness element present to that on the smooth plate as a function
of the ratio of roughness height to boundary-layer displacement thickness (at the element).
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8. Brief Summary of Main Conclusions and Recommendations.—The main purpoée of this
section is to group together the main conclusions which seem to be indicated by the survey.
Greater detail will be found in the various sections to which references are given.

8.1. Reliability of Formulae Available for Design Pwﬁoses —Reasonable confidence can be
placed in the formulae for heat transfer with wholly laminar boundary layers (section 4.1) and
with wholly turbulent boundary layers (section 4.2) at least up to local Mach numbers of 3*.
It is possible that the effects of temperature gradients along the body can be catered for (section

% pressure-gradient effects are likely to be small for the shapes of body or wing used in
supersomc flight.

Rough estimates can be made concerning the position of transition (section 7).

8.2. Problems Requiving Further Work.—8.2.1. Concerming Fkinetic temperatuve vise.—With
laminar boundary layers there is need for flight tests giving local Mach numbers greater than
two, to check the possible reduction in temperature recovery factor when the temperatures
inside the boundary layer become high (section 3.1.3. and Fig. 5). Stagnation point tem-

peratures are also required.

With turbulent boundary layers, data are required at Reyholds numbers greater than 10
million, for all Mach numbers. This is to check the variation with Reynolds number evidenced
in Fig. 2 and section 3.1.1. Both wind-tunnel and flight tests would be suitable.

The effects of longitudinal temperature gradients require to be checked (section 5.2). This
work would be done most easily in a wind tunnel.

8.2.2. Concerming heat-transfer coefficients—The requirements are similar to those listed for
kinetic temperature rise. There is need for flight-test data at all Reynolds and Mach numbers.
There is also need for tests on the effects of temperature and pressure gradients which in the
first place would best-be met by systematic wind-tunnel tests (sections 5 and 6).

8.2.3. Concerning transition.—The whole subject requires further experimental evidence and
care must be taken to isolate the various effects listed in section 7.

In flight tests it might be desirable to start by checking the effects of surface finish, although
this by itself would also involve taking measurements of surface temperature, pitch and yaw so
that true comparisons could be made between the individual tests.

On the wind-tunnel side there is need to develop the technique of turbulence measurement in
supersonic flow. Meanwhile it is desirable when checking any transition movements, to test
the same body in more than one wind tunnel.

The emphasis in all the above suggestions has been on the need for experimental data, but
obviously there is also scope for further theoretical studies and preferably these should proceed
in step with the test work.

* 1956. See footnote to section 4.2.1.1.
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LIST OF SYMBOLS

Throughout this list the units of mass, length and time are slugs, feet and seconds. The unit
of force is then the pound-weight or Ib wt, and where it occurs it is denoted by Ib.  For checking

purposes, Ib wt = slug ft/sec’, and 1 slug = 32-17 Ib.mass. The units of temperature and heat
are deg C and C.H.U. (deg K = deg C + 273).

Local speed of sound (ft/sec)
Local skin friction coefficient
7:o/ %‘Pl“lz '

Mean skin-friction coefficient

Total friction force on body
tpyu,? (wetted area)

Specific heat of air (===7-72 for T < 473 deg K) (C.H.U./slug deg C)
Acceleration due to gravity (standard value = 32-17) (ft/sec?)
Newtonian heat-transfer coefficient {C.H.U./(ft* sec deg C)}
Mechanical equivalent of heat (= 1400) (ft Ib/C.H.U.)

Thermal conductivity of air {C.H.U./(ft sec deg C)}

Local heat transfer coefficient
., ‘

P1%aCy
Mean heat-transfer coefficient
Total length of body (ft)

Mach number
wla

Peclet number
pC UK
J

Heat-transfer rate per unit area (C.H.U./ft? sec)
Gas constant (ft Ib/slug deg K)

3089

Reynolds number

pux

n

Critical Reynolds number for stability

Transition Reynolds number
Temperature (deg K)
Total temperature
Time (sec)
Velocity (ft/sec)
Distance along body (ft)
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LIST OF SYMBQLS——contz'nued

Y., Coefficients used in assessing effects of temperature gradients

B Temperature recovery factor
_ Tu—T
- Tm— Ty
b Thickness of boundary layer (ft)
a Viscosity of air (slug/ft sec) ‘
p Density of air (slug/ft?)
= 2-378 X 10~% at N.T.P.
o Prandtl number
= Gt
k
) Local skin friction (Ib/ft?
Subscripts
© Free stream ahead of body
L Local stream outside boundary layer-
w At sufface—temperature conditions
wo At surface-temperature for zero heat transfer
- TIncompressible flow conditions
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