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Summary.--Tests have been made in the Royal Aircraft Establishment 10-It × 7-ft High-Speed Tunnel on three 
half-wings having a sweepback of about 50 deg on the quarter-chord line and 7.5 per cent thick sections. Two of the 
wings had sections of the RAE 101 shape (maximum thickness at 0.31c) and differed principally in aspect ratio (3.1 and 
3.5). The third wing had an aspect ratio of about 3.1 but a different section shape with its maximum thickness further 
aft at 0.4c and, as shown by the results of the tests, an effectively sharper nose than for the RAE 101 shape. 

Lift, drag, pitching moment and root bending moment were measured on all three wings over a range of Mach 
numbers from 0-50 to about 0-95 at a Reynolds number of about 2 × 106, and also for the two wings of smaller aspect 
ratio for three Reynolds numbers up to about 6 X 106 at a Mach number near 0.2. The flow patterns at low Mach 
number were investigated at R = 2-6 × 106 and in one case, at R = 6 × 106 also, by an oil-film technique. 
A descriptio n of the technique and of how the flow patterns were interpreted is included. Two of the wings were also 
tested with surface ttifts at various Mach numbers up to M = 0.94. 

I t  is found that for all three wings, there is a serious reduction in longitudinal stability at both low and high Mach 
numbers at some value of CL that is vcell below CL m~. At the test Reynolds numbers, at low Mach number, a laminar 
separation bubble appears to form near the leading edge near the tip and to extend inward and rearward with increasing 
incidence. A part-span vortex sheet originates from near the inner end of this region and so, also moves in with 
increasing incidence until, near CL max, it originates from near the wing-root leading edge. 

The Values of CL at which a significant separation first occurs on any section increase appreciably with Reynolds 
number up to about 4 × 106 for the RAE 101 section and to 5.5 × l0 G for the other section at low Mach number. 
I t  seems likely, however, that there is little variation at higher Reynolds numbers and so the main features of the 
results obtained at M = 0-2, R = 6 N 106 should then apply: 

(a) The flow over the outer sections first starts to separate at about CL = 0"7 to 0"75 
(b) a serious reduction in longitudinal stability occurs above about CL = 0.85, becoming more severe near 

CL = 0.95 

(c) the actual value of CL m a x  is near 1.05 to 1.10 and is greater than for wings with the same thickness/chord 
ratio but smaller angles of sweep. 

The basic nature of the stall appears to remain the sameat  Mach numbers up to about M = 0.85 but even in these 
tests at R = 2 × 106, the separation on the outer sections occurs at lower values of CL as the Mach number is increased. 
At higher Reynolds numbers, this deterioration might be more pronounced (i.e., less scale effect at the higher Mach 
numbers). 

Above about M = 0-90, the basic cause of the flow separation over the outer sections at high CL is different from 
that at lower Mach numbers. The reduction in stability, which occurs near CL = 0"6 at M = 0.9 or CL = 0"5 at 
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M = 0.95 is related mainly to a shock-induced separation over the. outer sections and to a forward movement with 
incidence of this upper-surface shock wave. The results at R = 2 X 106 for these Mach numbers are probably a reason- 
able guide to the full-scale behaviour. 

In general, the RAE 101 section shape appears slightly superior; in particular, it gives a smaller reduction in stability 
with increasing CL between CL = 0-5 and 0.8 at high Mach numbers. 

The increase in aspect ratio from 3.1 to 3.5 increases the severity of the reductions in stability at high CL but does 
not result in any reduction in the values of CL at which they occur. 

The steep drag rise with Mach number, for all values of CL, occurs at Mach numbers about 0.03 lower for the wing 
with its maximum thickness at 0-4c than for the RAE 101 wing. This confirms (and to a more marked degree) the 
superiority of the RAE 101 section for moderately tapered swept wings, already found for 10 per cent thick wings of 
40 deg sweep. 

1. I~troduction.--The results of tests in the R.A.E. lO-ft × 7-ft. High-Speed Tunnel on a 
series of swept-back wings, all having a sweep of 40 deg on the quarter-chord line and a 
thickness/chord ~ratio of 10 per cent have been reported in Ref .  1. The programme has since 
been extended to include both thinner wings and also wings of greater sweep. First, the effect 
of thickness/chord ratio for a given angle of sweep (40 deg) and a given section shape (RAE 101) 
has been investigated with wings of 10 per cent, 8.5 per cent and 6 per cent thickness/chord. 
(These tests are reported in Ref. 2.) Secondly, three wings of about 50-deg sweep and a thick- 
.hess/chord ratio of 7.5 per cent have been tested and the results for these wings are discussed 
in the present report. 

In the earlier tests on the thicker, less swept, wings 1, most interest centred on the performance 
at high subsonic speeds and low values of CL, e.g., the results were compared to find which section 
of those tested was the most effective in delaying the steep increase of drag to a high Mach 
number. Wi th  the 7.5 per cent thick, 50-deg swept wings, however, this question cannot be 
explored fully in the test Mach-number range which is limited to 0.95 for the best of the wings, 
the steep drag rise for CL = 0 is only just starting at M = 0.95. Instead, the chief interest has 
now shifted to the pitching-moment characteristics, particularly at high values of CL, for it will 
be seen tha t  for all the 50-deg swept wings tested, a serious loss of longitudinal stabili ty occurs 
at the Reynolds number of the tests, for values of CL, well  below CL max- If this behaviour is 
also reproduced in flight, the available CL both for take-off and landing and also for manoeuvring 

a t  moderate and high subsonic speeds will be restricted. 

For various reasons, precise estimates of the usable CL to be expected in flight cannot be 
quoted on the basis of these results. In the first place, the tests over the full Mach-number 
range up to 0-95 were made at a Reynolds number of only about 2 × 106; at low Mach number 
(0.2), additional tests were made for Reynolds numbers up to about 6 × 106. These values of 
Reynolds number are  not sufficient to avoid the likelihood that  further changes in the value 
of CL, at which the loss of stabili ty occurs, would result from a further increase in Reynolds 
number (except, probably for Maeh numbers greater than about 0.9). Secondly, the tests 
described here were made by the half-model technique on half-wings with no tailplane. In general, 
t he  addition of a tailplane would tend to aggravate the problem, if it were set above the extended 
wing-chord plane or might alleviate it somewhat if it were below. Finally, the usable CL in 
flight may be determined by buffetting or wing-dropping rather than by a reduction .in longi- 
tudinal stability. 

In view of these reservations, it is clearly important  to understand the flow phenomena under- 
lying the changes in stabili ty and so this report contains a fairly detailed analysis of the overall 
lift and moment results on the three wings, with the aid of photographs of the flow over the wing 
surface at low Mach number, as obtained by an oil-film technique, and  of the behaviour of 
surface tufts over the full Mach-number range. I t  is natural ly  not possible to gain a full under- 
standing of the various flow phenomena from merely the overall results supplemented by these 
flow patterns and so a detailed pressure-plotting Survey is to be made over the surface of one of 
these wings in the R.A.E. 10-ft × 7-ft High-Speed Tunnel and also on a model to the same 
design in the large high-speed (8m) tunnel at Modane (the latter test will give a Reynolds number 
of about 14 × 106 at a Mach number of 0.9). 
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The tests described in this report were made at various dates between March, 
February, 1953. 

For a quick, first reading, section 6 may be omitted. 

1952 and 

2. Design of the Wings.--The plan-forms of the wings tested are shown in Figs. 1 and 2; 
leading dimensions are given in these figures and in Table 1. 

All the wings have symmetrical sections with a thickness/chord ratio of 7.5 per cent; each 
wing has the same section throughout the Span. 

Wings A and B have RAE 101 sections and the sweep of their quarter-chord line is 50 deg. 
The major difference between these two wings is in aspect ratio: 3.1 for A and 3.5 for B. Since 
wing A was actually obtained from wing B by cropping and reshaping the tip, there is also a 
small difference between the taper ratios of the wings. Both wings have a curved leading edge 
near the tip; this extends inwards for a distance equal to a third of the basic tip chord (see Fig. 1). 
These wings were tested in tile presence of a half-fuselage mounted o n  the floor of tile tunnel. 
The fuselage cross-section opposite the wings is elliptic with the major axis lying in tile spanwise 
direction. The wing-body angle is zero and wings A and B have no dihedral. 

Fig. 2 shows that  wing C has almost the same plan-form as wing A except tha t  the sweepback 
of the quarter-chord line is slightly less, being 48.8 deg. The main difference between wings A 
and C, therefore, is in their section shapes (These are compared in Fig. 4 and ordinates are given 
in Table 2). The section of wing C has its maximum thickness further aft at 0. 38c and a l though  
its actual leading-edge radius is very large for a section with this maximum-thickness position, 
the slope of the section decreases rapidly just aft. of tile nose. As a result, at high incidence and 
low Mach number, a large peak-suction value is obtained just behind the nose (see Fig. 34). 
With a sharp leading edge, the same characteristic would appear, only nearer tile leading edge 
and so it seems fair to describe this section as having an ' effectively ' sharper nose than say, the 
RAE 101 section of wings A and B. 

Wing C has certain peculiar features that  are probably not of great consequence as regards the 
longitudinal-stability characteristics, e.g., at the tip, not only is the leading edge curved but also 
the trailing edge curves forward. The wing has a dihedral of -- 1 deg and there is a wing-body 
angle of 1-5 deg. The body cross-section opposite the wing root is almost circular, rather than 
elliptic as for wings A and B. 

Summarizing: 

(a) A comparison of the results for wings A and C shows, principally, the effects of the 
change in section shape with a small effect due to the slight reduction in sweep 

(b) A comparison between A and B shows the effects of the change in aspect ratio with a 
small effect due to the change in taper ratio. 

3. Ex~berimental Details.--3.1. Manufacture and Mounting of the Wings.--The wings were 
made of compressed wood (' Hydulignum ') and the bodies were of teak. The-surfaces had a 
finish of ack Phenogaaze . bl ' ' - 

Originally, in each case, the body and wing were mounted separately, i.e., the body was 
attached to the tunnel floor and the wing passed through the body and the floor to be mounted 
on the six-component mechanical balance, situated below tile tunnel working-section. There was 
a gap, about 0.1 in. wide, between the wing and body. Airflow between the working-section 
and the surrounding ' dead  space '  through this gap were prevented, as usual, by means of a 
mercury seal. With this method, the forces and moments are measured on tile net wing alone 
and it was hoped that  any spurious effects due to tile boundary layer on the floor of the tunnel 
were being avoided. The flow pictures obtained by the oil-film technique suggested, however, 
that  it was doubtful whether tile arrangement was satisfactory in the present case. There was 
evidently a considerable airflow over the wing stub above the mercury seal with the effect that  
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the spanwise component of flow in the boundary layer was increased over the rear part of the 
chord. This can be seen from Fig. 3a which gives photographs of the flow over wing A at ~ 

= 12 deg both when the gap at the wing root is open as for the balance tests and when it is 
sealed. With the gap open, the oil flow (and presumably, the flow in the boundary layer) is 
roughly along the wing, even near the root; when the gap is sealed, however, the direction of flow 
over the inner half of the wing is only dfverted from the free-stream direction by about half this 
amount. 

It was feared that  the increased spanwise drift of the boundary layer over the inner sections 
with the gap open might influence the development of the stall and so to provide a check on this, 
the tests on wing C were repeated with the half-body attached to the wing, i.e., with the small gap 
now being between the floor and the base of the body. Fig. 3b, giving photographs of the oil 
flow for ~ = 14 deg, confirms that  this change has the desired effect of preventing the strong 
outward flow in the boundary layer near the wing root. With body attached, it can be seen that  
,the flow over the innermost part of the wing, inboard of where it is affected by the part-span 
vortex sheet, is in a direction only slightly different from that  of the free stream. It  is reassuring 
to note, however,  that the nature of the flow over the outer parts of the wing and for example, 
the position of the part-span vortex sheet has not been greatly affected by attaching the body, 
suggesting that  the doubts expressed above may have been exaggerated*. 

With the body attached, the forces and moments are measured on the gross wing-body com- 
bination but the values obtained for the positi9n of the aerodynamic centre and to a lesser extent, 
the lift-curve slope are likely to be affected slightly by the fact that  much of the body is in the 
boundary layer on the tunnel floor. These effects are discussed in section 9. 

3.2. Range of Tests.=-Lift, drag, pitching moment  and root bending moment  were measured  
in all the balance tests. All three wings were tested over a range of Mach numbers from 0.50 to 
0.95 at a Reynolds number of between R = 1.7 × 106 and 1.8 x 106, based on the mean chord 
of the net wing. Additional tests were made with wings A and C at several Reynolds numbers 
at low Mach number, viz., wing A was tested at 10 -6 R = 1.8, 4.3 and 6.1 at M = 0.18 and 
wing C at 10 -6 R = 1.9, 3.8 and 5.4 at M = 0.20. In the latter tests, wing C was tested at 
both positive and negative incidences. Because of its dihedral and wing-body angle, results in 
tile two directions should not necessarily agree but the stalling characteritics should not be 
markedly affected. Hence, since the required data at the higher Reynolds numbers could not be 
obtained by a test in the positive direction (owing to a balance limitation), it was considered 
justifiable to fill in this gap by the results at negative incidence. 

All three wings were tested with surface tufts at several Mach numbers between M = 0 . 5 0  
and 0.95, at R = 1.7 X 106. Flow visualisation tests were also made with wings A and C~ at 
low Mach number by the technique described below and in Appendix I. For wing A, these tests 
were only made at R = 2.6 × t06 , M = 0.27 but for wing C, tests were made both for this 
condition and for four incidences at R -"- 6 × 106, M = 0" 20. 

3.3. Flow Visualisation Technique.--The technique used for visualising the flow at low Mach 
number consists of coating the wing surface with a suspension in oil of a finely divided powder. 
When the wind is turned on, the oil flows over the wing surface. Eventually tile oil dries off or 
is blown off but its previous motion is shown and preserved by the deposition on the wing surface 
of the powder that  had been suspended in the oil. The pattern can then be studied at leisure. 
In principle, therefore, the technique is the same as that  described, for example, in Ref. 3 but 
here t i tanium oxide has been used instead of lampblack. A detailed description of the experience 
that  has been gained in how the mixture should be prepared and applied to the wing is given in 
Appendix I. 

* The criticisms of the net-wing technique do not apply to the same extent to the tests in Ref. 1. 
t With and without body attached. 
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Photographs of the flow patterns were taken not merely after the t i tanium oxide was quite 
dry and all movement of the oil had ceased, but  also at earlier times. In general, the final pictures 
are of most interest but  the others are also useful in giving a qualitative idea of the relative 
magnitude of the local velocities over different parts of the wing. For example, the earlier photo- 
graphs may be used in establishing the presence of a part-span vortex sheet or in showing where 
the flow has completely separated from the surface. 

The flow patterns should be analysed with care and restraint because the density and viscosity 
of the oil are different from those of air and so, the path of an oil particle may differ from that  of 
the air. The oil is in fact  in equilibrium under the action of both inertial and viscous forces and 
the balance between these depends not only on the properties of the oil but also on the charac- 
teristics of the airflow over the wing under the test condition. In general, when there is no region 
of complete full-chord separation, it is thought that  the oil pat tern gives a good qualitative picture 
of the flow in the boundary layer and experiments elsewhere have suggested that  even the 
quanti tat ive differences between the oil flow and air flow are small for a swept-back wing at 
moderate incidences when there is no serious boundary-layer separation or complex vortex 
patterns in the flow. Under other conditions, and particularly in the region of a serious separation, 
the oil may respond rather to the pressure gradients over the wing and may even possibly move 
against the flow, seeking the peak-suction position. It  may be necessary to interpret the validity 
of the oil pat tern differently for even different parts of a given wing at a given incidence. To 
argue about the general validity of the technique or even to a t tempt  to understand every feature 
shown in the oil patterns would be futile. Rather, each particular example must be judged on 
its own merits and in general, in each case, it will be possible to accept the evidence of some 
features in the oil pat tern quite unequivocally (see section 6.12) and use these in helping to under- 
stand the overall force and moment datal The technique should be regarded as one link in a 
chain tha t  also includes the evidence obtained from the overall data, a knowledge of aerofoil 
stalling characteristics, experiments by other techniques such as a water tunnel, pressure-plotting 
tests and so forth. 

Whatever  its limitations, it may be noted that  the oil-film technique, as described gives a more 
refined picture and one tha t  should be closer to the actual behaviour of the air than can be 
obtained by the use of surface tufts. This is because, first, with tufts, it is not possible to obtain 
a ' continuous ' picture over the wing surface and further, the evidence of an individual tuft is 
integrated over its length and so is dependent on the magnitude and direction of the  velocity 
and on the depth of the boundary layer at each point along its length. Second, it has been found 
experimentally that  the overall force and moment data even near the stall are not sensibly 
affected by the thin coating of t i tanium oxide but are often markedly influenced by the presence 
of surface tufts. Incidentally, these remarks concerning the validity of evidence from tufting 
tests are again reasons, not for ignoring such evidence but merely for being careful in its 
interpretation. 

4. Correction and Reduction of Results.--Corrections were applied to the observed Mach 
number and to t h e  dynamic pressure to allow for the blockage effect of the models. These 
corrections were calculated by the method of Ref. 4 and typical values of the Mach number 
increment, A M, are given in the following table: 

Corrected Mach number 
Incidence 

(deg), 

0 
8 

14 

0"50 

0 
0.001 
0.001 

• o . 8 o  

0.002 
0.004 
0.007 

0.90 

0.007 
0.011 
O. 020 

0"94 

0.015 
0-022 

Corrections were also applied to the results for the effects of tunnel constraint. 
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In the ' net '-wing tests, the coefficients are based on the net wing area and the mean chord 
o f  the netwing and the pitching moments are related to the mean quarter-chord point of the 
netwing. Similarly, the dimensions of the gross wing are used in reducing the results of the 
tests on wing C with body attached, e.g., the pitching moments in this case are referred to the 
mean quarter-chord point o f  the gross wing. 

.In all cases, the spanwise centre of load CJCL is related to the aircraft centre-line (i.e., the 
floor of the tunnel) and is never related to the root of the net wing. 

5. Presentation of Data and Discussion.--The order in which the results of these tests are 
discussed and illustrated in the figures is determined by two considerations: First, the fact that,  
as stated in the introduction, most interest centres on the stalling characteristics and in particular, 
on the pitching moments at higtl values of CL and second, the fact that  the variation of these 
characteristics with both Mach number and Reynolds number is understood better after corre- 
lating the results obtained at low Mach number with the observed flow patterns. 

Accordingly, a description is first given of how the major features of these flow patterns at 
low Mach number are interpreted (section 6.1). The development of the patterns with increasing 
incidence is then described (section 6.2) and it is convenient to combine this with a discussion 
of how these characteristics are affected by Reynolds number. In the next section (section 6.3), 
the main trends in the force and moment data are correlated with the changes ill the flow patterns. 
This discussion is helped by the fact that,  as far as possible, an appropriate selection of flow 
patterns is shown for each wing opposite the corresponding CL vs. c~ and C~, vs. CL curves in the~ 
figures (e.g., Figs. 5, 6, 8, 9, 11 and 12). 

For various reasons that  will appear from the subsequent discussion, the results for wing C 
are the most suitable basis for this detailed discussion in sections 6.1 to 6.3. Many of the points 
raised also apply of course to the results for wing A and the two wings are compared in section 6.4. 
The main characteristics of the two wings at high Reynolds numbers are summarised in section 7 
and so, for quick reading, this section should be read before section 6. 

Tile variation of the characteristics at high CL with increasing Mach number is considered in 
section 8 where it is shown that  the basic nature of the characteristics, a s  described for low Mach 
number, continue to apply up to near M = 0-85 but that  at higher Mach numbers, the pr0blem 
is dominated by  the effects of shock-induced separations. The discussion in section 8 is therefore 
sub-divided into these two Mach number ranges. 

Finally, the data for low values of CL are discussed in section 9; here, most interest centres on 
the effect of the change in section shape between wings A and C on the variation of CD with Mach 
number. 

6.  Detailed Discussion of Stalling Charac.teristics at Low Mach Number.--6.1. Interpretation of 
Basic Features Shown in Oil-flow Patterns.--Some description of the main features of the oil-flow 
patterns at high incidence and of how they are interpreted is essential fo r  the subsequent 
discussion. 

The basic ideas suggested by the flow patterns are that,  for the wings being considered here, 
at low Mach numbers, as the incidence is increased, the laminar boundary layer separates from 
near the leading edge of the outer sections; that,  as the incidence is increased further, the area 
of wingaffected by this separation extends rearward and inward; that ,  as suggested in Ref. 5, 
a part-span vortex sheet is formed, originating from near the wing-root leading edge at the 
inboard end of t he  separation and that  this vortex sheet trails across the wing; standing up from 
the wing surface and bent outward at an angle which, when measured in the plane of the wing, 
is often about 20 deg, relative to the free-stream direction. The words ' pa r t - span '  are here used 
in the sense that  the vortex sheet originates from some point that  is part of the way out along 
the wing from root to tip. 
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These features can be deduced most clearly from the photographs for c~ = 12 deg, 14 deg for 
wing  C at R = 2.5 × 10" (Fig. 9). The most distinctive feature in these flow patterns is the 
' herring-bone ' effectstarting from near the wing-root leading edge. The flow close to the surface 
on either side of the back-bone (A--Fig. 9) of this pattern is evidently influenced by the velocities 
induced by a part-span vortex sheet. It is considered that the approximate position of the pro- 
jection of this vortex sheet in the wing surface is given by the locus (B) joining the points where 
the flow lines ahead of (A) reach their maximum deflection from the free stream. Hence, ahead 
and outboard of (A), the outward flow is under the vortex sheet while just inboard and behind (A), 
where the flow lines turn markedly towards the free-stream direction, flow from over the top of 
tile vortex sheet has evidently come down to the wing surface and there is again attached, 
streamwise flow. The line of demarcation (C) separates this flow from over the top of the sheet 
and  the flow over the innermost part of the wing, which, as remarked earlier, has an appreciable 
spanwise component because of the flow out through the gap between the wing and body. 

It may be noted that the idea of a 'par t -span vortex shee t '  trailing across the wing is a 
simplified mathematical  concept from what is probably a diffuse region of concentrated vorticity. 
The above interpretation of the ' herring-bone ' pattern can be substantiated, for example, by a 
study of the photograph for c~ = 12 deg, taken soon after starting the tunnel (see Fig. 9). This 
shows that  the oil flow on both sides of (A) is more rapid than elsewhere on the wing and thus, 
in particular, that  the outward flow on the outer side of the ' d ividing '  line (A) is due to an  
increase in the spanwise velocity component (resulting from the presence of the vortex sheet) 
rather than a decrease in the chordwise velocity component which would be the case if all this 
area were a ' dead-air ' region close to the surface. 

Outboard of t.he vortex, sheet (B), the flow lines turn back towards the trailing edge, i.e., 
towards the free-stream direction and finally merge into one line (E) which marks the' rearward 
l imi t  of a region where the t i tanium oxide appears mottled, with no clearly defined direction of 
flow. In the final-pictures, this mottled region is confined to between lines (D) and (E)while the 
diagonal flow lines, slightly more swept than the leading edge, ahead of (D) represent a slow 
movement  of oil, largely spanwise, from the lower surface round the leading edge. In the earlier 
stages, soon after starting the tunnel, the whole region ahead of (E) appears mottled. This 
evidence is interpreted as indicating that  the cause of the appearance of the part-span vortex 
sheet is that  the laminar boundary layer has separated from near the leading edge throughout the 
span outboard of the origin of the vortex sheet and that  the whole area ahead of (E) is sub- 
stantially a ' dead-air ' region close to the surface. The high peak suctions, close to the leading 
edge would collapse as a result of the separation, thus permitting the drift of oil (and possibly 
air) round the leading edge from the lower surface*. 

Such terms as 'separat ion ', 'dead-air  region '  and ' rea t tachment  ' have so far been used 
somewhat loosely and it is important to understand the sense in which they have been used and 
to emphasize how the three-dimensional characteristics may differ from those familiar in two- 
dimensional flow. In two-dimensional flow, a separation of the laminar boundary layer near the 
leading edge of a wing may take one of three formsh: a short bubble with almost immediate re- 
attachment,  a longbubble  with reattachment further aft along the chord and a ' burst ' short 
bubble in which there is no reattachment. It would not be easy to detect the first of these with 
certainty from the flow patterns being considered here and also it would not be expected that  a 
significant vortex sheet would separate a region where there was a short bubble from one where 
there was no separation. Hence, it may be concluded that, though a short bubble may be 
present on these wings at low and moderate incidences and also inboard of the vortex sheet when 
present, the separation outboard of the vortex sheet is of one of the other two types. 

It  is not possible to decide definitely from the observed flow patterns between these two 
alternatives but it seems more likely that  the separation at this Reynolds number, is of the 
' l ong  bubble '  type. T h e  absence of any tendency for the oil to flow forward (as found to a 

* The oil flow would be expected to be closely parallel to the leading edge for the region near the stagnation point 
on the lower surface, 
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marked extent on certain other swept~back wings) suggests that  the chordwise pressure gradient 
in this region is small (i.e., as with a ' l o n g '  bubble in two-dimensional flow) rather than 
appreciable and adverse as behind the point of separation of a ' bu r s t  shor t '  bubble in two- 
dimensional flow. The evidence i s  not conclusive because the behaviour of the oil in the region 
of the separation is probably also affected by other considerations, e.g.." 

(a) The sweep of the leading edge which affects the magnitude of the spanwise flow from 
the lower surface 

(b) Whether the plane of the partCspan vortex sheet intersects the wing trailing edge 
inboard or outboard of the tip and of the section under consideration. This depends 
on the shape of the vortex sheet and of the geometry of the wing. Clearly, the 
possibility of reverse flow is greater when the vortex sheet has moved further inboard. 

If .it is correct to conclude tha t  the separation is of the ' long ' bubble type, then it is possible 
for the boundary layer to reattach ahead of where the vortex sheet crosses the section being 
considered, e.g., in the vicinity of (E). This is not thought to be likely but it is important  to note 
the possibility because it serves to emphasize that,  though it is being assumed .that the vortex 
sheet has its origin at the inboard end of the separation, this does not necessarily mean that  the 
boundary layer has separated over all the wing outboard of the part-span vortex sheet as it 
subsequently trails back across the wing. 

I t  has  already been seen that  streamwise flow with an attached boundary layer is apparently 
established behind the vortex sheet (near A) and this indicates one of the most important  differ- 
ences between the two-dimensional and three-dimensional problems. If a laminar boundary 
layer separates from a section in two-dimensional flow, then the only normal means at low Mach 
number whereby the boundary layer can reattach further aft along the chord is for transition to 
turbulence to occur in the separated layeP. In the three-dimensional case of a swept-back wing, 
it appears tha t  reat tachment  is also possible through the medium of a part-span vortex sheet 
tha t  has originated further inboard. I t  follows that  for the sections of at least the present wing, 
irrespective of whether the original separation is of the ' long ' or ' burst short ' bubble types, 
the sectional force and moment characteristics should more resemble =those obtained with a 
' long ' bubble in two-dimensional flow, e.g., the local CL m°x should be appreciably greater than 
the value of CL at which a separation first occurs on the section. The distinction between a 
' long ' o r  a '  burst short ' bubble may still be of significance in determining the shape of the outer 
edge of the separated boundary layer ahead of the vortex sheet and hence, the chordwise pressure 
distribution over the wing surface in this region. 

A final general point is that,  a l though  attached, streamwise flow only appears aft of (A) 
(Fig. 9), an increase in lift and hence in the local values of -- Cp on the upper surface should occur 
inboard of the vortex sheet (B) on the simplified potential-flow approach and there is clearly a 
component of flow close to the surface and not merely a dead-air region aft of (D), thus implying 
a possible increase in - - @  between (D) and (B) also. If the position of the vortex sheet were 
to remain the same over some range of incidence (as would happen when the sheet originates 
from just outboard of the wing root*), the rear end of the dead-air region w0uld not move rear- 
ward with increasing incidence. This situation can be described crudely but  graphically in the 
terms that  ' t h e  presence of the vortex sheet is limiting the rearward extension of the area 
affected by the separation '. Such a remark can strictly be criticized but  it conveys the right 
impression of how the vortex sheet can influence the flow over the wing.. From the reasoning 
developed above, it will be realized that  it is not a self-evident fact implied by the definition of 
the vortex sheet. 

The spanwise extent of the separation and position of the part-span vortex sheet vary with 
both incidence and Reynolds numbers and there are in addition several other features in the 
foregoing general description of the flow characteristics:that vary with these variables: 

* Or  s imilar ly ,  a s ta l l  fence. 
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(i) Shape of the part-span vortex sheet.--As stated in Ref. 5, the vortex sheet cannot sustain 
any side force and so it takes up the characteristic shape, bent outward, relative to the chord. 

For all Reynolds numbers, when the vortex sheet originates from somewhere on the inner half 
of the wing, it lies at about 20 deg to the chordwise direction over most of the chord and only 
bends back near the trailing edge. 

At R ---- 2-5 × 10 6, at the lower incidences, when the origin of the vortex sheet is further out 
along the wing, the initial shape of the sheet is more curved and for some distance back from the 
leading edge, the projection of the sheet appears to be only slightly more swept than the wing 
leading edge. This experimental fact is at present only imperfectly understood. The charac- 
teristic does not appear to the same extent a t  R ----- 6 × 10 6, provided it is assumed that  some 
uncertainty regarding the origin of the vortex sheets (see section 6.2) is dismissed as the oil 
behaviour being unrepresentativ e of the airflow. 

(ii) Rearward extension of dead-air region with incidence.--No data regarding the characteristics 
of this particular section in two-dimensional flow are available and so it is not possible to draw 
any general conclusion regarding whether the rearward extension of the dead-air region is greater 
or less than that  of the long bubble to be expected on this section in two-dimensional flow. With 
more certainty, however, it can be suggested that  the growth of the dead-air region for the 
sections say, from ~1 _-- 0.1 to 0.4 will be retarded over some incidence range beyond ~ ~- 14 deg 
at R ---- 2.5 × 106 because the part-span vortex sheet will continue to originate from near the 
same point as at a ---- 14 deg. 

(iii) Displacement of vortex sheet from wing surface.--At R = 2-5 × 106, the flow patterns 
suggest that  the bottom of the sheet remains close to the wing upper surface back to. about 
0.75c but that behind this, at least the strength of the vorticity close to the surface becomes less. 
This can be interpreted in various ways: 

(A) That there is an actual displacement of the vortex sheet from the edge of the boundary 
layer* ) 

(B) That, as the vorticity tends to be concentrated near the top of the sheet, proportionately 
less of the vorticity is near the wing surface where the sheet is higher 

(c) That the effect is apparent and results from a marked thickening of the boundary layer 
under the sheet. 

At R----6 × 106 and at the higher incidences (e.g., above  ~ = 15 deg) it appears that  the 
vortex sheet effectively or literally leaves the surface further forward along the chord. Using as 
a crude criterion, t h e  extent of the region near the trailing edge in which the usual spanwise 
flow in the boundary layer can be observed throughout  the wing span, it seems that  the displace- 
ment  of the sheet from the surface moves forward from about 0-75c at ~ = 15 deg to about 
0"6c by ~ ---- 18 deg. As this effect proceeds, the spanwise extent over which the ' presence of 
the vortex sheet can limit the rearward extent of the dead-air region decreases ', thus allowing 
the latter to extend over the whole chord except immediately outboard of the origin of the sheet. 

(iv) Presence of a turbulent separation.--The flow patterns for R = 6 × 106 (Fig. 12) suggest 
that  above a ---- 15 deg, a region of turbulent separation appears to form near the trailing edge 
near the tip and to extend forward and inward with increasing incidence until by ~ ~- 18 deg; 
it extends from about mid-semi-span to the tip and the furthest forward point of the  separation 
appears to occur at about 0.85c. The flow photographs cannot be used as conclusive evidence 
that  turbulent separation is occurring but merely that  it is probable. Flow photographs for 
these incidences at the lower Reynolds number are not available but it is likely that  then the 
laminar separation from near the leading edge would have extended to the trailing edge before 
the turbulent separation could occur. 

* If  this is the case, the inclination of the surface to the free-stream direction is a major  parameter  (see section 7). 
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6.2. Variation of Spanwise Extent o f  Separation with Incidence and Reynolds Number 
(Wing C).--Since the wing has the same section at all positions along the span, the spanwise 
extent of the separation should be determined by four factors: 

(a) The spanwise loading 
(b) The change in shape of the chordwise loading with position along the span 
(c) The increase in Reynolds number from tip to root 

and possibly 
(d) The spanwise drift of the boundary layer. 

The spanwise lift distribution for the wing at M - 0  has been calculated by the method of 
Ref. 10 and is shown in Fig. 32. The peak value of CLIo, occurs between about 0.'6 and 0.7 of 
the net semi-span but, outboard of this, CL/c~ does not decrease rapidly until  beyond ~1 = 0.85* 
which is at about the inner end of the curved tip. The change in shape of the chordwise loading 
is such that,  near the tip, the peak-suction value for a given CL, is larger and occurs nearer the 
leading edge than for sections further inboard. Combining these two results, therefore, it would 
be expected tha t  any separation of the laminar boundary layer near the leading edge would occur 
first at the outer end of the region where (CL/~) is relatively high, i.e., at about ~ 1 =  0.85. 
This is confirmed by the flow patterns. 

For example, for R = 2.5 × 106, the presence of a part-span vortex sheet is first observed 
in tile photograph for ~ = 7 deg (not included in Fig. 9) when it is lying very close to the tip, 
appearing to originate from near the leading edge at about the inner end Of the curved portion 
(~ = 0; 85). At c~ = 8 deg (Fig. 9), it has moved in slightly and springs from near ~ = 0.78. 
Its subsequent inward movement at R = 2 - 5 ×  106 with increasing incidence is correlated in 
the following table with the estimated local CL at the appropriate spanwise position and the 
Reynolds number based on the local chord. 

Incidence 
(deg) 

7 
8 
9 

10 
12 
14 

Distance along 
net semi-span of 

origin of vortex sheet 
as proportion of net 
semi-span (i.e., ~1) 

0"85 
O" 78 
0"68 
0.44 
0"23 
0"10 

Estimated 
local CL 
at this 

position 

0"41 
0"50 
O" 57 
0"61 
0"68 
0"75 

Local 
Reynolds 
number 

(R~) 
X I0 -6 

1 "77 
1 "92 
2"12 
2"62 
3"08 
3"34 

Several provisos have to be made regarding these estimated values of local CL. In their 
estimation, all non-linear effects have been ignored. Prior to the formation of a part-span vortex 
sheet, the overall lift curve is closely linear and it would be expected that  any serious non- 

l inear i ty  in the local lift curves would be confined to a relatively small region near the tip. The 
part-span vortex sheet, when present, however, would increase the values of local C~ inboard 
of it and so tile values quoted above would certainly not be representative ef the values tha t  
would apply if a vortex sheet has formed near to the spanwise position being considered and 
would even be somewhat in error if a vortex sheet is present anywhere on the wing~ outboard of 
this position. 

Despite these reservations, the quoted values of CL should be a reasonable guide to When 
the laminar boundary layer separates on any given section. I t  should be particularly noted that  
any errors are in the sense that  the values of CL, applicable for the inner sections are Under- 
estimated and  hence that  the variation with position along the span in the value of Cr~ for 
separation is at least as great and probably rather more than that  shown in t h e  table. 

• nl based on net wing, outboard of body. 
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The spanwise lift distribution does not therefore provide the complete answer to the deveIop- 
ment of the stall. As already suggested, the change in shape of the chordwise loading from root 
to t ip  is probably responsible for the separation bubble first forming outboard of the point for 
maximum CL (i.e., for it forming for CL-"-0"4 at ~ 1 =  0-85, compared with, CL-"-0.5 for 
~1 = 0.78, despite the small difference in Reynolds number) and it also probably results in the 
onset of the separation being delayed near the root. In fact, very close to the root, the chordwise 
pressure gradient near the leading edge may never be sufficient to induce a l aminar  separation. 
On the other hand, over much of the central part of the semi-span, the changes in shape of the 
chordwise loading should be relatively slight and so, the steady increase in the value of the 
' critical ' CL between ~ = 8 deg and 14 deg from near 0 ,5  to near 0.75 is probably largely due 
to the increase in local Reynolds number ~rom about Rz = 2 × 106 to about R~ = 3.3 × 106. 

This view is supported by the comparison of the results obtained from the tests at mean 
Reynolds numbers of R = 2.5 × 106 and R = 6 × 106. Before showing this, it may be noted 
tha t  the oil flow patterns obtained at R = 6 × 108 (Fig. 12) are not so clear as those for 
R = 2.5 × 106 in suggesting that  the vor tex  sheet originates from the most inboard point on 
the wing at which the laminar boundary layer has separated. It  is true that  as before, if the 
projection of the vortex sheet over most of the chord is extrapolated forward to the leading edge 
as a straight line, it appears to intersect the leading edge just inboard of where the dead-air 
region becomes evident on the photograph. On the other hand, the locus drawn through the 
points where the oil flow lines reach their maximum deflection from the free stream appears to 
originate further inboard and at a point about 0- lc  back from the leading edge. This charac- 

te r i s t ic  is not at present understood and it is possible that  it is a function merely of the behaviour 
of the oil*. It  therefore seems reasonable to consider lust the positions corresponding to the 
inward extent of the dead-air region, as observed from[the photographs.  The following table 
gives the correlation between these positions for incidences of 14 deg, 15 deg, 16 deg and 18deg 
with the estimated local values of CL (subject to the same provisos as before) and the local 
Reynolds numbers: 

Incidence 
(deg) 

14 
15 
16 
18 

Position as 
proportion of 
net semi-span 

0"83 
0"76 
0"59 
0"28 

]Estimated 
local CL 

0"84 
0"93 
1 "01 
1 "03 

Local Reynolds 
number (R~) 

× 10 -6 

4.3 
4.7 
5"6 
7"3 

These values of local CL are plotted against the local Reynolds number in Fig. 33, together 
with the values deduced earlier from the flow patterns for R = 2.5 × 106. I t  can be seen that  
the values from the two series of tests lie remarkably close to a single mean curve and the scatter, 
in view of the various approximations in the analysis, is certainly sufficiently small to justify 
the contention that  the increase in the value of the ' c r i t i c a l '  CL with inward spread of the 
separation, particularly at the lower Reynolds numbers, is a function mainly of the local 
Reynolds number. 

* The different oil behaviour may be related to the fact that  at the higher Reynolds number, the vortex sheet is 
lying well out on the wing at a relatively higher incidence and hence when there is a more pronounced spanwise drift 
of the boundary layer inboard of the sheet. This is shown by the fact that  the oil flow lines on the inner wing lie close 
to the free-stream direction near the leading edge where the boundary layer is relatively thin and where the loca!. 
velocity outside the boundary layer is high but then they soon turn markedly outward. Consequently, soon after 
starting the tunnel, a large amount of-the t i tanium oxide suspension collects inboard of the vortex sheet in the region 
that  appears  particularly black in the final photograph. Subsequently this disperses, some flowing towards the trailing 
edge and some turning towards the leading edge. I t  is not clear, therefore, whether the oil pat tern in this region is 
formed merely because the accumulation of oil tends to flow towards the peak-suction region just inboard of the 
separation. 

11 



Fig. 33 shows that  the scale effect on the ' critical ' CL is appreciable up to about R~ ---- 5.5 × 106 
but then becomes insignificant in the test range. The fact that  the variation is of this form 
strongly suggests that, using the terms as for the characteristics in two-dimensional flow, the 
separation is of the ' l o n g '  bubble type for R~ < 5.5 x 106 but of the 'burs t  short bubble '  
type except near the tip for R~ > 5 .5  × 106. As already pointed out, even when the separation 
is of the 'burs t  short bubble '  type, reattachment may still occur further aft along the chord 
of a section on a swept wing such as this, i.e., aft of a par.t-span vortex sheet that crosses the 
section, having originated from a point further inward. Leading features of the results that  are 
associated with the existence of this scale effect are: 

(i) With increasing Reynolds number, the first appearance of the part-span vortex shee t  
is delayed--from about ~ = 7  deg (CL-~-0"35) at R----2.5 x 106 to ~ - -  10 deg 
(CL ----- 0" 57} at R----6 X 106 

(it) At the higher Reynolds number (R----6 x 10"), the part-span vortex sheet remains 
located far out (near the inboard end of the curved leading edge at the tip) for an 
appreciable range of incidence (~ --= 10 deg to 13 deg) but then moves in more rapidly 
than at lower Reynolds numbers 

(iii) At Reynolds numbers higher than those covered in these tests, the first appearance of 
the vortex sheet should be further delayed but the patterns for ~ ~- 16 deg and above 
are likely to be similar to those at R ---- 6 × 106--at least, as regards the extent of 
the outer dead-air region and the position of the part-span vortex sheet. 

6.3. Correlation between Flow Patterns and Overall Balance Results (Wing C).--The overall 
results for wing C at low Mach number in Figs. 8, 10, 13, 14 and 15 can be interpreted in terms 
of the flow characteristics discussed above. In the following discussion, the values of CL that  
are quoted are a mean between those for the net wing and for the gross wlng-body combination 
which differ by almost 10 per cent in their measured lift-curve slopes for reasons discussed later 
in section 9.1. 

At incidences below that  at which a significant separation or part-span vortex sheet first 
becomes evident in the flow patterns, the CL vs. ~ and C~ vs. CL curves are reasonably linear 
while the increase in the effective profile drag with CL can be accounted for largely by an observed 
forward movement  of the transition position on the upper surface from about 0.7c at CL ---- 0, 
R---- 2-5 × 106 to near the leading edge by ~ ---- 4 deg. 

Good agreement is found between the incidence at which a separation first appears in the flow 
patterns and that  above which C D -  CL~/~A starts to increase appreciably with CL. In the 
absence of any flow patterns, the drag data would give the clearest idea of when a separation 
had first OCCurred (CL ~--- 0.35 at R ~- 9. × 106; C L ~  0-57 at R = 6 × 106). 

I 

6.3.1. Effects at R----2 × 106 following appearance of separation and vortex sheet.--It is 
convenient to divide the range between C7~ = 0.35 and C~ma~-~-1.05 into two at about 
CL ~ 0.7. In the lower range, the origin of the part-span vortex sheet moves in from about 
~1 _. 0.85 to ~1 = 0.23 but the dead-air region does not extend back even to mid-chord except 
near the extreme tip. Hence a rough distinction between the two incidence ranges is that  the 
lower is characterised more by the effects of the vortex sheet and of its inward movement than 
by the direct effect of the separation outboard of it while in t h e  higher range, the results are 
mostly dependent on the growth of outer dead-air region and on the fact that  the increase in 
lift inboard of the vortex is now largely occurring near the wing root and ahead of the wing 
aerodynamic centre. 

In the first range (CL ---- 0.35 to 0.7), the principal effects are as follows: 
(a) Drag (Figs. 10 and 15).--As would be expected, the increase of (CD -- CL~/aA) with CL 

occurs gradually rather than suddenly. A very crude analysis suggests however that  
the increase is more than could be accounted for entirely b y t h e  growth of the dead-air 
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region, considered as a long bubble (by comparison with the results 5 for the NACA 
64A006 section in two-dimensional flow). Part  of the increase in drag is presumably 
a result of the changes in chordwise and spanwise loading induced by the vortex sheet. 
Near CL = 0.65, the rate of increase of CD with CL tends to decrease slightly, perhaps 
because the rate of inward extension of the region of separation with increasing CL is 
also then beginning to decrease. I f  CD ~CDo + (~/~A)CL 2, ~ increases f r o m  a 
value of the order of 1.1 at low CL to about 1.9 for CL -~- 0.7 (N.B. R = 2 × 106). 

(b) Lift (Figs. 8 and 14).--The lift-curve shape for values of CL between 0.35 and 0.7 is 
higher than at low C~. This shows that  the increase of lift inboard of the vortex sheet 
has a greater effect than the reduction in lift-curve slope on the outer sections. The 
increase in overall lift-curve slope is particularly marked in the ear lys tages  between 
about CL = 0.35 and 0.5 and then tends to die out. In this connection, it  should 
be noted that  the increase in lift, resulting from the vortex sheet, should reach a 
maximum at some value of C~. For an untapered wing, the increase in lift produced 
by a vortex sheet of a given height would be greatest when the sheet was at the tip 
because then, the full end-plate effect would be obtained. In the present case, however, 
the maximum.effect should be reached when the vortex sheet is p a r t  of the way in 

• along the span because, in the first place, the height of the sheet would increase as it 
moves inboard (owing to the increase in incidence) and secondly, its strength should 
be roughly proportional to the 'cr i t ical  ' CL which has been seen to increase appreciably 
from root to tip. 

(c) Longitudinal stability (Figs. 8 and 14) . - - In  the initial stages, after the formation of ' the 
vortex sheet, between about CL = 0.35 and 0.5, there is a 'g radua l  increase in 
(--. aCm/aCL)M which, by  CL = 0" 7, amounts to about 0.09. These overall results 
are an integration of various opposing effects, viz: 

(i) Outboard of the vortex sheet and mostly aft of the c.g. there is a slight loss in 
lift because of the reduced value of (OCL/aC~)M for the sections with effec- 
t ively a ' long bubble '. This gives, at least in this incidence-range, a nose-up 
contribution to the overall Cm. 

(ii) Outboard of the vortex sheet, the local aerodynamic centre would move rear- 
ward as a result of the change in shape of the chordwise,loading--a nose- 
down contribution. 

(iii) Inboard of the vortex sheet and particularly close to it, there is an increase in 
lift. Initially, this gives a nose-down contribution as with an end-plate but  
as the vortex sheet moves inward, the effect on the overall Cm decreases and 
if sufficient of tha t  part of the sheet  tha t  lies close to the wing surface moves 
ahead of the c.g., this contribution to Cm could become nose-up. The 
tendency for this to happen is of course reduced by  the characteristic shape, 
i.e., the bending outward of the vortex sheet. 

(iv) The local aerodynamic centres of the sections cut by  the vortex sheet is moved 
rearward by the effects of the vortex sheet--another  nose-down contribution. 

Clearly, the overall effect on Cm could not b e  predicted easily and it evidently 
depends int imately on the particular wing plan-form. Qualitatively, for the present 
wing, it seems tha t  initially (iii) is slightly the more important  effect, particularly with 
reference to the quarter-chord point of the gross wing and tha t  the gradual loss of 
stabil i ty between CL = 0- 5 and 0.7 is to some extent, due to the disappearance of the 
nose-down contribution introduced by (iii) between CL ---- 0.35 and 0.5, coupled with 
a steady increase in effect (i). The changes in stabil i ty are gradual in sympathy  with 
the gradual changes in the flow pattern. 

(d) Spanwise centre of load (Figs. 10 and 15).--There is no systematic variation in the 
spanwise position of the centre of load until it starts to move inward at about 
CL = 0.6 or ~ = 10 deg. These results can also be explained qualitatively. At lower 
incidences, the part-span vortex sheet is lying outboard of the centre of load which, 
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for the net wing, is at about ~ = 0.47 and so, in terms of the root bending moment, 
an approximate balance is obtained between the effects of the increase in lift due to the 
vortex and the smaller decrease in lift outboard of it. As the vortex sheet moves 
further in, however, the second factor grows in importance and also, when the mean 
arm of the increased lift due to the vortex is smaller than the distance to the centre 
of load, the two factors then act in the same sense in producing an inward shift of the 
centre of load. 

In the upper range (above ~ = 12 deg or CL = 0.7), the overall CD increase more rapidly With 
CL. There is a significant reduction i n (  OC~/Oc~)M and there is a greater forward movement  of 
the wing aerodynamic centre position, e.g., for CL = 0.8, the reduction in (-- OCm/OCL)2~ for 
the gross wing, compared with the value at low CL, is about 0- 16 (and rather more, locally, near 
CL --- 0" 7). All three effects are consistent with the explanation that maximum lift has been 
attained on the sections near the tip and that, as the incidence is increased, this happens over 
progressively more of the semi-span. (The considerable extension of the dead-air region between 
~ =  12 deg and ~ -- 14 deg at R = 2.5 × 10" can be no ted in  Fig. 9.) The overall results suggest 
that, the outer sections attain their local values of CL max before the dead-air region has extended 
fully along the chord, e.g., when it has extended to about 0-3c to 0.5c. No precise estimate of 
the actual values of the local CL m a x  can be given but, for the sections near 71 = 0.8~ CL m a x  

appears to be rather less than 0.7. This value is appreciably less than what might be expected 
for this section in two-dimensional flow but probably better than cos $ × the two-dimensional 
value. 

P~s with the values of CL c,~t, there should be a considerable spanwise variation in the value 
of the local sectional CL m~x" This is indeed shown by the fact that  although the reduction in 
(OCL/ac~)~ and probably the at tainment of CL m a x  on the sections near the tip, starts at about 

-- 12 deg, the CL max for the wing as a whole is not reached until near ~ = 24 deg (Fig. 14). 
During this range of incidence: 

(A) the inward movement  of the centre of load becomes less above about CL = 0.85 
(~ = 16 deg). At higher incidences, the centre of load is about 0.04 to 0.05 × semi- 
span further inboard than at low values of CL 

(B) the reduction in logitudinal stability becomes somewhat less severe above about 
CL = 0.95. 

Both these effects, and in this order, could be predicted qualitatively. 

The value of CL m= achieved by the wing should be noted particularly. The measured value for 
the gross wing-body combination is about 1.0 and so the corrected value (see section 9.1) is probably 
near 1.05. This swept-back wing, therefore, gives a higher valu.e of CL .... than would be expected 
from this section in two-dimensional flow, for which the value should be near 0.9. From a 
comparison of the results of tests on various other swept-back wings, it appears that this con- 
clusion applies generally if the angle of sweep is more than about 45 deg. The relatively high 
value for the overall CL ma~ implies that  the sectional values of CL m~ for the inner wing sections 
are high for it has been seen above that  for the sections out near the tip, the local CL m a x  is only 
about 0.7 at this Reynolds number. The effect must therefore be related to the effect of the part- 
span vortex sheet which, at high incidences, originates from near the wing-root leading edge and 
as already discussed, limits the rearward extension of the substantially dead-air region on' those 
sections immediately outboard of the origin of the sheet. These sections would achieve a higher 
local CL max than if the vortex sheet were not present because the region where t he  values of 
-- Cp are relatively low and constant along the chord is limited to only the forward part of the 
sections. 

Various series of tests have shown that  these relatively high values of overall CL m a x  are only 
achieved with wings of say, 50-deg to 60-deg sweep and this is presumably because: 

(a) With a smaller angle of sweep, the distortion in the shape of the chordwise loading near 
the root of the wing may not be sufficient to prevent a separation-bubble forming 
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close to the wing-root leading edge. If this did form right into the wing-body 
junction, the part-span vortex sheet would probably be eliminated 

(b) Since experimental observation on various wings of different plan-forms shows that  the 
angle at which the vortex sheet is deflected outward from the free-stream direction is 
always about 20 deg, the angle of sweep of the sheet, relative to the wing leading edge 
is less for the highly swept wing. Hence less of the wing lies outboard and ahead of 
the vortex sheet and the dead-air region is more closely limited. 

In the present case, the actual value of CL m a x  is only of academic interest because of the large 
reduction in longitudinal stability that  occurs at lower values of CL but it does illustrate the 
possible useable CL that  might be achieved if the stalling of the outer sections was delayed 
sufficiently by some means such as a drooped leading edge or a fence 6. Since the relatively high 
value of CL m a x  appears to depend on the presence of a vortex sheet across-the inner sections of 
the wing, the correct choice of tail position is clearly very important. 

6.3.2. Effects at R - " - 6  X 106.--The effects at R---~ 6 × 106 are similar qualitatively to those 
just described. The differences that  exist are due first and foremost to the delayed appearance 
of a part-span vortex sheet and area of separation; then, to the fact that . the separation is limited 
to a small region near the tip over a larger range of incidence than at R = 2 × 106 and finally 
to the fact that  the subsequent inward movement  of the vortex sheet is more rapid than before. 

A s  already noted, the first effect is responsible for the results that  the appreciable increase of 
(CD - -  CL2/aA) with CL and the non-linearities in the lift and pitching moment  results do not 
appear un t i l  beyond ,.----10 deg (C~=0-57)  at R = 6  × 106 , compared with ~ = 7  deg 
(CL=O'35)  a t R = 2  × 106 . 

The results at R = 6 x 106 between a = 10 deg and 13 deg (Cr = 0.73) are consistent with 
the part-span vortex sheet remaining located far out near the tip for this incidence range (see the 
flow pattern for ~ = 14 deg, Fig. 12). In this range, the increase of (CD -- Cz2/~A) with CL is 
relatively slow and there is.a pronounced nose-down change in Cm, amounting to an increase in 
(-- OCtal OC~.)M of about 0.06. At a higher Reynolds number, when the boundary layer would 
be thinner, this nose-down change might be more marked*. In itself, this nose-down trend may 
appear innocuous but it follows that  the subsequent reduction in stability as the trend is 
eliminated and reversed with the inward movement  of the vortex sheet is also more pronounced. 
This can be Seen more clearly in the results for wing A (Fig. 5) but even for wing C, the useable Cr 
!defibed by the value of CL above which (-- aCre~ aCL)M is more than 0.1 less than at low CL) only 
increases from 0.7 to about 0.82 with the increase in Reynolds number from R = 2 x 106 to 
R = 6 x 106 whereas the corresponding increase in the value of overall Cr m,x at which it is 
thought that  the outermost sections attain their local CL max is from 0" 7 to about 0" 9 (~ -= 16 deg). 
Hence, the full potential gain of the increase in the local CL max of these outer sections is not being 
realized. This serves to emphasize a general point regarding how the stall should develop for 
good stability characteristics: the separation on the outer wing sections should clearly be delayed 
to as high an incidence as possible but when it occurs, it should be allowed to spread rapidly in 
along the leading edge to near mid-semi-span rather than remaining for a time localized near the 
wing tip. 

The suggestion made above that  the outermost sections attain their local values of CL max near 
-= 16 deg (CL -"- O" 9) is again based on determining the incidence above which.there is a marked 

reduction in (3CL/a~)M, a steeper increase of (CD -- CL2/aA) with CL and a more severe loss of 
longitudinal stability. In confirmation, the extent of the dead-air region at ~--= 16 deg, 
R ~ 6 × 106 is similar to that  at ~ = 12 deg, R = 2.5 X 106 . A crude estimate of the value 
of the local CL max of these outer sections suggests that  it increases from about 0.7 at R = 2 X I06 
to about 0- 9 at R = 6 x 106. This improvement is not as great as the increase in  the ' critical ' 

* As shown more clearly by the results for wing A, it is probable that in this incidence range, the relatively thick 
boundary layer over the rear of the outer sections gives an increase in C,~ which partly offsets the nose-dow n change 
which is a result of the effects discussed in section 6.3.1. 
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value of CL (i.e., that  at which a separation first occurs on the section) and so the difference 
(CLmax- CL crit) decreases with Reynolds number. This supports the idea previously put 
forward that at the lower Reynolds number, the laminar separation is of the long bubble type. 
It is reasonable to suggest that  this is so below R~ = 5.5 × 10" but that  when Rz > 5.5 × 10 6 
and CL crit is near 1.0 and roughly independent of Rz, the separation is of the 'burs t  shor t '  
bubble type (the influence of the vortex sheet would still give (CL max - -  CL crit) =~  0 ) .  

Despite the improvement with increasing Reynolds rmmber in the local values of CL ~ax for 
the outer sections, the overall CL m,~ appears to be almost independent Of Reynolds number. 
There are at least three possible contributory reasons for this: 

(a) The values of CL on the outer sections at high incidence, when they are no longer affected 
by the part-span vortex sheet may be appreciably less than the values of CL m,~ on 
these sections and the influence of Reynolds number be less marked 

(b) The probable occurrence of a turbulent separation over part of the wing (see section 6.1, 
para. 4) 

(c) The reduction in the spanwise extent of the wing affected by the part of the part-span 
vortex sheet, lying close to the wing surface (see section 6.1, para. 3). 

The principal features of the overall results for wing C at R = 6 × 10 6, together with those 
for wing A are summarized in section 7 where some comment is also made on whether these 
results are likely to apply at higher Reynolds numbers. 

6.4. Comparison of Results for Wings C and A.--6.4.1. Flow patterns and overall results for 
R = 2 to 2.5 × 106 (Figs. 5 to 7).--Both the flow patterns and drag data suggest that  for R = 2 
to 2.5 × 106, the laminar boundary layer first separates on wing A at between ~ 8 deg and 9 deg 
(C -"- 0.5) compared with ,. = 6.5 deg (CL = 0.35) for wing C. The flow pattern for wing A 
at ~ = 8 deg (Fig. 6) shows, for example, that  there is a small region near the tip where the flow 
lines are diverted outward and it is thought that  this indicates the presence of a part-span vortex 
sheet near the tip. Further supporting evidence is provided by the pitching moments where a 
nose-down trend is evident above CL ---- 0-45. 

Th e subsequent position on wing A of the origin of the vortex sheet or the inward extent of 
the outer ' dead-air ' region at ~ = 12 deg, 14 deg and 16 deg can be determined* from the flow 
pattern in Fig. 6 and in the following table, are correlated with the estimated local CL's and 
local Reynolds number: 

(deg) 

12 
14 
16 

Position of origin 
of vortex sheet 

(expressed as fraction 
of net semi-span) 

0-68 
0.52 
0"19 

Estimated 
local CL 

t.(' critical ' CL) 

0-76 
0.85 
0.89 

Local 
Reynolds 

Number (Rl) 
X 10 - 6  

2"17 
2.48 
3.12 

* In analysing these photographs, it should be noted that the chordwise line and white rectangles near 0.5 × net 
semi-span indicate the position and points of attachment of the stall fences that were tested on this wing. They are 
therefore irrelevant features except in so far that the condition of the wing leading edge was not perfect close to where 
tile fence was fitted. The position of the vortex, sheet for ~ ~-- 12 deg can be seen clearly but for ~ ---- 14 deg and 16 deg, 
the picture is confused by the fact that apparently a series of vortex sheets spring from near the leading edge at various 
points. However, at ~ = 14 deg, the photographs taken soon after starting the tunnel shows that the outermost sheet 
originating from about 0.52 × semi-span is evidently the main vortex sheet, since the two further inboard appear 
much weaker. Observation of the model has shown that the manufacture of the inboard half of the leading edge is not 
perfect and so faults, such as a depression in tile leading edg e near ~1 = 0-35 may be sufficient to induce a premature 
separation of the boundary layer and an associated vortex sheet. At ~ = 16 deg, the early photograph proves that the 
main vortex sheet has moved much of tile way in towards the root and now, the depression in the leading edge and 
the imperfection where the fence fits are modifying somewhat the flow outboard of the main vortex sheet. 
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These estimated critical Values of CL, which are again subject to the provisos noted in section 
6.9., a replot ted  against Rz in Fig. 33 for comparison with the values derived previously for wing C. 
I t  follows from this comparison that  the result, which can be seen clearly in the flow photographs, 
that  the vortex sheet reaches a given spanwise position at a higher incidence on wing A than 
on wing C, can be expressed more logically as follows In the range of Reynolds number from 
about R -- 2 X 106 to R ---- 3 X 106, the change in section to the RAE 101 shape results in an 
improvement of about 0.21 in the value of CL at which a laminar separation forms near the 
leading edge. The relative position of the three points derived for wing A (Fig. 33) suggests 
.strongly that  this improvement in CL cr~t at a given Reynolds number is a consequence of a shift 
m the Reynolds number range in which Rz has a marked effect on CL trot. In other words, 
CL cr~t is likely to attain a value, comparable with C L max*, and roughly independent of R at a 
lower Reynolds number for wing A (RAE 101 section) than for wing C, the difference in R~ 
being possibly as much as 1.5 x 100 (i.e., 4 × 106 rather than 5-5 x 106) (see also section 6.4.2. 
below). 

These differences can be explained qualitatively in terms of the comparison between the 
pressure distributions near the leading edge on the two sections at incidence, as shown in Fig. 34. 
For CL ---- 0-6, for example, the value of (-- Cp)max for the RAE 101 shape is about 4.0, com- 
pared with 5.5 for the section of wing C. Hence, a separation, probably of the long bubble type, 
would be expected at a lower CL on wing C and, as seen above, th is  is what actually happens. 
The reason for the high peak suctions on wing C is that  the immediate leading-edge shape is 
more bluff than an ellipse. This leads to the same sort of result as if the leading edge radius had 
been greatly reduced except that, in the latter cause, the peak suction would occur nearer the 
leading edge. Hence, it is possible to describe the section of wing C as having an ' effectively 
sharper ' nose than that  of the RAE 101 section of Wing A. T h e  change from wing C to wing A 
should therefore have a similar effect to that  produced by an increase in thickness/chord ratio 
with no change in section shape. On this basis, t h e  present results are quite consistent with 
other data. For example, it has been found" that for swept wings, with a thickness/chord ratio 
of 10 per cent, the values of CL cr~, and CL max for the outer sections are about equal to each other 
for even a test Reynolds number of R ---- 2 × 106. This is in accord with an extrapolation of the 
trend from wing C to wing A. 

The improvement due to the change to the RAE 101 shape is greater as regards the values of 
Cz crit for ~ ---- 12 deg and above and hence for ~1 < about 0.7 than for the values for the sections 
near the tip of the wing. For example, as already mentioned, the first appearance of a part-span 
vortex sheet occurs for about = ---- 8 deg for wing A, compared with ~ ---- 6.5 deg for wing C, 
whereas the position of the vortex sheet at ~ ---- 12 deg on wing A is comparable with that  on 
wing C at ~ ---- 9 deg, i.e., a delay of 3 deg rather than 1.5 deg. In other words, the vortex sheet 
remains located near the tip for a larger incidence range on wing A than on wing C and so the 
initial nose-down moment,  following its appearance, is more pronounced for wing A. By the 
same reasoning as that  used in section 6.3 above, the subsequent reduction in stability as the 
vortex sheet moves in is also greater. The reduction in ( 8Cm/aCL)M, for the net wing, compared 
with the value at low CL, already amounts to about 0.24 above about CL ---- 0.7 even though 
both the flow patterns and overall results suggest that  CL max is not reached over a significant 
proportion of the semi-span until about ~ ---- 15 deg (CL ~- 0.87). Compare, for example, the 
flow patterns which show that there is a considerable increase in the dead-air region ahead of the 
vortex sheet between ~ ---- 14 deg and 16 deg. The reduction in (-- aC,,/0CL)M above about 
CL = 0.87 increases to a mean value of about 0.35. 

A crude estimate suggests that  the value of the local CL .... of the outer sections of wing A 
is about 0" 8 and so is intermediate between the value (0.7) for wing C at the same Reynolds 
number and that  (0.9) for wing C at R ---- 6 × 10 ". Hence, in this respect, as for CL =~, it seems 
that  the difference between the wings at R = 2 to 3 × 10 ° arises from a shift in the Reynolds 
number range in which scale effect has a large influence on the results (see Fig. 33). 

* Throughout this discussion, CL max implies the local value for the section when it is no longer affected by a vortex 
sheet originating further inboard. 
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The overall CL m,~ (corrected to apply to the full wing,body combination) for wing A is about 
1-08 and is possibly about 0.05 higher than for wing C. This may be a result of the better values, 
noted above, for the local CL max for the outer sections. It  shows at least that  the arguments 
used earlier in explanation of the relatively high va!ues of CL ~,x apply equally to both wings. 

The flow photographs for wing A show that, once again, the projection of the vortex sheet in 
the wing surface is bent outward, relative to the free-stream direction at an angle of about 
20 deg over most of the chord. The patterns observed for the two wings differ in one important 
respect, however, in that  no flow from over the top of the vortex sheet can be seen in the patterns 
for wing A, i.e., the rear part of the ' herring-bone'  pattern is absent (This is why it was stated 
at the beginning of the discussion that  the patterns for wing C give a dearer idea of the behaviour 
of the flow on these wings). A major factor in accounting for this difference is likely to be the 
larger incidence that  is required with wing A for the vortex sheet to move in to a given position 
along the span. The larger incidence implies: 

(a) a vortex sheet of greater height and with less of its total vorticity, close to the wing 
surface 

(b) increased spanwise drift of the boundary layer inboard of the vortex sheet and hence, 
the difference in the oil patterns may be simply due to a difference in boundary-layer 
thickness on the two wings, aft of the vortex sheet. 

6.4.2. Effect of increasing Reynolds number to R ----- 6 × 106.--No flow patterns are observed 
on wing A at R = 6 x 106 but, following the detailed analysis of section 6, the overall results, 
together with some photographs of tuft behaviour are sufficient to give a fair appreciation of the 
flow characteristics. 

It  has already been suggested that  the differences between the results for wings A and C at 
about R = 2 × 106 arise largely because the change in section shape gives a shift in the Reynolds- 
number range in which there is a marked scale effect on the values of CL crit and CL m a x  with the 
RAE 101 section of wing A, this range is shifted to lower values of R~. The comparative results 
obtained at R = 6 X l0 G prove to be quite consistent with this hypothesis. For example: 

(a) The effects of increasing the test Reynolds number from R = 2 × l0 s to R ---- 6 × 106 
are less marked for wing A, than for wing C, as would be expected in view of the higher 
values of CL cri~ already obtained for wing A at R = 2 × 106 

(b) Wing A retains its superiority over wing C even at R = 6 × 106 in respect of the value 
of overall CL at which a boundary-layer separation and part-span vortex sheet first 
have a significant effect, as would be expected since it has been suggested (Fig. 33) 
that  a Reynolds number of R = 6 × 106, based on the mean chord, is sufficient to 
eliminate the scale effect for virtually all the outer sections of wing A but not those 
of wing C 

(c) A t  higher incidences, however, the results for wings A and C are closely similar as would 
be expected since, then, the characteristics are related principally to the values of 
CL crJt on the inner sections, the values of CL m,x for the sections outboard of the vortex 
sheet and on the shape Of the vortex sheet. All these factors should be less subject 
to scale effect near R = 6 X 106 and also, as already suggested, appear to be less 
dependent on the change in section shape between the two wings. 

A final point about the results for wing A at R = 6 X l0 s is that  between about CL = 0.5 and 
0 . 7 a  reduction in (-- 3C,,,/3CL)~/~ of about 0.07 occurs (accompanied by a reduction in (~C±J 9o~)M. 
This seems to occur prior to the first appearance of a separation near the leading edge or of a 
part-span vortex sheet and on the basis of subsequent tests with stall fences fitted (Part II), 
would appear to be caused by the effective camber of the thick boundary layer over the upper 
surface of the outer sections and should be less pronounced at higher Reynolds numbers. For 
wing C, the effect is probably present but masked by the effects of the vortex sheet which has 
already formed by these values of CL. 
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7. Summary of Characteristics of Wings A and C at High CL, Low Mach Number and High 
Reynolds Number.--It has been seen that  the results for these wings are subject to considerable 
scale effect at low Mach number between R = 2 × 106 and R = 6 × 106 and tha t  this is largely 
associated with a variation, as shown in Fig. 33, in the value of CL cri, with R~ where CL c~t is 
the value of CL at which the laminar boundary layer first separates near the leading edge of the 
section and Rz is the local Reynolds number (the curves in Fig. 33 apply to  the central part  of 
the semi-span rather than to the immediate vicinity of the root and tip). 

Above about Re = 5.5 × 106 for wing C and, it is thought, Re = about 4 × 106 for wing A, 
this variation of CL crit with Re appears to die out, a s  might be expected, since CL c~it is then of 
the order of 1.0 and hence should be about the same as the ultimate values of the sectional CL 
(though higher values of CL would probably be at tained in the incidence range immediately 
beyond the incidence for CL ~rit when the section would be cut by a part-span vortex originating 
from a point further inboard). I t  seems therefore tha t  once all the sections of the wings are 
operating above these values of Rz, scale effect of the type encountered between R = 2 × 106 
and R = 6 × 106 should not occur. More generally, further scale effect is unl ikely provided the 
stall is still basically caused bv a laminar separation from near the leading edge. Even, if at a 
higher Reynolds number, transition occurred ahead of the point where the laminar layer would 
normally separate, no marked change in the overall results would necessarily result since the 
turbulent boundary layer might continue to separate near the leading edge rather than from near 
the trailing edge. 

At a Reynolds number of R = 6 × 10 °, based on the mean chord, the above condition i s  
satisfied for wing A but  not for wing C. However, even in the latter case, on the above supposi- 
tions, further scale effect would be confined to a further increase in the value of CL at which a 
separation first occurred near the tip but  the results for ~ > 16 deg, including the value of CL 
corresponding to the first reduction in longitudinal stability, should not be seriously affected. 
These suggestions are supported by  the fact that  tests elsewhere at low Mach number on a 
configuration closely similar to the wing-body combination 0f wing C have shown a similar scale 
effect up to R = 6.8 × 106 to tha t  shown by the present results but  little fur ther  scale effect 
between R = 6.8 × 106 and R = 11 × 10 G, except possibly in a small range of incidence near 
tha t  at which the vortex sheet first appears. 

I t  seems likely therefore tha t  the more important  features of the overall results obtained at 
R ----- 6 × 106 should apply in flight. The principal results are as follows--values quoted are for 
wing A with those for wing C in parentheses: 

(a) The boundary layer separates near the leading edge near the inboard end of the curved 
tip and a part-span vortex sheet forms at about ~ = 13deg  (10 deg) Or CL-"-0.72 
(0.58)*. An increase in (CD --Cr2/~A) with CL immediately follows and while the 
vortex sheet is close to the tip, there is an increase in ( aCL/a~)M and a rearward move- 
ment of the aerodynamic centre. The nose-down moment is more marked for wing A 
but  at higher Reynolds numbers, wing C might reproduce this effect. 

(b) The first serious reduction in longitudinal stability, associated mainly with the inward 
movement of the vortex sheet occurs near CL = 0.85 (0-82).. This is rather more 
marked for wing A because of the previous larger nose-down trend and the reduction 
in (-- aC,,,/OCL)M, compared with the value at low CL is about 0.20 for the net 
wing A, 

(c) The dead-air region outboard of the vortex sheet extends considerably near CL = 0.92 
(0.92) [CL ~ .... ---- 0.94 or ICL ~e~ = 0" 90~, giving a more severe reduction in longitudinal 
stability, a decrease in lift-curve shape and a steeper increase in (CD -- CL~/:~A) With 
CL. The reduction in (-- OC,,/OC~)M is at least 0.25 and in some cases is as much 
as 0.5. 

* A t  higher  Reynolds  numbers  than  R = 6 X 106, there  m a y  be an improvemen t  for wing C from Cz = 0 .58  to 
near  Cz = 0.7.  
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(d) These serious effects occur, therefore, at values of CL well below the actual CL m a x  which 
for the wing as a whole is about 1.1 (1.05). These values of CL m,x are higher than 
would be expected for the section in two-dimensional flow and are thought to result 
from the action of a part-span vortex sheet continuing to originate from iust outboard 
of the wing-root leading edge and limiting the rearward extension of the dead-air 
region on the sections just outboard of its origin (The basic reason is; therefore, the 
effect of the change in shape of the chordwise loading near the wing-root itself, which 
tends to prevent the separation of the laminar boundary layer near the leading edge 
there). 

Other effects noted are: 

(e) The reduction in stability becomes rather less severe above CL = 1.0. 
(f) The centre of load moves inwards above about CL = 0.8, and near CL m a x  is about 

0" 06 (0" 05) × semi-span further in than at low CL. 
(g) With wing A, a gradual reduction in stability occurs between about CL = 0-5 and 0.7, 

amounting to a decrease in (OCm/OCL)M of about 0"07. This seems to occur prior to 
the first appearance of a separation near the leading edge and is thought to be caused 
by the effective camber of the thick boundary layer over the upper surface of the 
outer sections. The effect may appear on wing C also at rather higher Reynolds 
numbers and ultimately would in general be expected to decrease with Reynolds 
number. 

Precise values of the maximum usable CL cannot be quoted, partly because the results of these 
tests are for a configuration without a tailplane. It can be concluded, however, that  the flow over 
the outer wing sections (including probably the aileron) may become disturbed near CL = 0" 7 to 
0" 75, a serious reduction in longitudinal stability may be expected above about CL = 0.85, 
culminating in a more severe loss near CL = 0.92. Hence the usable CL seems certain to be 
appreciably less than the actual CL ~x which is between 1.05 and 1.1 and instability prior to or 
at the stall should occur for untwisted wings having 50 deg of sweep, 7.5 per cent thick symmetri- 
cal sections for aspect ratios greater than some value less than 3.1. The need exists, therefore, 
for the development of some device such as a fence (see Part II) or a drooped nose to improve 
these characteristics. The RAE 101 section of wing A is slightly superior to the section of 
wing C (Fig. 4) in these qualities, as would be expected from the comparison in Fig. 34. 

8. Effect of Mach Number on Pitching-Moment Characteristics at High C~.--A detailed discussion 
is given first in section 8.1 for the results on wing A (RAE 101 section, A = 3.1) since these 
form the basis for the comparisons for the effects of aspect ratio (section 8.2) and section shape 
(section 8.3). The quoted values of CL are 5 per cent less than those measured for the net wings 
and should be reasonably representative for both the net wing and gross wing-body combination. 

8.1. Wing A (RAE 101 Section).--8.1.1. Principal r esults.--C,,, vs. CL curves for wing A for 
various Mach numbers from 0.50 to 0.95 at R = 2 × 106 are given in Fig. 16 and the corre- 
sponding lift carpet in Ffg. 22. 

For all Mach numbers from 0.50 to 0" 95, a reduction in longitudinal stability with increasing 
CL occurs at a CL value (the ' break ' CL) of between 0.45 and 0.6, compared with CL = 0.7 
at the same Reynolds number at M = 0.2. 

The initial severity of this reduction in stability becames rather less with increasing Mach 
number up to about M = 0.88, e.g., for M = 0.88, (-- OC,,/3C~)~.~ decreases above about 
CL = 0-45 but for the net wing about the net mean quarter-chord point*, it does not become 
negative until about CL = 0.65 and a severe reduction does not occur until locally above 
Cr. = 0.8, when (~C,,,/O~)M has also fallen to a low value and possibly CLmax has almost been 

* This gives ( - -  OC,,,/OCL)M ~-- 0 at  low CL and low NIach number .  
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at ta ined.  I t  follows tha t  if the  usable CL is de te rmined  by  this reduct ion in stabil i ty,  then  its 
value  at  Mach numbers  such as 0 .88  will c learly depend  closely on bo th  the  choice of c.g. posit ion 
and  also on the  effectiveness of the  tai l  under  these condit ions and so cannot  be quo ted  precisely. 
If  a l imit  is set by  buffett ing,  then  the  usable CL m a y  in fact be only C L :  0-45 or even less. 

Be tween  M ---- 0-88 and  0.91,  the  value  of the ' b reak  ' CL increases from about  0 .45  to 0 .55  
but  above M ---- 0.91,  it shows a t endency  to decrease again to near  0.5.  Because there  is a 
considerable increase wi th  Maeh n u m b e r  in the  value of (--  aC,,,/aCL)M at low CL, (-- aC,,/aCL)M 
at high CL and  high Mach n u m b e r  is about  tile same as at  low CL and  low Mach number .  Again, 
therefore,  i t  is not  i m m e d i a t e l y  clear whe the r  the reduct ion  in s tabi l i ty  in itself represents a 
usable CL limitat ion.  

8.1.2. A~alysis of resuIts.--In the  absence of any  pressure-plot t ing data,  it  is not  possible to 
make  a detai led quan t i t a t ive  analysis of the  results but ,  wi th  the  a}d of tile photographs  of the  
behaviour  of tufts  on the  wing surface, a qual i ta t ive  discussion is possible. I t  appears  t ha t  the  
Mach-number  range can be convenien t ly  divided in three,  viz., up to about  M ---- 0-85, in which  
the basic na tu re  of the stalling characteris t ics  seems to remain  similar to t ha t  at low Mach 
number ;  a t rans i t ional  range be tween  about  M ---- 0 .85  and  M : 0.91;  and  finally, t h e  range 
above M : 0.91,  in which  the  flow ei ther  adheres over  the nose of the outer  sections or else, 
any  laminar  separat ion there, remains  closely l imi ted in chordwise ex ten t  at all values of CL, bu t  
there  is a severe shock- induced separa t ion fur ther  aft. 

8.1.2.1. Up to about M -= 0 . 8 5 . - - I n  this range, the basic na ture  of the  stalling characteris t ics  
appears  to remain  the same bu t  there  is a t endency  for the  various effects at  even the  test  
Reynolds  n u m b e r  of R z 2 X 106 to occur at lower values of CL as the  Mach n u m b e r  is increased. 
This applies par t icu lar ly  to tile value of CL or~t at which  separat ion first occurs on tile outer  wing 
sections. 

The  first appreciable increase in (CD -- C~2/~A) with  C~ and  the  init ial  nose-down m o m e n t  
change occur above about  CL = 0 .4  at  M = 0 .5  and  CL ~- 0 .3  at  M : -  0.85,  compared  wi th  
CL --  0 .5  at M ---- 0.2.  The  subsequent  reduct ion in s tabi l i ty  occurs at  about  CL ---- 0 .55 at  
M - - - - 0 . 5  and  C~----0.5 at  M--- -0-85 ,  ra ther  t han  C ~ 0 . 7  as at  M- - - -0 .2 .  The loss in 
s tabi l i ty  becomes more  severe near  CL ---- 0 .65  to 0 .7  for M ---- 0 .5  to 0 .85 ra the r  t han  near  
CL ---- 0"9 as at  M = 0.2.  

Analysis  of these results and  of the approx imate  positions of the  par t -spa  n vor tex  sheets, as 
shown by  the tuf t  photographs,  suggests tha t :  

(a) the  value  of CL at which  a l aminar  separa t ion first occurs on any  section is reduced  b y  
about  0 .1  be tween  M---- 0 .2  and  0-5. As a result,  for example,  the  par t - span  vor tex  
sheet  is close to the inboard  end of the  curved  tip at  about  ~ = 6 .5  deg at  M ---- 0 .5 ,  
compared  wi th  ~ - :  8 deg at M ---- 0 .2  and  later,  for ~ ---- 14 deg, it originates f rom 
nearer  the  root  t han  v I - :  0 . 2  ins tead of from near  mid-semi-span (Fig. 6) 

(b) CLmax for the  outer  sections at  M - - - - 0 . 5  is p robably  about  0.6,  compared  wi th  0 .8  
a t M :  0 .2  

(c) be tween  M ---- 0 .5  and  0.85,  the  value of C~ at  which  a separat ion bubble  forms on the  
tip sections cont inues to decrease wi th  Mach n u m b e r  bu t  near  mid-semi-span,  there  
is l i t t le fur ther  change in this respect. This suggestion is suppor ted  by  the evidence 
from the tuf ts  (Fig. 17a). An inward  extension wi th  Mach number  can be noted  for 
the  region affected b y  the  separa t ion at  CL ----- 0 .53  whereas,  for CL -"- 0.73,  when  the  
separa t ion extends  fur ther  inboard,  l i t t le change with  Mach n u m b e r  can be de tec ted  
in this Mach-number  range.  

The  var ia t ion  in CL ~, and  CL,=  be tween  M - :  0 .2  and 0-5 is similar to wha t  has been 
observed in various aerofoil tests in two-dimensional  flow and  hence is p resumably  not  caused 
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by any characteristic, peculiar to a swept wing. The further deterioration near the tip between 
M = 0.5 and 0.85 should be principally ascribed, however, to the change in shape of the chord- 
wise loading on the outer sections. At high Mach number, the wing is effectively more swept 
and so there is a greater  relative increase between mid-semi-span and the t ip in the value of 
( - -  Cp)ma x for a given CL. 

The basic idea that  the character of the stall does not vary up to about M = 0.85 implies 
that  a separation bubble may still form near the leading edge even after the local Mach number 
(M1), perpendicular to the isobars has exceeded 1.0 and also that  the difference, close to the 
surface, between the values of (-- Cp) in the regions where the bubble has and has not formed is 
still sufficient to induce a part-span vortex sheet of significant strength. 

In connection with the first of these conclusions, an analogy may be drawn with some results 
in two-dimensional flow. For example, in the tests 7 at the National Physical Laboratory on a 
10 per cent thick, RAE 104 section, it was found that a laminar separation bubble occurred near 
the leading edge at about ~ -= 8 deg at low Mach number and that  for this incidence, a local 
Math number of 1.0 was exceeded ahead of the separation at about M ---- 0.47. A limiting local 
Mach number of 1.35 to 1.4 was attained by about M = 0.59. Nevertheless, a laminar separa- 
tion, close to the leading edge, persisted up to some Mach number between 0.64 and 0.69. 
Under these conditions, there was a k-shock system with the separation lying between the two 
limbs of the shock system. The separation must then be a consequence of the shock-wave- 
boundary-layer interaction, since no separation would occur at low Mach number for a com- 
parable value of (-- Cp)ma x. 

In the present case, the tuft photographs suggest that  for the sections near mid-semi-span, 
a significant separation first occurs near CL = 0.6 ~nd so, an estimate has been made, assuming 
subcritical flow, of the variation with Math number of the values of (--Cp)max corresponding 
to CL ----- 0.55 and 0.65. This is shown in Fig. 35, together with the estimated variation of the 
values* of (--Cb) , corresponding to M1 = 1.0 and 1-4. Even if it is assumed, as in two- 
dimensional flow, that  (-- C~)m,x can increase until M1 = 1.4, the value of (-- Cp)m~ for a given 
CL decreases appreciably, e.g., for CL = 0- 65, from about 4.5 at M = 0 to about 3.1 at M = 0: 5 
(M1 = 1.4) should be attained by about M = 0.6 but the similarity of the two sets of curves is 
such that CL would not have to be reduced appreciably or the estimates to be much in error for 
this value of M to be consideralby higher. The persistence of the separation near the leading 
edge, though induced, as above, for different reasons, would therefore have been predicted to at 
least M = 0-6 and probably to appreciably higher Mach numbers. The first of the conclusions 
above cannot therefore be counted as unexpected. 

The apparent continued existence up to M = 0.85 of the part/span vortex sheet, is more 
Surprising because the values of (-- Ca) inboard of the region of separation are likely to be limited 
to about 1-3 and so are probably only slightly in excess of the values that  might be expected for 
the dead-air region. It  should be noted, however, that  the presence of the vortex sheet is 
suggested both by the overall results (e.g., the increase in ( aCL/a~)M near CL = 0- 5 at M = 0- 85 
(Fig. 22) ) and also by the behaviour of the tufts (Fig. 17a). This point is a good illustration of 
the need for pressure-plotting data at high Mach number and high CL on such a wing as this. 

8.1.2.2. M = 0.85 to 0 .91 . - - In  the two-dimensional tests 7 referred to above, it was found 
that  above a certain Mach number (e,g., between M = 0.64 and 0.69 for ~ = 8 deg), the laminar 
boundary layer adhered over the leading edge and higher local Mach numbers were attained in 
the supersonic expansion round the nose (Values of 1.6 to 1-7 were achieved in this particular 
case and values up to 2-0 in other tests on aerofoils with smaller leading-edge radii). One of the 
effects of this change in the flow characteristics was that  C~ decreased with Mach number for a 
range of about 0-05 in M. Subsequently the main shock wave, at a given incidence, tended to 
move back and the turbulent separation from near its foot to become more severe, giving a 
renewed increase of CD with Mach number. 

* These values are only approximate. 
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I~c appears that  a similar fundamental change in the behaviour of the boundary layer round 
the nose occurs on the present swept wing between M = 0.85 and 0.91. For example, Fig. 27 
shows that  CD at constant CL decreases with Mach number in this range for those values of Cc 
such as 0.5 in which a separation from close to the leading edge occurred at lower Mach numbers. 
Comparison of the tuft photographs for CL N 0.53 in Fig. 17a shows that  the drag results cannot 
be explained by a decrease in the spanwise extent of wing affected by the separation because 
actually, more of the Wing is affected at M = 0.88 than at M = 0.5 for this CL. Hence, the 
observed decrease in the overall CD implies that  the local Cv for some sections on the wing has 
decreased, as in the two-dimensional test quoted. The tuft photographs also appear to confirm 
that  by M N 0" 91, the boundary layer over the nose either remains attached or else, the separa- 
tion is very limited in chordwise extent for it will be seen (Fig. 17a) that  for both CL = 0.56 
and 0.76, such tufts as are still present near the leading edge after their severe buffetting at 
previous conditions of test are mostly aligned in the streamwise direction. 

It  would be expected that  for some Mach numbers in this transitional range, as the incidence 
is increased, both types of boundary-layer behaviour over the nose may be obtained on any 
section of the wing. In other words, at moderate incidences, there should be no separation near 
the leading edge and the local values of M1 should not be greater than about 1.4. Then, as the 
incidence is increased, a laminar separation occurs near the nose as at lower Mach numbers but 
with a further increase in incidence, the boundary layer adheres again over the nose and higher 
local Mach numbers are attained there. It  is thought that  this is, qualitatively, what happens 
on the wing near M = 0.88. Hence, on the one hand, the trends with increasing Mach number 
up to 0.85 are continued in the sense that  the CL values for the initial nose-down moment  change 
and tile succeeding reduction in stability are smaller than for all lower Mach numbers but, on 
the other hand, the actual reduction in stability is less severe (at least, below CL = 0.8), because 
of the partial recovery in (OCL/a~)~,± on the outer sections when the separation near the nose 
has been eliminated. 

8.1.2.3. M = 0.91 and above.--By M = 0.91, it seems that' the long-bubble separation near 
the nose of the outer sections does not occur at any incidence and so this is the explanation why,  
for example, the value of CL, corresponding to  the reduction in stability, increases from about 
CL = 0.45 at M = 0.88 to over CL = 0.55 at M = 0.91 (The at tainment  of higher local Mach 
numbers over the nose enables the tip sections to achieve higher values of CL). 

In this Mach-number range, the changes of stability with increasing CL should be intimately 
related to the development on the upper wing surface of a strong shock wave, the changes in 
shock-wave position with incidence and the severity of the turbulent separation behind it. No 
quanti tat ive analysis is possible without pressure-plotting data but it is helpful in this discussion 
to correlate the overall results for M = 0.93 with the tuft photographs for this Mach number, 
given in Fig. 17b. The main features of this correlation are: 

(a) (-- acre~ OCL)M increases appreciably above about CL = 0.25 and remains at the higher 
value up to about CL = 0" 55. This nose-down moment  change is not now associated 
as at lower Mach numbers witti the appearance Of a part-span vortex sheet near the 
tip but is a consequence of the development of a local supersonic* region on the wing. 
This conclusion is based on the evidence of both the drag data (Fig. 27) and the tuft 
photographs. The steep increase of C~ with M that  follows the formation of a shock 
wave is shown, for example, to be only just starting near M = 0.93 at CL = 0.2, 
whereas for higher values of CL, it has begun at lower Mach numbers. Also, the tuft 
photographs for CL < 0-25 (not given in Fig. 17a) shows no sign of any disturbed 
flow whereas a few tufts near the tip are disturbed at CL = 0.33 and this is more 
pronounced at CL = 0.51. The latter photograph is particularly interesting because 
the flow appears undisturbed for about th ree '  tuft lerigths ' back from the leading edge 
(@ the pictures for similar values of CL at lower Mach numbers in Fig. 17a). Most 

* Perpendicular to the local isobars. 
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signs of disturbance are evident along a line stretching in from the tip at about 0.4c 
and it is thought that  this corresponds to the probable shock position. In this CL 
range up to 0.55, therefore, the shock is near the maximum-thickness position or 
slightly behind it. 

(b) A large reduction in stability (amounting to a decrease in (-- OCm/OCL)M of about 0" 10) 
occurs near CL --- 0.55 and reference to the lift carpet in Fig. 22 shows that  this is 
evidently associated with a large reduction in l if t--presumably on the outer wing 
sections. The tuft photographs show that as the incidence is increased, the flow 
behind the shock waves becomes more disturbed and, in agreement with tile overall 
results, the largest difference is found near ~ = 7 deg (CL = 0.59). It is important 
to note that the position of the shock appears to move forward from about 0.4c at 
CL = 0.51 to near 0.2c by CL = 0.65 and at higher values of CL, the flow again 
becomes disturbed even near the leading edge. It is significant that  in the two- 
dimensional tests reported in Ref. 9, such a forward movement of the position of the 
shock wave with incidence was observed and in that  case, a rapid thickening of the 
turbulent boundary layer occurred near the foot of the shock wave at about the same 
or a slightly higher incidence. It thus seems that  the behaviour of the outer sections 
of the present swept wing at M = 0.93 near CL = 0.55 is similar to this, i.e., there is 
a forward movement  of the shock and a separation occurs from near its foot .  At higher 
incidences, the separation would become more severe, and the suctions over the rear 
part of the upper surface would increase, giving a pronounced rearward movement 
of the local aerodynamic centre. This would tend to alleviate the reduction in 
(-- aCm/OCL)M for the wing as a whole and could explain the increase in (-- OCm/OCL)M 
above CL ---- 0.62 at M = 0.94. The tuft photographs show that  even at CL = 0.73 
at M = 0.92, the separation does not appear to extend further inboard than about 
mid-semi-span. 

(c) Near CL ---- 0.8 at M = 0.91, 0.92, a more severe reduction in stability occurs; the tuft 
photographs suggest that  this is due to a part-span vortex sheet forming, as at lower 
Mach numbers, from near the wing-root leading-edge and hence to the increase in lift 
inboard of the vortex sheet and ahead of the c.g. This suggests that  even at these 
Mach numbers a laminar separation still occurs near the leading edge on most of the 
inner part of the wing. If the effect occurs at Mach numbers above M ---- 0.92, it 
is beyond the incidence-range of these tests. 

The principal effect of an increase in Mach number from 0.91 to 0.95 is that  there is a decrease 
in both the value of CL for the initial nose-down moment change (because the upper-surface 
shock forms at a lower CL as the Mach number is increased) and also in the value of CL at which 
the first reduction in stability occurs (from about CL = 0.55 to 0:5). At some Mach number 
higher than 0.95, it is expected that  the forward movement of the shock wave with incidence 
would cease t o  occur, that  the local supersonic region would extend over more of the chord and 
thus, that  the area of wing affected by the turbulent separation would be reduced. The reduction 
m stability near CL = 0.5 would then tend to disappear. 

Another significant difference between the flow characteristics in this Mach-number range and 
those at lower Mach numbers, as shown by the tufts, is that  at high Mach number, there is no 
longer a sudden change at some point along the span from largely streamwise flow to outward 
flow under a vortex sheet. Instead, the flow direction changes gradually with spanwise position. 
Because of the relative loss in lift near the tip at high incidence, vorticity must still be shed 
somewhere along the span but this is probably diffused over a significant proportion of the span: 

811.3. General d~scussion including a ~ote on scale effect.--It follows from the above description 
that, in various important respects, the flow characteristics leading to the reduction in stability 
at C~. = 0.5 to 0.6 for Mach numbers of 0.9 and above are very different from those at low 
Mach number and hence that  the measures that may be required to delay or eliminate the loss in 
stability may well be different. At low Mach number, the essential problem is to find a means of 
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preventing the development of high suction peaks very close to the leading edge but  at high Mach 
number, a method must be found to suppress or reduce the turbulent separation aft of the shock 
for a given shock strength or to decrease the latter and if possible, to prevent the shock from 
moving forward to near the leading edge at high incidence. 

The change of flow characteristics with Mach number also has a bearing on the possibility of 
serious scale effect. A correlation of experience in flight and tunnel on less swept aircraft suggests 
that  the values for CL for instabil i ty at high Mach number are not so likely to be subject to a 
large variation with Reynolds number. For Mach numbers from 0-5 to 0.85, an increase in 
Reynolds number should improve the CL value for instability, as found for M = 0.2  but  the 
magnitude of this improvement is uncertain. Even at a higher Reynolds number, it is likely 
tha t  this CL value would decrease with Mach number in this range and by M = 0.88, the 
instabil i ty would probably not be delayed beyond about CL ---- 0-6. These conclusions regarding 
scale effect at high Mach number are somewhat tentat ive and for this reason, a model to the same 
design as wing A is to be pressure plotted in the O.N.E.R.A. tunnel at Modane to provide data 
at a higher Reynolds number (about R = 14 x 106 for M =- 0.9). For comparison, pressure- 
plotting data are also to be obtained on another model to this design in the RAE 10-ft x 7-ft 
High-Speed Tunnel. For the present, it may be noted that,  fortunately, the most important  
conditions in flight are those at low Mach number (discussed earlier) and at high Mach numbers 
of the order of 0.9 to 0" 95, whereas most uncertainty surrounds the applicability of the results 
between M = 0.5 and about 0.85. I t  seems fair to conclude that  the available CL for 
manoeuvring at Mach numbers near 0.9 to 0.95 is unlikely to be appreciably greater than 
CL = 0-5 to O" 55*. 

8.2. Results for Wing B: Effects of Aspect Ratio (Figs. 18 and 23).--The outer sections of 
wing B, with the higher aspect ratio of 3.5, are further behind the wing mean quarter-chord 
point and so the reduction in longitudinal stabil i ty above the ' b r e a k '  Cz~ is greater than for 
wing A; e.g., at M = 0.5, the reduction in (-- 9C,,,/~CL)M is 0"34 rather than 0.24 while at 
M = 0.92, it is about 0.17 rather than 0.10. As a result, even although the basic value of 
( "  ~Cm/aCL)M for wing B about the mean quarter-chord point of the net wing is about 0.05, 
(-- ~Cm/aCL)M becomes negative at a CL value, only slightly above the break CL, whatever 
the Mach number. Hence it appears that  for wing B, there is less doubt tha t  the limiting usable 
CL will be equal to or possibly less than the ' b r e a k '  CL at all Mach numbers, whatever the 
e.g. position or tail effectiveness at high CL. 

The actual values of the ' break ' CL are, in general, about the same for wings A and B, as 
would be expected, since the change in aspect ratio from 3.1 to 3.5 should have no large effect 
on the spanwise or chordwise loadlngs. 

8.3. Results for Wing C: Effect of Section Shape.--The general picture presented by the 
Cm vs. CL curves for wing C in Figs. 19 and 21 is similar to that  for wing A and indeed, from 
M ---- 0-5 to 0.85, there is good agreement ill the main features in even a quanti tat ive sense, 
e.g., for  M = 0.85, the nose-down moment change occurs above about CL-----0.3 and the 
reduction in stabil i ty above about C~. = 0.5 for both wings. Hence it is only at low Mach 
number in this ' subcr i t i ca l '  range of Mach numbers that  wing C is notably poorer (at 
R = 2 X 106) than wing A. The key to the relative behaviour of the two wings is to be found 
in Fig. 35. The value of (-- C~)max for a given CL at subscritical speeds is only markedly different 
for the two wings at low Mach numbers. As the Mach number increases, (-- Cp)max for a given 
CL decreases more rapidly with wing C, t hus  narrowing the difference between the two wings. 

The tuft  photographs again confirm that  at least up to about M ---- 0.85, the basic nature of 
the stall remains the same as at low Mach number. The patterns shown in the photographs 

* As noted earlier, since the value of (-- ~C,,,/OCL)M at high Mach number and high CL is about the same as at low CL 
and low Mach number, an assessment of whether the reduction in stability in itself will limit the usable CL must depend 
on the actual choice Of c.g. position, tail effectiveness, etc. 
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for M = 0.5, CL = 0.66 and M = 0.8, CL = 0.69, given at the top of Fig. 20; are comparable 
with those obtained for M = 0.2 by the oil-film technique (Fig. 9). 

Judging by the drag results, it appears that  for values of CL near 0.5, at least, the flow adheres 
over the leading edge of the tip sections at rather lower Mach numbers for wing C than for wing A 
because it will be seen from Fig. 30 that the subsequent steep increase of CD with Mach number 
for, say, CL = 0 .5  occurs at a Mach number about 0.03 lower on wing C. This suggestion that  
the flow regime near the leading edge changes at a lower Mach number for wing C is again what 
might be expected if it is concluded, as earlier, that  the section of wing C has effectively a smaller 
leading-edge radius than for the RAE 101 section of the same thickness/chord ratio. 

In the high Mach number range from about M = 0.90 to 0.95, the value of the ' break ' CL, 
above which the reduction in stability occurs is about the same for wings A and C but the two 
wings differ greatly in respect of the magnitude of this reduction in stability. This is much 
more severe in the case of wing C, e.g., for the ' net ' wings, the decrease in (-- aC,,,/OC~)n~ above 
the ' break ' CL is about 0.2 for wing C, compared with only about 0.1 for wing A. Similarly, 
a comparison of the lift carpets for the two wings in Figs. 22 and 24 shows that  the reduction in 
(3.CL/ac~)M between, say, CL = 0.6 and 0-8 at high Mach number, is also much greater for 
wing C. 

There appear to be two major reasons for the more severe reduction in stability at high Mach 
number with wing C: 

(a) A more severe reduction in ( OCL/O~.)M for the outer sections, owing to the shock-induced 
separation having a m o r e  serious effect on the section with the further aft position 
for the maximum thickness. Such a comparative effect has been observed in the 
results of tests at the N.P.L. on the RAE 102 and RAE 104 sections in two-dimensional 
flow. It is also suggested by a comparison of the tuft photographs for wings A and C 
ill Figs. 17 and 20. The tuft photographs for wing C at M = 0" 93 (Fig. 20) show that: 

(i) for values of CL below the ' b r e a k '  CL, the main shock wave is apparently 
located at about 0.55c on the outer wing sections. This is about 0-15c 
further back than for wing A but in both cases it means that  the shock wave 
is near or just behind the estimated peak-suction position at zero lift for 
the mid-semi-span region of the wing 

(ii) between CL = 0 -47 and 0.60 (and similarly at other Mach numbers above 0.9 
for values of CL on either side of the ' b r e a k '  CL), there is a large change 
in the behaviour of the tufts over the outer sections. The shock wave has 
evidently moved forward to close to the leading edge (rather than to near 
0.2c as for wing A) and the boundary layer evidently separates from near 
its foot. Hence the forward movement of tile upper-surface shock wave 
with increasing C; is much greater than for wing A. The behaviour of the 
tufts also suggests that  the separation aft of the shock wave is more violent 
for wing C. 

(b) The second reason is that  for wing C, a separation near the leading edge of the inner 
sections and a part-span vortex sheet originating from near the wing-root leading 
edge appear to form at about the  same CL as for the serious shock-induced separation 
on the outer sections, whereas for wing A, these two effects occurred at different values. 
For example, for wing A, at M -~- 0.91, the first of these effects does not occur u n t i l  
near CL = 0.8, compared with CL = 0.6 for the shock-induced separation on the 
outer sections, whereas for wing C at this Mach number, both effects occur near 
CL = 0.6. The tuft photographs for wing C suggest that  the effect on the inboard 
part of the wing occurs in the range of CL up to C~ = 0.7 up to a Mach number of 
about M = 0.93 (the presence of a part-span vortex sheet from near the root has been 
observed at M = 0-92 but not at M = 0.94). 

Even although the effects on the inner part of the wing may possibly be alleviated by an 
increase m Reynolds number, it appears likely that  wing C would continue to be poorer than 
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wing A at flight Reynolds numbers in respect of this more severe reduction in stability at 
CL = 0.5 to 0.6 at high Mach number. Hence for wing C, unless buffetting in flight sets an 
even lower limit, the ' break ' CL should represent a limiting usable CL at Mach numbers of 0" 9 
to 0" 95 for any likely choice of c.g. position and even if the tailplane retained its full effectiveness 
under these conditions. 

9. Discussio~¢ of Results at Low CL.--9.1. Lift-curve Slope.--The lift carpets for the three 
wings are given in Figs. 22 to 25 and the variation of (aCL/8c~)~ at low CL with Mach number 
is plotted in Fig. 26. Owing to the non-linear nature of some of the CL vs. ~ curves, it is difficult 
to obtain a consistent set of values of (aCL/~)~. Those presented in Fig. 26 are mean values 
over a range of CL from 0 to 0.2 and by this means, it is hoped that  some of the random errors 
that  would be present if the slopes at merely CL = 0 had been read off, have been eliminated. 

It will be noted that  there is a large difference between the values of (aCL/a~)~x obtained for 
the net exposed wing C in the presence of the half-fuselage and for the gross wing-body combina- 
tion. This difference is present to about the same extent at all Mach numbers and so it is sufficient 
to compare the measured values of ( 8CL/a~)M obtained in the tests at M = 0.18 at high Reynolds 
number with the estimated values derived from the: calculated spanwise lift distributions given 
in Fig. 32. It  is found that:  

measured value of (~CL/~)~ for net wing* ----- 3-40 

estimated value of (OCL/a~)~ for net wing* = 3.30 

measured value of (aCL/ao~)M f6r gross wing = 2.95 

estimated value of ( aCL/a~)M for gross wing = 3.10. 

It  appears therefore that  the difference between the results for the gross and net wings is con- 
siderably greater than  would be estimated because the measured values of (~CL/~c~)~ are 
apparently about 3 per cent too high for the net wing and 5 per cent  too low for the gross wing. 

It  is possible to account for both these discrepancies, at least partly, by weaknesses in the 
experimental technique: 

(a) In the ' net ' wing test, the true aerofoil section is retained on the wing stub for some 
distance below the wing-body junction and the passage between the wing is almost 
straight. The flow photographs have shown that  there is evidently some airflow over 
the stub and hence the part, having an aerofoil shape, probably develops some lift, 
thereby increasing the overall value of ( aCL/~)M, when based on merely the net wing 
area. Also, the local values of (aCL/ac~)~ on the wing-root sections may be increased 
somewhat by the effect on the boundary layer of the outward flow through the gap 
and over the rear of these sections. 

(b) In the ' g r o s s '  wing tests; the half-fuselage was almost entirely in the tunnel-floor 
boundary layer and so would not develop its full lift. 

The values 6f ( OCL/aO:)M for the ' net ' wings A and B should also be about 3 per cent too high 
in the same way as for wing C. The difference between the values for A and B is almost exact ly  
the same as would be predicted for the change in aspect ratio from 3.1 to 3.5 and similarly, the 
difference between the values for A and C can be almost accounted for by the change in plan-form, 
i.e., the change in section shape appears to have little effect below the Mach number for lift 
divergence. 

The peak values of (OCL/O~)M for all three wings are reached at about M = 0.92. 

9.2. Aerodynamic-Centre Position.--The variation of (-- OC,,/aCL)M with Mach number is 
stlown in Fig. 26. This figure is only intended to present the broad comparison because the 

* In  presence of fuselage. 
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values of (-- OC,,J OCL)M are mean values for the range of CL from 0 to 0.3. Particularly at high 
Mach number, there is a significant increase in (-- OC,n/OCL)M with CL even in this limited range 
and so the values at any given CL may differ from those shown in Fig. 26. 

In the ' subcritical ' range up to M-" -0 .88 ,  the aerodynamic centre moves back by about 
0.03g. At higher Mach numbers, as a shock wave forms first at the higher incidences, a more 
rapid rearward movement occurs and by M = 0.94, averaging the restllts for the wings, it is 
about 0.075g further aft than at low Mach number. 

It  may be noted that  comparisons for other models have shown that  the measured aerodynamic 
centre positions for the gross wing-body combination may be about 0.03~ further back than the 
true position as obtained in a complete model test. The variation with Mach number should not, 
however, be in error. 

9.3. Drag.--Curves of CD vs. Mach number at constant C~ for the three wings are given in 
Figs. 27 to 30. 

The differences in CD between wings A and B can be largely accounted for by the effect of the 
change in aspect ratio on the induced drag. There is no significant change in the induced drag 
factor ~, where CD = CDO + (~/~A)CL ~" or  on the drag-divergence Mach number at any value 
of CL. 

The more interesting comparison is between the results for wings A and C (see Fig. 31) which 
shows the effect of the change in section shape. It is found that: 

(a) at low and moderate Mach numbers, wing C gives the larger increase of CD with CL. 
This is caused first by the larger forward movement of transition position on the upper 
surface with CL and second, because at R = 2 × 106, the separation over the outer 
sections occurs at a lower CL with wing C. The differences in CD at low Mach numbers 
between the two wings should not be so marked at higher Reynolds numbers. At high 
Mach numbers, however, scale effect should have less influence. Because of these two 
conclusions, the results at high Mach number should be judged by a comparison of 
the Mach numbers at which a given value of C~ is attained rather than of the Mach 
numbers  for a given A CD above the value at low Mach number. 

(b) the steep drag rise for any  value of CL from 0.2 upwards occurs at a Mach number about 
0.03 higher for the wing A with the RAE 101 section than for the other wing with its 
maximum thickness further aft at 0.38c. The test Mach number range did not extend 
to high enough values to give a quantitat ive comparison near CL = 0 but the gain 
with the RAE 101 section is then probably about the same as at higher values of CL. 

This result is similar to what was found previously 1 with the 10 per cent thick, moderately 
tapered wings with 40 deg sweep but the advantage for the RAE 101 section is greater in the 
present case (0.03 rather than 0.09. in Mach number) .  A detailed analysis of the reasons for the 
better  performance with the maximum thickness forward near 0.3c can be found in Ref. 7. 
Briefly, the effects of tile higher values of (-- Co) with such a section are more than offset by the 
effects of the greater sweep of the isobars near where the main wave shock forms and over  the 
forward part of the sections on the inner half of the wing. The net effect is that  the drag rise 
with Mach number on both the inner sections and those near mid-semi-span is considerably 
delayed. 

It  thus seems that  for a wing of the present type of plan-form, the drag and pitching-moment 
results both favour the use of the RAE 101 shape rather than a section with its maximum thick- 
ness further back. 

10. Principal Condusions.--The most important feature of these results is that  for all three 
wings, throughout the Mach number range of the tests, there is a serious reduction of longitudinal 
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stabi l i ty  at values of CL well below the ac tua l  CL maX- At low Mach number ,  the re  is a reduct ion  
in (--  aCm/OCL)M of 0" 25 or more above about  CL = 0" 85, whereas  the  value of CL max is be tween  
1.05 and  1- 1 ; at high subsonic Mach numbers  (e.g., 0 .9  to 0.95),  the  reduct ion  in s tabi l i ty  occurs 
near  CL = 0"5 to 0"55. 

The  flow pa t te rns  at high CL and  low M a c h  n u m b e r  have  been s tudied  in detail  and  are 
discussed in sections 6.1 and  6.2. Briefly, at  some incidence, the  l aminar  b o u n d a r y  layer  separates  
from near  the leading edge n e a r  the inboard  end of the  curved  tip (vl = 0.85) and  wi th  a fur ther  
increase in incidence,  the  area affected b y  this separa t ion extends  inward  and  rearward.  A par t -  
span vor tex  sheet  originates f rom near  the  leading edge at  the  inboard  end of this region of 
separa t ion and  trails back  across the  wing, the  project ion of the sheet  in the  wing surface being 
bent  outward,  in general  at an angle of about  20 deg to the free-s t ream direction. 

The  results at  low Mach n u m b e r  are subject  to considerable scale effect be tween  R = 2 × 10 ° 
and  R ---- 6 × 106 and  this appears  to be largely associated wi th  a var ia t ion  wi th  R~, the  Reynolds  
n u m b e r  based on the  local chord, of the  value of CL crit, the  local CL at which the b o u n d a r y  layer  
first separates on the  section being considered. The results suggest, however,  t ha t  CL cr~t is near  
1 .0  and  becomes v i r tua l ly  independen t  of Rz for R~ > 5-5 × 106 for the  section of wing C and  
possibly Rz > 4 .0  × 10 ° for wing A wi th  the  7 .5  per cent  thick, R A E  101 section. Consequently,  
it is t hough t  t ha t  the results at low Math  n u m b e r  ob ta ined  at a mean  Reynolds  n u m b e r  of 
R = 6 × 106 should, wi th  cer ta in  reservat ions as detai led in the test, be applicable to full-scale 
conditions.  The principal  results are: 

(a) the b o u n d a r y  layer  first separates and  a par t - span  vor tex  sheet forms at  about  
CL = 0" 7 giving an increase in (CD -- OCL"/aA) with CL and initially, while the  vor tex  
sheet lies close to the  tip, a nose-down change in C,,, 

(b) the first serious reduct ion  in s tabi l i ty  occurs near  Cc = 0 .85  and is largely associated 
wi th  the inward  m o v e m e n t  of the vor tex  sheet 

(c) this reduct ion in s tabi l i ty  becomes accen tua ted  and  there  is also a s teeper  increase of 
(CD -- OCL2/aA) and  a m a r k e d  decrease in (aCL/ao:)lv± above about  CL =: 0.95.  These 
effects are associated wi th  the  increase in the dead-air  region near  the  tip; the  reduct ion 
in (--  OC,,,/OCL)M is be tween 0 .25 and 0 .5  

(d) the value of CL m a x  is be tween  1.05 and  1.1 and  is higher t h a n  for t h e s e  sections in two- 
dimensional  flow. The re la t ively high values are t hough t  to be associated wi th  the 
cont inued  influence of a par t - span  vor tex  sheet or iginat ing from near  the wing-root  
leading edge 

(e) the  spanwise centre  of load moves inboard  above about  CL = 0 .8  and near  CL ..... is 
about  0" 05 × semi-span fur ther  in t han  at low CL 

(f) in most  of these respects, the  R A E  101 section appears sl ightly superior to the section 
of wing C. 

The basic na ture  of the stall appears  to remain  una l t e%d up to about  M = 0 .85 bu t  even in 
the tests at R = 2 × 106, the various effects, par t icu lar ly  the init ial  separa t ion near  the tips 
t end  to occur at lower values of CL as the Mach n u m b e r  is increased. This t endency  would  
p robab ly  be more m a r k e d  a t  a higher  Reynolds  number .  At R ----- 2 × 106, M ---- 0.85,  the  
separat ion near  the  tips occu r s  above  about  CL = 0 .3  and  a reduct ion  in s tabi l i ty  occurs near  
CL = 0-45, though  the  reduct ion  in s tabi l i ty  is m u c h  milder  t han  at low M ach number .  

Above M = 0.85,  the flow characteris t ics  over the  outer  sections change and  by  M = 0-91, 
the  flow appears  to adhere  round  the leading edge of the  outer  sections at all values of CL. The 
reduct ion  in stabili ty,  which  now occurs near  CL --=- 0 .5  appears  to be ma in ly  associated wi th  a 
shock- induced separat ion over the  upper  surface of the outer  sections, coupled wi th  a forward 
m o v e m e n t  of this shock wave.  The reduct ion  in (-- OC,J OCL) M for wing A wi th  the  7 .5  per 
cent  thick, R A E  101 section is about  0 .10  but  for wing C, it is about  0.20.  
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Two contributory reasons can be suggested for the poorer characteristics with wing C at high 
CL and high Mach number: 

(i) The separation over the outer sections would be expected to give a more serious reduction 
in (aC~/a~)M for sections with their maximum thickness near 0.4c than for those like 
RAE 101 with a position near 0.3c 

(ii) A separation near the leading edge of the inner sections and a part-span vortex sheet 
from near the wing-root leading edge also occur near CL = 0.6 with wing C up to 
about M -- 0.93 whereas, with wing A, this does not occur below about CL = 0.8. 

The increase in aspect ratio from 3.1 to 3.5 has little effect on the values of CL at which 
reductions in longitudinal stabili ty occur but considerably augments the magnitude of these 
reductions. 

The steep drag rise with Mach number occurs at Mach numbers about 0.03 higher with the 
RAE 101 section than with the section of wing C, thus confirming tha t  a maximum thickness 
position near 0.3c is preferable for a moderately tapered, swept wing, such as those considered 
here (in agreement with the results of earlier tests with 10 per cent thick wings of 40 deg sweep). 
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A P P E N D I X  TO PART I 

Detailed Description of Flow-Visualization Technique 

In the present tests, the wing was coated with a thin film of t i tanium oxide suspended in light 
diesel oil (Dieselene). The choice of oil depends on the wind speed of the tests which was 
here about 300 ft/sec. For lower speeds, paraffin would be preferable while for higher speeds, 
a heavier oil would have to be used. Titanium oxidewas used rather than lampblack for several 
reasons, e.g., the wings were painted black for photographic purposes and so a white powder was 
required; it is a clean powder, in good supply and is one of the least hygroscopic powders available. 
Other reasonably good alternatives are zinc oxide and Kaolin. Oleic acid was added to the 
suspension to act as an agent for dispersing the moisture round the titanium-oxide granules, thus 
helping to prevent coagulation. The relative amounts of the different constituents should be 
approximately 100g of t i tanium oxide to 135 c.c. of Dieselene with about 2 c.c. of oleic acid. 

It is important that  the t i tanium oxide and Dieselene should be carefully mixed. A thick 
paste was first formed and a smooth mixture obtained by means of a spatula. The oleic .acid 
was then added and then finally, a little more Dieselene. 

The wing surface was moistened with Dieselene, using a silk or Rayon cloth, and a thin film 
of the mixture brushed on to the wing. This was then wiped with a lightly oiled cloth to give an 
even, relatively dry, finish that  should not affect the position of transition. If the film was left 
too wet, transverse wavelets of paint appeared when the tunnel was run up to speed, or else it 
was found that  the oil did not flow evenly but formed a number of discrete ' rivers '. If, on the 
other hand, the film was applied satisfactorily, a fine indication was obtained of tile whole flow 
field over the wing surface and not merely of those regions where large changes in flow velocity 
or direction occurred. 

The film remained unaltered indefinitely, prior to starting the tunnel, i.e., the oil showed n o  
tendency to trickle down the wing under gravity or to dry off. Hence, it was possible to carry 
out tests not merely at atmospheric pressure, when the tunnel could be started almost 
immediately after coating the wing, but also when the tunnel was pumped up to give.a higher 
Reynolds number at low Mach number, when there was a delay of possibly over an hour before 
the tunnel was started. For example, in the present tests, the technique was applied successfully 
to obtain flow patterns over wing C at R -~- 6 × 10" for four incidences. 

The main difficulty in using this technique under conditions of increased or reduced pressure 
in the RAE 10-ft × 7-It High-Speed Tunnel is the time factor in making the experiments. The 
model has to be set at the required incidence before starting the tunnel and it was not found 
possible to investigate more than one incidence at a time. This is the reason why more tests 
were not made at high Reynolds numbers and why the technique has not yet been developed 
for use at high Mach numbers. Some development is needed for the latter case but the problem 
should be soluble in the case of the RAE 10-ft × 7-ft High-Speed Tunnel by the use of a heavier 
oil. 

The flow patterns were photographed both during the test while the oil was still flowing and 
at the end when the pattern had dried out. 
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Part II 

Tests in the Royal Aircraft Establishment 
I o-ft x 7-ft High-Speed Tunnel on a 7-5 per cent 

Thick,  5o-deg Swept Wing  Fitted with Stall Fences 
and a Leading-Edge Chord Extension 

Summary.--Various alternative devices have been fitted to a 50-deg swept-back wing with 7.5 per cent thick, 
RAE 101 sections in attempts to improve the longitudinal stability characteristics of the wing at high values of CL at 
both low and high ~ach number, as shown by tests in the RAE 10-It × 7-It High-Speed Tunnel. This report discusses 
the results obtained in turn with various stall fences (with a total height from top to bottom equal to 1.2 and 2.4 × the 
local wing thickness), placed at 0.56 × semi-span and with a leading-edge chord extension from 0.56 to 0.885 × semi- 
span. 

Measurements of lift, drag, pitching moment and root bending moment were made for all configurations at various 
Mach numbers from 0-5 to 0.95 at R = 2 × 106 and for the three basic cases: plain wing, wing with full large fence 
and wing with leading-edge chord extension at M = 0-2 for three Reynolds numbers between 2 × 106 and about 
6 × 106. Flow visualization tests were made by an oil-flow technique at R = 2.5 × l0 G and M = 0.2 for the same 
three basic cases and by means of surface tufts over the full Mach-number range for the plain-wing and for the wing 
with chord extension. 

The full large fence increased the value of CL for tile serious reduction in stability by 0" 15 to 0.2 for all Mach numbers 
up to about 0.9 but at M = 0.94, it was quite ineffective. Similar results were obtained when the fence round the 
lower surface aft of 0.05c was removed and the drag increment at low CL was then about/ICD = 0.001 for all Mach 
numbers up to M = 0" 94. It is suggested that a multiple fence arrangement (with additional fences further inboard) 
might produce somewhat better results at high values of CL. 

The major reason for the effectiveness of the fence for M ~ 0.9 is that it prevents the separation of the laminar 
boundary layer near the leading edge of the sections immediately outboard of the fence and so the part-span vortex 
which occurs at high CL is located near the fence. This vortex sheet lies across the outer wing sections and effectively 
limits the rearward extent of the dead-air region on the sections outboard of its origin. 

With the chord extension, the reduction in stability at low Mach number and at a Reynolds number of 5 "6 × 106 
occurs at a lower value, of CL than for the plain wing but is smaller in magnitude. A large gain in stability, due to the 
extension, is apparent at R = 2 × 106 for Mach numbers up to 0.9 but in view of the results at low Mach numbers, this 
may not be realized at higher Reynolds numbers; at R = 2 X l0 G, the chord extension is ineffective at M = 0.94. 

Despite these results, the analysis shows that the concept of a leading-edge chord extension over the outer sections 
has notable advantages and provided that the leading-edge shape of the extended section is modified to give peak- 
suctions for a given CL no higher than for the original section and provided that the outer end of the extension is not 
]ocated just inboard of the tip, useful gains might well be recorded. Correctly applied, a leading-edge extension should 
give better results than a fence. 

1. Introduction.--Tests h a v e  been  m a d e  (see P a r t  I) in t he  R .A .E .  10-ft x 7-ft  H i g h - S p e e d  
T u n n e l  on  th ree  ha l f -wings  h a v i n g  the i r  q u a r t e r - c h o r d  line swep t  b a c k  a t  50 deg, a t h i c k n e s s / c h o r d  
ra t io  of 7 . 5  per  cent ,  a n d  aspect  ra t ios  of 3 .1  a n d  3 .5 .  The  m o s t  o u t s t a n d i n g  resul t s  f rom these  
t es t s  is t h a t  for all t he  wings,  a t  b o t h  low a n d  h igh  subsonic  Mach  number s ,  a serious r e d u c t i o n  
in l o n g i t u d i n a l  s t a b i l i t y  occurs  for va lues  of CL t h a t  are cons ide rab ly  below CL max. 

Bas ica l ly ,  the  r educ t ions  in s t ab i l i t y  a t  h igh  CL are r e l a t ed  to t he  fac t  t h a t  t h e  first  serious 
s epa ra t i on  of flow occurs  far  ou t  on the  wing  nea r  the  t i p s .  This  is l a rge ly  a consequence  of the  
shapes  of t he  spanwise  a n d  chordwise  loadings  over  t he  wing  a n d  is a f u n c t i o n  of b o t h  t h e  wing-  
p lan  g e o m e t r y  and,  as shown  in Refs.  10 a n d  11, of the  wing  suc t ion  shape.  I n  genera],  t he  effects 
a t  low Mach n u m b e r  are a g g r a v a t e d  for sect ions  h a v i n g  e i the r  a smal l  l ead ing-edge  rad ius  or a 
r ap id  change  in slope close to  t he  l ead ing  edge while  a t  h igh  Mach  number s ,  t he  r e d u c t i o n  in 
s t ab i l i t y  is more  severe if t he  sect ions on the  ou t e r  p a r t  of the  wing  h a v e  a f a r -back  pos i t ion  for 
t he  m a x i m u m  th ickness .  

I t  t h u s  appea r s  t h a t  t he  s t a b i l i t y  charac te r i s t i c s  a t  h igh  CL for  these  wings are undes i r ab l e  
in t hemse lves  a n d  also m a y  set  too low a l imi t  to  t he  va lues  of CL t h a t  m a y  be used  e i ther  for  
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landing or for manoeuvring at high Mach number. The most effective method at least, at low 
Mach number, for improving the characteristics at high CL should be to adopt a suitable com- 
bination of twist and camber, varying with position along the span. It  is of considerable practical 
interest, however, to investigate whether worth-while improvements can be obtained by a less 
radical change, i.e., by making some modification to the original design with symmetrical sections 
and no twist. A series of tests has been planned, therefore, to  find the effects of various stall- 
fence arrangements, of a forward extension of the leading edge on the outer part  of the wing, of 
various forms of drooped nose with and without some local thickening of the leading edge and 
with and without appreciable forward extension of the leading edge, and of different types 
of vortex generators. Of the tests  so far made, ~che most successful has been with a drooped and 
thickened leading edge on the outer half of the wing but  the present report is concerned with the 
tests made earlier with the different stall fences and with the simple leading-edge chord extension. 
The remaining tests will be discussed in ! a t e r  reports. 

The discussion of the overall results at low Mach number is facilitated by reference to the 
photographs of the flow over the wing surface, as observed by  an oil-flow technique, using 
t i tanium oxide as an indicating agent. These photographs were obtained for three representative 
cases: the plain wing with no device fitted, the wing with the  largest of the stall fences tested and 
the wing with chord extension. Also, tests with surface tufts were made for various Mach 
numbers for the plain wing and for the wing with chord extension. Some of the photographs 
obtained in these flow-visualization tests are included in this report. 

The tests discussed here were made at various times between May and December, 1952. 

2. Desigi¢ of Wing, Femes and Chord Extension.--The plan-form of the wing used for these 
tests is shown in Fig. 36. The main features are tha t  the sweepback of the quarter-chord line 
is 50 deg, the gross aspect ratio (for the wing with the tip squared off) is 3.1 and the taper ratio 
(obtained on the same basis) is 0.36. Near the tip, the leading edge is curved according to tile 
' Kuchemann-type ' fairing shape, extending in from the tip for a distance equal to one third 
of the basic tip chord (see Fig. 36). The wing sections are 7-5 per cent thick and of the RAE 101 
shape throughout the span. The half-wing was tested in the presence of a half-fuselage which, 
opposite the wing, was of elliptic cross-section with no special shaping of the wing-body junction. 
Leading dimensions of the wing and body are given in Table 3 and the ordinates of the wing 
section in Table 4. 

All the fences were mounted in turn at the same spanwise position, viz., O. 56 of the gross 
semi-span. There is no aerodynamic significance in the choice of this location, which was deter- 
mined by practical considerations for a particular type of aircraft with a similar design of wing. 
On the other hand, this choice of position was found to be aerodynamically very sound. 

F i v e  fences were tested and these are shown in Fig. 37. Two basic heights of fence were 
compared, i.e., for a complete fence extending round both the upper and lower surfaces, the two 
heights were 1.2 and 2.4 x the local wing thickness. Alternatively, if h is the total  height of the 
complete fence and s is the total  wing span (i.e., 2 × model span), the values of the ratio h/s are 
0.029 and 0.0585. Details of the fences are given in the following table: 

Fence 
(see Fig. 37) 

A 

B 

Height of 
corresponding 
complete fence 

1 . 2 t  

(t = local wing 
max. thickness) 

1 • 2 t  

Description of fence 

Upper surface only. Extending aft from maximum 
thickness position (0.31c) to 0.02c behind trailing 
edge 

As fence A, but on both surfaces instead of upper 
surface only. 
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Height of 
Fence corresponding Description of fence 

(see Fig. 37) complete fence 

C 1.2t Both surfaces. Extending from 0-1c ahead of 
leading edge to 0.02c aft of trailing edge 

D 2.4t Similar to fence C but of double the height. Subse- 
quently referred to as the ' fulMarge ' fence 

E 2.4t Upper surface as for D. Lower-surface fence 0.3t 
deep and only ahead of the section (see Fig. 37) 

The leading-edge chord extension is applied over that  part of the wing, outboard of ~ ---- 0.56 
that  has a straight leading edge, i.e., it extends from ~ = 0.56 to ~ = 0.88.~ or between sections 
AA and BB in Fig. 36. The amount of the forward extension is 0.1 × local chord and details 
of the extended shape are shown in Fig. 38 and the ordinates are given in Table 4. The new 
shape is, basically elliptic and blends into the original section at 0.2c behind the original leading 
edge. The leading-edge radius of the extended section is only 0. 0028c compared with 0. 0043c 
for the original section and so can be considered as typical of a wing with a thickness/chord ratio 
of 6 per cent. 

3. Details of Tests.--3.1. Manufacture and Mounting of Model (see also Part / ) . - -The  half- 
wing and body were made of compressed wood (Hydulignum) and the fences were made of sheet 
brass, about 0.10 in. thick. 

The wing and body were mounted separately, the wing passing through the body and the floor 
of the tunnel and being mounted on the balance-plate of the six-component mechanical balance 
under the working-section. The body was attached to the floor of the tunnel. The balance, 
therefore, only measured the forces and moments on the exposed net wing outside the body. 

3.2. Range of Tests.--Measurements of lift, drag, pitching moment  and root bending moment 
were made for all the configurations over a range of Mach numbers from 0.50 to 0.95 at a 
Reynolds number, based on the gross mean chord, of 2 × 106. Measurements were also made 
at low Mach number (M = 0.18) for three Reynolds numbers between R = 2 × 106 and 
R m_ 6 × 10 ~ for three configurations: plain wing, wing with large stall fence D and with the 
chord extension. 

For the latter three basic configurations, fl0w-visualization tests were made at R -~- 2.5 × 10 ", 
M-----0-2. This technique has not yet been developed for use in this tunnel at high Mach 
numbers and so in two cases, the plain wing and the wing with chord extension, tests were also 
made with surface tufts up to ,Mach numbers of 0.95 and 0.92 respectively. The plain wing was 
also tested with tufts at low Mach number and high Reynolds number (e.g., R = 6 × 10"). 

3.3. Reduction and Correction of Results.--The values of CL, CD and Cm.are based on the area 
and mean chord of the net plain wing*, i.e., no difference was made in the case of the wing with 
chord extension even though this involved a 3.3 per cent increase in the net wing area. The 
values of Cm are related to the mean quarter-chord point of the net plain wing. The root bending 
moments have been used to find the spanwise position of the centre of load of the net wing and 
when plotted, this is related to the aircraft centre-line. 

Corrections were applied for the effects of blockage and tunnel constraint. The corrections 
for blockage were calculated by the method of Ref. 4. None of the changes in configuration 

* Erroneously, the values used refer to a wing with square tip but this should have a negligible effect on the results 
as discussed later. 
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materially affected the blockage and the same corrections were used for each test. 
of A M are given in the following table: ~. 

Typical values 

Mc 

0 ° 

8 ° 
14 ° 

0-50 

0 
0 
0.001 

0.80 

O. 002 
O. 003 
O. 007 

0.90 

O. 006 
O. 010 
0.018 

0"94 

0.014 
O. 021 

4. Results for Plain Wing.--The stalling characteristics of the plain wing are discussed in 
detail, together with a full analysis of the flow patterns, in Part I. Results for the plain wing 
are included in Figs. 40 to 44 and Figs. 47 to 49. 

5. Effectiveness of Full Large Stall Fence (D. Fig. 37).--5.1. Effectiveness at Low Mach Number 
(Figs. 40 to 45).--5.1.1. Effects on overall results.--Before giving a detailed account of how the 
addition of the fence affects the flow characteristics at high CL, it is useful to state what  are the 
major effects on the overall results. These are as follows: 

(a) The addition of the fence completely eliminates the reduction in stability (and slight 
decrease in (aCdac~)M) that  occur for the plain wing at the higher test Reynolds 
numbers between CL = 0.5 and 0-7, prior to the occurrence of any separation near 
the leading edge. Since, as already suggested, this particular change in stability may 
not be present to the same extent for the plain wing at flight Reynolds numbers, this 
effect may not be of great significance in practice. 

(b) The initial nose-down change in C,,, and increase of (CD -- CL2/~A) and (OC d a~)M with 
CL, that  correspond with the first appearance of a separation near the leading edge 
and of apa r t - span  vortex sheet occur at about tile same CL (e.g., CL = 0.72 for 
R =- 6 × 106) with the fence fitted as for the plain wing and the results continue to 
be closelv similar for an increase in CL of about 0.1 above this value. 

(c) At higher values of CL, C~ is reduced significantly and also the reduction in stability is 
• both delayed to a higher value of CL and greatly reduced in magnitude as a result of 

fitting the fence. The value of C~ above which (-- OC,~/aCL)M is less than at low CL 
is improved from about CL ---0-84 for.the plain wing to about CL = 0-91 with the 
fence fitted. The subsequent reduction in (-- 3Cm/OCL)M does not exceed about 0.12 
in the CL range up to about CL = 1.08, i.e., up to almost CL m,x" Particularly as these 
results do not include the effect of a tailplane, it is not possible to assert categorically 
whether this reduction of stability would be acceptable or not but there is at least some 
hope that  it would be so. Certainly the trim changes are not appreciable because the 
nose-up change in C,,, above CL = 0.91 is only about the same as tile nose-down 
change between CL = 0- 7 and CL = 0" 9. Therefore, if the usable CL m a x  is determined 
for both configurations by these changes in stability, the addition of the fence should 
certainly improve it by 0.1 and there is some hope that  the gain would be about 0.2, 
i.e., from about CL ----- 0.85 to about CL = 1.05. The reduction in CD owing to the 
fence a t CL = 1.05 amounts to 0. 035. 

(d) The tests for the wing With fence were not extended to a sufficiently high incidence to 
determine the effect of the fence on tile value of CL max. 

(e) The inward movement of the spanwise centre of load at high CL is delayed and con- 
siderably reduced by the addition of the fence, e.g., for C~ = 1.05, R -- 6 x 106, it is 
only about 0.02 × net semi-span further in than at low CL, rather than 0.06 as for 
the plain wing. 
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5.1.2. Detailed analysis with aid of flow photographs.--Basically, the chief effects of a fence are 
that  it results in a modification of the spanwise and chordwise loadings on the wing and that  
it acts as a barrier to the spanwise drift of the boundary layer, thus in part icular  reducing the 
thickness of the boundary layer over the rear of the upper surface of the sections just outboard 
of the fence. 

The latter has frequently been quoted as the chief reason for using a fence and this is probably 
true in the case of a swept wing of high aspect ratio or of a swept wing with a spanwise distri- 
bution of camber and twist such that  the stalling of the outer wing sections is by  a turbulent 
separation from the rear. In the present case, it appears to be the reason why the fence almost 
completely eliminates the reduction in stabil i ty which is found to occur for the plain wing between 
about CL = 0.5 and 0.7 at- the higher test Reynolds numbers. This suggestion is supported 
by the, evidence of the flow patterns (Figs. 44 and 45) which show that  the direction of the flow 
lines immediately outboard of the fence is much closer to that  of the free stream than for either 
the sections inboard of the fence or for this part  of the wing in the absence of the fence. 

As seen above in section 5.1.1, however, the more important  effects of the fence are those that  
occur above CL = 0.7 and it will be shown below that  these can be related to the changes in 
chordwise and spanwise loading owing to the fence rather than to its prevention of boundary- 
layer drift from the inner to the outer sections. 

The effect of the fence on the spanwise lift distribution on the wing has been calculated by the 
method of Ref. 12 with the result shown in Fig. 39. The local lift is decreased outboard of the 
fence and increased inboard but  the magnitude of these changes is fairly small because of the 
relatively low value of the ratio of the fence height to wing span (h/b = 0.058). For example, 
outboard of the fence, the peak value of (CL/o~) is reduced by only 2 per cent and even at a distance 
of only 0.02 × net semi-span from the fence, its effect is only about 4 per cent. 

The more important  effect of the fence is the way in which it modifies the shape of the chordwise 
loading in its vicinity. Outboard of the fence, as at the wing root, t he  chordwise loading is 
flattened while inboard of it, the peak suction near the leading edge for a given CL is increased 
as near the wing tip. Pressure-plotting tests on a wing wi th  a similar size of fence (in relation 
to the wing chord) have shown that  about 50 per cent of the full reflection effect is obtained close 
to such a fence. The effect is significant within about 0.05 × net semi-span of the fence. 

A close correlation can be established between these estimated effects of the fence on the 
loading over the wing and its effect on the extent of the regions of flow-separation at various 
incidences at R ---- 2-5 × 10 °, as deduced from the flow photographs in Figs. 44 and 45. As 
before it can be assumed that  the origin of a part-span vortex sheet near the 'wing.leading edge 
corresponds to the inner end of the region where the boundary layer has separated. The positions 
of the origin of the vortex sheets at different incidences for the wing witt{ and without the fence 
(at 0.5 × net semi-span)are compared in the following table: 

Incidence 
(deg) 

8 
12 
13 
14 
15 
16 

Posi t ion of origin of vor tex  sheet  as 
fract ion of ne t  semi-span (R = 2 .5  × 10 G) 

Pla in  wing 

Abou t  0-9 
0"68 

0 .52  

0 .19 

Wing  with  fence 

Abou t  0-9 
0 .70  
0 .66  

0-60 and  0 .36 
0 .56 and 0.15 
0:54 and 0 .10  

It  follows from this comparison that:  
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(a) The fence has no significant effect on the incidence at Which separation first occurs near 
the tip and at which a part-span vortex sheet forms. This is consistent with the 
conclusion above that the fence has a negligible influence on the spanwise and chord- 
wise loadings near the tip. It  also explains why the initial nose-down change in C,,, 
and increase in (CD -- CL"/=A) with CL occur at the same CL and initially to tile same 
extent when the fence is fitted as for the plain wing. 

(b) The subsequent inward movement  of the vortex sheet is first gradually retarded as a 
result of the effect of the fence on the spanwise loading* and then virtually halted 
when the origin of the vortex sheet is located a little way out from the fence. This 
implies that  the effect of the fence on the chordwise loading over the wing just outboard 
of it is sufficient to prevent the boundary layer separating near the leading edge there, 
at least, for incidences up to ~ = 16 deg. This effect is similar to what has already 
been observed to occur at the root of the plain wing. 

(c) The importance of this last effect (b) is greatly enhanced by the fact that  the vortex 
sheet, when it originates from just outboard of the fence, is effective in limiting the rear- 
ward extent of the dead-air region on the sections further outboard. This is because 
the vortex sheet is of the usual characteristic shape, being bent outward relative to 
the free-stream direction at an angle of about 20 deg and so, as shown in Fig. 45, when 
it originates from just outboard of the fence (~ ---- 0.5), it crosses the wing trailing 
edge at about ~ ---- 0.85. It  follows that  though the fence has little influence on the 
incidence at which separation first occurs on the outer sections, it exercises a con- 
siderable influence, through the medium of the vortex sheet, outboard of it, on the 
rearward growth of this separation and that, as regards the overall effect of the fence, 
this is more important than its effect on tile spanwise extent of the separation. The 
large total reduction in the area of separation at these incidences can be seen by 
comparing the photographs for ~ ---- 16 deg in Figs. 44 and 45. These results are a 
good illustration of how, on a swept-back wing, the rearward extent of a dead-air 
region is not merely determined by the factors that  apply in two-dimensional flow, such 
as a transition to turbulence in the separated layer. 

(d) Another important consequence of the vortex sheet being ' anchored ' from a point just 
outboard of the fence is that  the additional lift due to it occurs further out on the wing 
than if it had moved in as for the plain wing and occurs mostly behind the moment  
reference axis. It  is thought that  the height of the vortex sheet is considerably greater 
than that  of the fence tested and so the additional lift induced inboard of it should be 
correspondingly greater. 

(e) It is likely that  at some higher incidence, the area of separation outboard of the fence 
does finally extend considerably. From the overall results, i t  seems that  this may 
happen near CL ---- 0 . 95 at R = 2  × 106 or C L =  1 . 0 8 a t  R ~ - 6  X 10Gt. A n e x t e n -  
slon of the area of separation may result in one of two ways: either the flow may 
separate near the leading edge of even the sections immediately outboard of the fence, 
thus leading to the disappearance of the vortex sheet outboard of the fence or it may 
result from simply a decrease at tile higher incidences in the strength of the vorticity 
in the part of the sheet close to the wing surface. 

(f) Just inboard of the fence, the flow would be expected to separate at a lower inc idence  
when the fence is fitted because of both the increase in the local CL there (Fig. 39) and 
the increase in the value of (-- C~)m,x for a given CL, owing to the partial ' tip-kink ' 
effect. This is confirmed by the flow observations since signs of a separation just 
inboard of tile fence are first evident (at R ~- 2.5 × 106) near ~ ---- 10 deg, compared 
with ~ ----- 14 deg for this section in the absence of the fence. Hence, from ~ ---- 10 deg 

* Tile effect of the fence on the position of the origin of the vortex sheet at ~ = 14 deg is equivalent to the change in 
local CL (Fig. 39), i.e., the separation is occurring at the same local CL when the fence is present as when it is not. 

t This effect certainly occurs in the test CL range at  Mach numbers of 0.5 and above when a final abrupt  reduction in 
stability may  be observed (see Fig. 51a and section 5.2). 
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to at least c~ = 16 deg, two part-span vortex sheets are present in the flow about the 
w ingwi th  fence. For all incidences, as shown in the table in section 5.1.2, the vortex 
sheet on the inner hal! of the wing with fence is further in than the vortex sheet on the 
plain wing. The reduction in (OCL/O~)u and increase in CD for the inner sections for 
incidences up to ~. ---= 16 deg at R = 2.5 × 10 G should be greater as a result of fitting 
the fence ar/d as regards CD, this part ly offset the improvement achieved further 
outboard. No adverse effect on Cm results, however, because the additional loss of lift 
occurs near or ahead of the wing aerodynamic centre. 

I t  is clear from the above description that  the spanwise position of the fence is an important  
factor in determining its effectiveness. The possible effect of a change in its position from that  
chosen for these tests is discussed later in section 6.2. 

5.2. Variation of Effectiveness with Mach Number (Figs 51 and 52).--5.2.1. UP to about 
M = 0 .88 . - - I t  appears from the C,,, vs. CL curves in Fig. 51a that  the nature of the improvement 
due to the fence in the Mach-number range up to about M = 0.88 remains similar to that  at low 
Mach number, as already discussed, e.g.: 

(a) The fence has little effect on the initial nose-down change in Cm and appreciable increase 
of (CD-  CL2/z~A) with CL which occur above about CL = 0.4 at M = 0.5 or 
C L = 0 " 3 n e a r M = 0 " 8 8 .  

• (b) The value of CL for (-- 0C,,/~CL)M = 0 as at low CL and low Mach number is improved 
by the addition of the fence by an amount  varying from about 0.05 at M = 0.5 (as at 
M = 0.2 for this Reynolds number) to 0.15 at M = 0.8 or about 0.2 at M = 0-88. 
In this respect, therefore, the effectiveness of the fence increases significantly with 
Mach number in this range until for M = 0.88, there is no reduction in ( -  acre~ OCL)M 
with increasing CL up to about CL = 0.7 at even the test Reynolds number of 
R = 2 ×  106. 

(c) The severe reduction in stability that  would probably be unacceptable, is delayed by the 
fence from about CL = 0" 65 to about CL = 0.8 (the actual value for the wing with 
fence decreases from about CL = 0.84 at M = 0.5 to Cc = 0.77 at M = 0.88). As at 
low Mach number, these values should be improved somewhat by an increase in 
Reynolds number. 

An interesting feature of the C,, against C~, curves for-the wing with fence is that  the final 
severe reduction in stability, when it occurs, is more abrupt than for the plain wing, particularly 
for M = 0.8 and above. As suggested under (e) in the previous section, the abrupt loss in stability 
probably corresponds with the disappearance (real or effective) of the vortex sheet lying across 
the wing sections outboard of the fence, which would permit a stidden increase in the area affected 
by the separation. This occurs either when the flow separates near the leading edge immediately 
outboard of the fence or merely when the vortex sheet effectively lifts off the surface. 

The gain in usable CL in this Mach-number range, owing to the fence, cannot be quoted precisely 
but it seems likely that, as at low Mach number, the gain is probably at least 0- 1 and may be as 
great as 0-2. 

5.2.2. Above M = 0.88.- -Above about M = 0.88, the improvement due to the fence 
progressively disappears until by M = 0.94 (Fig. 51b), the reduction in stability actually occurs 
at a slightly lower value of CL for the wing with fence than for the plain wing. This deterioration 
in effectiveness is also seen in the drag results (Fig. 52), whereas, for Mach numbers up to 
M = 0.88, the addition of the fence gives either a reduction in the drag-at high values of C~ or 
at least, a smaller increment t han  at low CL; for Mach numbers above 0-88, the drag is increased 
considerably for values of CL above CL = 0.5. There is also a significant reduction, due to the 
fence, in the value of CL for a given incidence at high Mach number and high incidence. 
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I t  thus seems tha t  the addition of the fence is of no benefit for those Mach numbers when the 
reduction in stabil i ty at high CL is largely caused by a shock-induced separation over the outer 
wing sections. In the absence of either pressure-plotting data or a test using tufts with fence 
present, a detailed analysis is not possible but  several factors can be suggested which, when taken 
together, should account for the ineffectiveness of the fence under these conditions: 

(a) As shown in Part  I, the observations with tufts on the plain wing suggest that  at high 
Mach numbers, no single strong part-span vortex sheet forms over the outer sections, 
presumably because the changes in (-- C~) with position along the span occur gradually 
rather than suddenly. Hence, at high Mach number, the fence is no longer able to 
influence the extent of the separation on the outermost sections (say, outward of 

= 0.65 to 0-7) in the same way as at low Mach number (see section 5.1.2). 
(b) The only other means by which tile fence could influence the  flow over these outermost 

sections, i.e., beyond tile immediate vicinity of the fence is by its prevention of the 
spanwise drift of the boundary layer from the inner half of the wing. On the other 
hand, it can be argued tha t  this is not likely to be of great significance while the shock 
wave and point of separation are well forward on the section. At higher Mach 
numbers than those reached in the present tests, when the shock wave, even at high 
CL, is likely to be nearer the trailing edge, some benefit from fitting the fence may 
result in this way. 

(c) At high Mach number, i t  does not necessarily follow that  the effect of the fence on even 
the flow over the sections immediately outside the fence is beneficial. The values of 
(-- Cp)m,x for a given CL should here be reduced at sub-critical speeds by the addition 
of the fence, but the reflection effect implies a loss of effective sweep. Hence the shock 
strength (and local drag) for these sections at a given CL at high Mach numbers may 
be increased by the fence. 

(d) The major reason why the fence actually increases the total  drag at high CL and high 
Mach number is, however, probably to be found in its effects on the flow over the 
sections inboard of it. All these effects act in the same sense of giving an earlier rise 
of drag with Mach numbers for these sections, viz., there is the increase in local CL and 
ill (-- Cp)m~ for a given CL at sub-critical speeds and the reduction in isobar sweep 
owing to the reflection effect similar to tha t  at the tip of a swept-back wing. For the 
plain wing, the tuft  photographs (Fig. 49) show that  at high Mach numbers, for values 
of CL just greater than tha t  for the reduction in stability, the severe separation appears 
to be confined to those sections outboard of roughly where the fence was fitted. With  
fence present, this is probably not the case and so the poorer results then obtained 
can be crudely ascribed to the fence having increased the proportion of the span over 
which there is a serious separation of flow (i.e., in direct contrast to the result at low 
Mach number). 

The relative ineffectiveness of the fence at high Mach numbers, when the separation over the 
outer sections is shock-induced, is in accord with the results of most wind-tunnel tests with fences 
on swept wings of moderate aspect ratio. On the other hand, the use of fences on some aircraft 
in flight has given improvements in the usable CL at high Mach number. This does not necessarily 
mean tha t  there is a discrepancy between flight and tunnel in this respect but it may rather be 
related to the basic performance of the wing without fence. For example, in the present case, 
the value of CL above which there is a reduction in stabil i ty has only decreased to about CL = 0.5 
at M = 0.94 but  in at least one case in flight in which a fence proved effective, this limiting CL 
for the aircraft without fence decreased from near CL = 0.6 at M = 0.88 to about CL = 0.25 
at M = 0.94. Hence it seems possible that  a fence is only really effective at high subsonic Mach 
numbers in applications where there is a very marked reduct ionwith  Mach number in the usable 
CL for the aircraft without fence. The wing-section shape, as well as the plan-form, would play 
a large part  in determining this. 

5.3. Drag Penalty at Low CL (Fig. 52).--The increase in CD at low CL from fitting the full 
large fence (D) is appreciable at all Mach numbers. Up to about M = 0.85, it amounts to 
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about A C ~ =  0. 002, compared with CD ---~ 0. 006 for the plain wing at CL = 0. Some of this 
increase in CD is presumably caused by a forward movement of transition on the sections of the 
model wing, inboard of the fence, and so the measured values of A Cv may be rather greater 
than those to be expected in flight with transition near the leading edge for even the plain wing. 

For CL = 0, 0.1, the increase in CD, owing to the fence, does not increase with Mach number 
up to M = 0.94 but for CL = 0.2 and 0.3, ACD increases to about 0. 0025 and 0. 003 respectively 
by M = 0.94. This increase in ACD with Mach number tends to occur just prior to the start 
of the steep drag rise for the plain wing at the same CL and should result from the earlier appear- " 
ance of a shock wave over the sections near the fence (particularly inboard of it). From the 
results for CL = 0-2, 0.3, it seems that  the reduction in the drag-divergence Mach number, 
owing to the addition of the fence is about 0.01 (a reduction of this order may also apply for 
CL -= 0 but this is beyond the test Mach-number range). 

6. Results for Other Fences Tested.--The effect of removing most of the fence round the lower 
surface of the wing is shown by comparing the results for fences D and E (Fence E extends just 
round the nose back to about 0.05c on the lower surface, as shown in Fig. 37). Results at low 
Mach number and R ----- 6 × t06 are not available for fence E but on the basis .of the C,, against 
CL curves for R = 2 × 106 in Fig. 51, it seems that  removal of the lower fence has no significant 
effect on the pitching-moment characteristics at any Mach number tested except that  the final 
loss of stability occurs more abruptly. There should certainly be little difference in the usable CL 
range. This conclusion might have been expected since the reflection effect on the upper-surface 
pressure distributions in the vicinity of the fence should not be affected by removal of the fence 
and also estimates by the method of Ref. 12 predict that  both fences should have about the same 
effect on the spanwise CL distribution. 

Fig. 52 shows that  removal of the lower fence is well justified by the fact that  generally, the 
drag increment with fence E is only about half that  for the full fence D, e.g., for CL = 0, 0.1, the 
value of ACD for fence E is only about 0.001 for all Mach numbers up to M ---- 0.94 and even for 
CL = 0.3, M = 0.94, ACD is only about 0.0015. 

Fence C is similar to the full large fence D except that  it is of only half the height, with the 
result that  tile top of the fence is only 0. !t above the wing at its maximum-thickness position. 
Comparing the results for fence C and those for the plain wing (Figs. 51 and 52), it appears that: 

(a) the fence gives little improvement at any Mach number in the value of CL above which 
there is some reduction of stability 

(b) at Mach numbers up to near M = 0-88, it delays the more severe reduction of stability 
by about 0.1 in CL, i.e., in this respect, it gives about half the improvement obtained 
with fence D 

(c) as for fence D, it becomes quite ineffective by M = 0.94 
(d) tile drag increment, ACD, is near 0.001 for all Mach numbers up to M = 0.94, for 

: CL values of 0.2 or less. The differences between the results for fences D and C are 
roughly as would be expected. 

Fences A and B (Fig. 37), which did not extend ahead of the maximum thickness, were tested 
before the others in the hope that  by  preventing the drift of the boundary layer over the rear of 
the sections, some improvement might be obtained in the stability characteristics at high Mach 
number but as might be predicted from the results for the full fence C, no improvement was 
actually obtained in the tests at R = 2 × 106. It is likely, however, that  even fence A (rear 
upper surface only) would have been as effective as the full large fence D in eliminating the 
moderate reduction in stability that  occurs with the plain wing at the higher test Reynolds 
numbers at low Mach number between C~. = 0.5 and 0.7 (Fig. 43). 
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7. Some General Thoughts on Suitable Fence Designs.~The discussion in sections 5 and 6 has 
shown that  it should be possible to make a rough prediction of the effectiveness at low Mach 
number of any fence arrangement on such a wing as this, by estimating its effect on the spanwise 
and chordwise loadings, according to the methods of Refs. 12 and 13. No detailed study has 
been made to find what is really the optimum arrangement for this wing b u t  it is important  to 
give some idea whether notably better results could have been obtained with some arrangement 
other than those tested and what are the main factors tha t  should be considered when assessing 
the effect of a variation in design. The principal features discussed here are the possible effects 
of changes in the shape and height of the fence and of its spanwise position on the wing and the 
possibilities of using more than one fence. The remarks should apply not merely to the particular 
wing design used  in these tests but  also more generally to other designs with a similar aspect 
ratio and thickness/chord ratio and with symmetrical wing sections and no twist. 

7.1. Effect of Shape of Feme.--It is clear from the results of the present tests tha t  it is not 
necessary to continue a fence round the lower surface aft of about 0.05c: to extend it further 
merely increases the drag penalty. Other possibilities, that  have been suggested in various 
particular examples, for reducing the size of fence (below that  for fence E, Fig. 37). while 
maintaining the same height, are to remove the rear part  of the fence aft of the wing maximum- 
thickness position on the upper surface or to remove the portion of the fence round the wing 
leading edge. 

I t  has been suggested that  the chief effect of the rear part  of the fence is to prevent the spanwise 
drift of the boundary layer and so, in the present model tests, it is responsible for the virtual  
elimination of tile first reduction in stabil i ty at low Mach number and the higher test Reynolds 
numbers above aboutCL ---- 0.5. At the higher Reynolds numbers of flight, a fence may not be 
needed to achieve this and then the rear part  of the fence might be removed with probably a 
further reduction in the drag penalty due to the fence. On the other hand, the rear part  of the 
fence would certainly be essential in those applications where the separation on the outer wing 
sections was a turbulent separation from the rear part  of the section or where the fence is effective 
in increasing the usable CL-range at high subsonic Mach numbers (see section 5.2.2). More 
generally, the rear part  of the fence may be needed in flight to improve the flow over the aileron 
or cure some buffetting trouble. The need for its retention cannot therefore be argued on the 
basis of merely wind-tunnel data. 

The need to extend the fence around the leading edge of the wing is in a different category. 
I t  has been seen tha t  the effectiveness of the fences tested here at Mach numbers up to near 
M ---- 0.9 appears to be derived principally from the decrease in the peak-suction values near the 
leading edge immediately outboard of the fence. I t  seems reasonable to suggest, therefore, tha t  
to maintain its effectiveness in this way, it is essential for the fence to extend round the leading 
edge in the present case. This conclusion would not necessarily be true if the fence were higher 
or were placed further out along the span* or in applications where the fence was being used to 
improve the stabil i ty characteristics at high Mach number. I t  it is possible, without loss of 
effectiveness, to remove the part  of the fence round the leading edge and to increase the fence 
height rearwards from zero, then this should be done in order to reduce the risk of buffetting. 
I t  is probably fair to conclude that,  in most cases, the fences will have to be extended-round the 
leading edge. 

The precise shape of the upper contour of the fence is unlikely to be of great significance 
aerodynamically. 

7.2. Effect of Spanwise Position of lVence.--It is immediately clear from Fig. 39 tha t  the 
position of the fence in these tests (0.56 × gross semi-span or 0.50 × net semi-span) is a quite 
reasonable choice. The fence is inboard of the peak in the spanwise CL distribution for the plain 
wing and so it effects a reduction (albeit small) in this peak value; the value of CL on the inboard 

* In both of these cases, the fence would have a larger effect on the local values of CL ill its vicinity and the decrease 
in CL outboard of it might be sufficient in itself to delay appreciably the leading-edge separation on the section just 
outboard of the fence. 
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side of the fence is not markedly in excess of the peak value in the distribution for the plain 
wing and also any premature separation that  may occur inboard of the fence should not result 
in a significant nose-up moment change about the wing mean quarter-chord point. 

The decision regarding the optimum choice of spanwise position for the fence depends largely 
on what reduction of stabili ty at high CL is acceptable. The choice depends therefore on such 
factors as the basic value of (-- OC,,/OCL)M at low Cr, for the complete aircraft with tail, referred 
to the  correct aft c.g. position and on whether the tail effectiveness decreases at high CL. Never- 
theless, certain general trends can be deduced as below. 

With  the full large fence at 0.50 × net semi-span; it  was found that  at low Mach number, 
the value of CL, denoted CL 1, above which there is some reduction of stability, is increased by 
less than 0.1 by the fence but that  the subsequent reduction of stabili ty remains at about 0.12 
and so possibly acceptable up to a higher value of CL, i.e., CL 2, above which there is a more abrupt 
loss. The increase in CL2, owing to the fence, is about 0.2. If the fence were moved further out 
but  not beyond about 0.7 semi-span, a larger improvement in CL1 should be recorded because 
the fence would then have an effect on the first occurrence of a separation on the outermost 
sections and the part-span vortex sheet, originating from just outboard of the fence, in its new 
position would restrict the dead-air region outboard of it to an even greater extent than with the 
fence tested. If, however, the fence were moved further out (to say, beyond 0-7 × semi-span), 
CL1 might be decreased by the fence because the local (CL/o~), just inboard of the fence, would be 
considerably greater than for any section of the plain wing and because a premature separation 
there should give a nose-up contribution to the overall pitching moment. 

Moving the fence further out than the position tested should, however, reduce the effectiveness 
of the fence on the value of CL,~. This is because the separation on whatever section is immediately 
outboard of the fence would form at a lower CL with the fence further out and so the outer part- 
span vortex sheet would also.disappear at a lower CL. Also, moving the fence further in would 
probably give less satisfactory results. With the fence further in, the vortex sheet would be  
allowed to move further in before becoming ' anchored ' and so the dead-air region near the tip 
would be larger. Hence, the reduction in stabil i ty with increasing CL above CL1 would be greater 
than the value of 0.12, obtained with the fence tested and then, it is more likely that  CL1 rather 
than CL 2 would represent a usable limit. 

It  follows that  if the primary concern is to postpone a severe loss in stabil i ty at low and 
moderate Mach numbers to as high a value of CL as possible, i.e., to keep CL 2 high, then the 
position of the fence chosen for the present tests should be close to the optimum. If, however, 
even a small reduction in stabil i ty (which might be accompanied by other effects such as buffett- 
ing) is unacceptable, C~1 should be high and probably a position near 0.7 × semi -span would be 
preferable. 

The variations in the effectiveness of the fence with Mach number up to about M = 0.9, as 
already described in section 5.2.1, are such that  the case for possibly moving the fence further 
out along the span is even weaker at the highe r Mach numbers in this range than at low Mach 
number*. 

For Mach numbers above about M = 0.90, it is doubtful whether any change in the spanwise 
position of the fence would lead to its becoming effective: As a qualification to this general 
conclusion, it is just possible tha t  a fence placed further out at 0.7 to 0.75 of the semi-span 
might be beneficial. With a fence in Such a position, the proportion of the span over which there 
was a severe separation for CL values near 0.6 at say, M = 0.94 might not be notably greater 
than for the plain wing and so at least one of the weaknesses of the design tested would be 
avoided. 

7.3. Effect of Height of Feme.--It has already been seen that  an increase in the height of the 
fence from fence C to fence D is distinctly advantageous and so it may be queried whether an 

* Broadly, because at high Mach numbers, it has been seen that the gain in CL, is greater and is then comparable with 
the gain in CL2 with even the fence tested. 
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even taller fence would .lead to still better results. With fence D, the top of the fence is 0.09c 
above the wing chord, or 0.0525c above the upper surface of the wing at its maximum-thickness 
position and it is estimated 1~ that  this fence gives about 50 per cent* of the full reflection effect 
on the  chordwise loading. A taller fence would give some improvement in this respect and also 
would further decrease the values of (C~/c~) outboard of it but only at the expense of increasing 
the values of (CL/~) inboard of the fence to the extent that  the peak value would be considerably 
greater than the value for any section of the plain wing. Even if no adverse change in stabili ty 
resulted, a premature separation of flow and increase in drag would result. Even with fence D, 
it was found at R = 2.5 × 106 and low lVlach number that  a separation was present on the inner 
side of the fence by ~. = 10 deg or only  about 2 deg later than for the separation near the tip. 
Hence; with a taller fence, the separation inboard of it might occur first. A taller fence would also 
be undesirable structurally and would accentuate the adverse effects at high Mach number. 

I t  sdems fair to conclude that  there is little advantage to be gained from an increase in fence 
height (compared with D or E). T o a  certain extent, the optimum height is a function of the 
spanwise position of the fence (a tall.er fence being required if it is placed well inboard (see below 
and Ref. 12) ) .  

7.4. Possibilities with More Than One Fence.- -From the discussion in sections 7.1 to 7.3 it 
appears that  the results with either fence D or E are probably close to the best that  could be 
achieved with any single fence. I t  can be argued, however, that  better results, at least, at low 
Mach number, might be achieved by Using more than one fence, though always at the expense 
of a more serious increment in drag at low CL. With a multiple fence arrangement, one fence 
should be fitted near the position found to be the optimum for a single fence (see section 7.2) 
while the other fence(s) should be placed further inboard. The effects of a multiple fence arrange- 
ment can be seen by considering a specific example: suppose that  fence D or(E)  at 0-56 × gross 
semi-span were combined with a second fence at 0.40 x gross semi-span and of ahaost four 
times the height of fence D (i.e., h/b ~ 0.2). The estimated effect of this arrangement on the 
spanwise distribution of (CL/~) is plotted in Fig. 39a. The principal effects, due to the addition 
of the second fence, are as follows: 

(a) Outboard of the outer fence, the values of (CL/,) are further redflced, e.g., by about 
3 per cent for the peak value over the outer wing and by about 5 per cent immediately 
beyond the outer fence. This should result in the final abrupt reduction in stabili ty 

• being delayed to a higher incidence. 
(b) There should also be an improvement in the flow at high incidence just inboard of the 

outer fence. The value of (CL/o:) is now no greater there than for this section of the 
plain wing and particularly at high Mach number, even the tip-reflection effect which 
increases the value of (-- Cp)max for a given CL on the inboard side of the fence should 
be part ly offset by the spread of the reflection effect of the opposite sign from the 
outer side of the inner fence. The main effect should be that  for Mach numbers up 
to about M ~ 0.90, the rearward extent of the dead-air region on the sections just 
inboard of the outer fence should be limited by,the part-span vortex sheet, which over 
a certain range of incidence, should originate from just outboard of the inner fence. 

(c) The values of (CL/~) are increased significantly for the sections inboard of the inner 
fence and so more lift should have been developed by these sections by  the incidence 
when the separation occurs further outboard. The estimated peak value of (CL/~) on 
these sections is no greater than inboard of the single fence tested and so the separation 
should not occur at a lower incidence. Another factor is tha t  the rearward extent of 
the dead-air region here should be limited by  the part-span vortex sheet originating 
from just outboard of the wing root.. 

I t  follows tha t  at low Mach number, this double-fence arrangement should be better than the 
single fence and the additional gain, for example, in the value of CL 2 (for the severe reduction in 

J 

* A larger proport ion at zero lift, 
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stability) should be more than 5 per cent. I t  is not suggested that  this particular double-fence 
scheme is the best possible; i t  has merely, been introduced as an  example of how an additional 
fence might improve the overall characteristics at high CL. Various refinements could be 
suggested: for example, i t  could be argued that  the  inner fence should possibly be nearer the outer 
one. In this case, however, it might be necessary to add a third fence further inboard. I t  should 
be possible to derive a suitable multiple fence arrangement for the present and other similar 
.designs by estimating the effects on the loadings over the wing by means of Refs. 12 and 13 and 
then interpreting these in the light of the results discussed earlier. 

It  is probable that,  as for the single fences tested, no multiple-fence arrangement would produce 
a significant improvement in the value of Cc at which the reduction in stabil i ty occurs at Mach 
numbers above M = 0.90. As before, this conclusion would not necessarily apply for other wing 
designs which showed a marked deterioration at high Mach number in this value of CL., 

It  must be emphasized that  while some multiple-fence arrangements should be preferable to a 
single fence in delaying or eliminating the instabil i ty at high CL at low or moderate Mach numbers, 
this would only be achieved at the expense of a more serious increment in drag at low CL, 
particularly at high Mach numbers. 

8. Results with Leading-edge Chord Extension.--8.1. Stalling Behaviour at Low Mach" 
Number.--8.1.1. General description of overall results.--The first impression gained from the C,,, 
against CL curves for the wing with chord extension as given in Fig. 43, is that  at R = 2 × 106, the 
modification is apparently beneficial. No severe loss in stabili ty at low Mach numbers occurs 
for CL values below about CL ----- 0.88 (there is a slight reduction in (-- 3C,,/OCL)a,~ of about 
0. 015 above about CL = 0" 2, followed by  a moderate reduction of about 0.05 above about 
CL = 0.6). If the usable CL is judged merely on the basis of when a reduction in (-- OC,~/OCL)~ 
of more than say, 0.1 occurs, then at R = 2 × 106, the chord extension gives an improvement 
of about A CL = 0" 2 and also reduces the magnitude of the subsequent reduction in stability. 

The apparently Iavourable results at R = 2 × 10 ~ are not, however, fully reproduced at the 
higher test Reynolds numbers when it is found that  the various changes in stability, etc., occur 
at lower values of CL when the chord extension is fitted than for the plain wing and the only 
advantage remaining to the chord extension is tha t  t he  reduction in stabili ty at high CL is less 
severe. For R = 5.6  × 106, for example, the initial nose-down change in C,,, and increase in 
( C D -  CL~/~A) with CL (Fig. 41b) occurs above about CL = 0"6 with the chord extension, 
compared with near CL = 0.7 for the plain wing. T h e  serious reduction in (-- OC,,J OCL)M 
occurs near CL = 0.75 rather than CL = 0.8 but  amounts to about 0.17 rather than about 0.5. 

The results at the higher tests Reynolds numbers are therefore disappointing but the succeeding 
analysis shows tha t  the possibility of the chord extension again giving an increase in usable CL 
at Reynolds numbers higher than R = 6 × 10 ~ is not precluded. 

8.1.2. Analys~s of results at R = 2-5 × 106.--The first most important point to note is that  a 
significant area of flow separation first appears on the wing with chord extension at a lower 
value of CL than for the plain wing. This is shown most clearly by comparing the flow patterns 
observed for c~ ~ 8 deg (CL = 0.5) in Figs. 44 and 46. For the plain wing, at this incidence, 
the first signs of a separation are only evident outboard of ~7 = 0.85, i.e., outboard of where the 
chord extension was subsequently fitted. With the chord extension in place, however, the flow 
has evidently separated near the leading edge, outboard of about 0.6 × net semi-span, i.e., over 
about the outer two-thirds of the span of the extension. The main reason for this is unboubtedly 
the sharper leading edge of the extended sections which is similar to that  of a 6 per cent thick, 
rather than a 7.5 per cent thick section (see section 8.1.3). Contributory reasons may be tha t  
the tip effect on the shape of the chordwise loading is more aggravated near the outer chord dis- 
continuity than for the plain wing and the fact that,  as shown in Fig. 39b, the values of (CL/~), 
over the tip region, outboard of the discontinuity, are higher than for the plain wing. Supporting 
evidence for this earlier separation with chord extension fitted is that  the flow pattern for 
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= 4 deg, CL -- 0.24 (not reproduced in Fig. 46), suggests that  a separation is already occurring 
near the leading edge near the outer chord discontinuity and also that  if, as is likely, the drag- 
increments, due to the chord extension, are similar at M = 0.2  to those measured at M = 0.5, 
the values of ACD increase from only about 0.001 at CL = 0 to about 0.0035 by CL --- 0.35 
(Fig. 53). 

By  ~ = 10 deg, (CL -- 0.62) (Fig. 46), t h e  flow pattern over the wing with chord extension 
has become very complex and possesses the following main features" 

(a) The flow has separated near the leading e.dge over virtually the whole of the extension 
and hence a part-span vortex sheet originates from just outward of, the inner dis- 
continuity. 

(b) The rearward extent of the dead-air region is greater near the outer discontinuity than 
either further inboard or further outboard; near th i s  discontinuity, the separation 
extends back to about mid-chord. 

(c) Behind the part-span vortex sheet, there is attached flow that  has evidently come from 
over the top of the sheet. This characteristic was not clearly observed behind the 
vortex sheet on the plain wing, probably because of the increased spanwise drift in 
the boundary layer at the higher incidences then applying but it has been noted in 
the flow patterns for various other swept wings (see also (d) below and Part  I). 

(d) From the inner discontinuity itself, a vortex sheet of opposite sign to the usual part-span 
vortex sheet is being shed: by  opposite sign is meant tha t  it induces an inward com- 
ponent of velocity close to the wing surface. This sheet can be thought of being 
associated with the inner edge of the extension in the same way as the usual tip vortex 
is associated with the wing tip. It  is apparently weaker than the part-span vortex 
sheet further out but its presence can be detected, for example, by the-deflection of the 
flow lines in an inward direction, relative to the free stream, over the forward part  
of the chord (of the main wing) under the sheet. The chief practical effect of this vortex 
sheet is tha t  it opposes the spanwise drift of the boundary ]ayer and so it  is effective 
in reducing the thickness of the boundary layer over the sections further outboard. 
This helps to explain why, as above, the attached flow behind the outer part-span 
vortex sheet can be observed in the oil-flow pattern in this case. 

In severalreports,  it has been suggested that  the presence of this vortex sheet from 
the inner end of the extension should be effective but  the present discussion Will show 
that  actually it is only one end probably not the most important  factor. 

(e) Just  inboard of the inner end of the extension, there is evidently a localised separation. 
The white blob of t i tanium oxide near the leading edge probably indicates the position 
of the peak suction inboard of this separation. 

As already mentioned, the reduction in (-- OC,,,/aCc)M in the incidence range up to 
,. = 10 deg, so far considered here, is only about 0.015 and it thus appears that  this result is a 
fortunate coincidence in tha t  with this particular geometrical configuration the various opposing 
lift and moment contributions from the two major vortex sheets and from the effects of the various 
areas of separation happen almost to balance each other. 

Between ~ = 10 deg (CL = 0-62) and ~ = 14 deg (CL = 0.88), as already noted, there is a 
moderate reduction in (-- aC,,,/aCL)M of about 0.05. Comparing the flow patterns in Fig. 46, 
it appears that  in this range, only changes in detail take place in the flow patterns. 

At c~ = 14 deg, however, the changes in flow that  presumably account for the subsequent 
increased loss in stabil i ty are already appearing: 

(i) Tile dead-air region inboard of the chord extension grows considerably, both spanwise 
and chordwise and the part-span vortex sheet, originating from near its inner end, is 
further in than is the vortex sheet on the plain wing at the same incidence. This 
effect is analogous to that  observed inboard of a fence but is less marked; it arises 
for the same reasons. 
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(if) There appears to be some interaction between this inner part-span vortex sheet and the 
vortex induced from the inner end of the chord extension. This is sufficient to reduce 
the effectiveness of the latter in preventing the outward drift of the boundary layer 
over the rear part of the chord. 

(iii) The outer part-span vortex sheet is still present and is still originating from just outboard 
of the inner end of the extended leading edge. Near the trailing edge, this has now less 
influence on the flow near the wing surface and so the spanwise drift of the boundary 
layer over these outer sections is again evident. 

With increasing incidence above ~ = 14 deg, these changes become more pronounced but it 
should be particularly noted that the dead-air region outboard of the outer vortex sheet covers 
no greater area at ~. = 18 deg than at ~ = 10 deg and is even possibly slightly smaller in chord- 
wise extent near the outer end of the chord extension. This is presumably the major reason why 
the reduction in (--aC,,/aCL)n,~, between about CL = 0 . 8 5  and CL = 1.0, compared with the 
value at low CL is only about 0.2 with the chord extension, instead of about 0.5 as for the plain 
wing. The reduction in (-- ~C,,,/aCL)~,I that still occurs should be caused largely by first, the 
re-establishment at high incidence of the spanwise drift of the boundary layer and second, the 
influence of the inner part-span vortex sheet which, as shown in Part I, probably gives a nose-up 
contribution to the overall C,,, when it originates from.near the wing root. 

It is probable that at some incidence beyond those tested, the flow will finally separate near 
the inner end of the chord extension; the outer part-span vortex sheet would then disappear and 
a more severe reduction in (-- aC,,/OCL)~,I would result, unless balanced by other effects further 
inboard. It is noted in section 8.2 that  such an effect appears to occur in the test range at 
M = 0.8. 

It is useful to summarize the main reasons why the pitching-moment results at R = 2 × 10 6 
are improved by the addition of the chord extensions: 

(A) Separation occurs near the leading edge of the sections near the tip at a very low incidence 
and extends rapidly in to near the inner end of the chord extension. Hence, a part- 
span vortex sheet of appreciable 'height never originates from far out along the span 
and as a result, the usual initial nose-down change in C,, does not occur. It implies 
also that the initial reduction in stability does not occur because on the plain wing; 
this results from the elimination of the initial nose-down moment change as the vortex 
sheet moves in. With the chord extension, the various effects remain roughly balanced 
in terms of overall C,,, from near CL ---- 0.25 when seParation first occur to certainly 
CL = 0.6, and to a lesser extent, CL ----- 0.88. 

(B) A part-span vortex sheet originates from near the inner end of the chord extension over 
a wide range of incidence, from ~ = 8 deg up to at least ~. = 18 deg (CL = 1"0), and 
this is effective in restricting the chordWise extent of the .dead-air region ahead and 
outboard of the sheet. 

(c) Another vortex sheet is shed from the inner edge of the chord extension and is effective 
in preventing the spanwise drift of the doundary layer to the outer sections for values 
of Cc up to near CL = 0.88. 

It may  be noted that both factors (B) and (c), which might have been expected, prior to making 
the tests, are dependent on the chord extension having a sharp inner end and not being faired 
into the basic leading edge. 

A crude estimate of the values of CL orit at which the flow first separates on the extended sections 
away from the two ends of the extension has been derived from the flow photographs for 
~. = 8 deg, 10 deg and the estimated 1" spanwise loading for the wing with extension (Fig. 39) and 
in Fig. 56 these values are correlated with the local Reynolds numbers. It appears that the 
sharper leading edge is responsible for a decrease in the value of Cc or~t for a given R~ near 
R~ = 2.5 x 106 of about 0.35. 
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8.1.3. Effect of Reynolds m~mber.--It has already been seen in section 8.1.1 that at the higher 
Reynolds numbers, the reduction in stability occurs at a lower value of Ca when the extension 
is fitted than for the plain wing but the reduction is of smaller magnitude. The explanation of 
these results, in brief~ appears to be that  at the higher Reynolds numbers, factors (B) and (c) 
above still apply (factor (B) continuing to be the main reason for the smaller reduction in stability) 
but  factor (A) no longer acts in a beneficial sense. 

Flow photographs for the higher Reynolds numbers are not available but from the overall 
results, it seems likely that  for R = 5.6 × 10G; the flow first separates near the leading edge of 
the outer end of the chord extension at an overall Cr~ of about 0-6, compared with CL -~- 0-25 at 
R = 9. × 10 G and that  this separation extends to near the inner end of the extension by about 
CL = 0.8, compared With Ca = 0.5 at R = 2 × 106. Hence, the part-span vortex sheet when 
it lies across the outermost wing sections should be at least twice as high at R = 5.6 x 10 G as at 
R = 2 x 106 and as a result, the sequence of changes in Cm with increasing Cr is similar quali- 
tatively to that  for the plain wing, i.e., a nose-down change in C,, near Ca = 0.6, followed by a 
reduction in (-- aC,,,/OCz)M, compared with its value at low CL, above about CL = 0-75. The 
fortunate coincidence whereby the various effects of the vortex sheets and areas of separation 
tended to balance out at R ----- 2 X 106 does not apply at the higher Reynolds numbers. Once this 
favourable balance ceases to exist, the reduction in stability occurs at a lower value of CL for the 
wing with chord extension as a result of the lower values of Ca ¢~ on the extended sections with 
their smal l  leading-edge radius. From the overall results, it can be estimated that  for 
R --= 5.6 x 106, the values of CL c~t for the extended sections away from the two ends of the 
extension are about 0-2 less than for the original 7.5 per cent thick, RAE 101 section, i.e., 
Ca ¢~it-~-0.85. A further improvement in these values of Ca o~ might result from a further 
increase in Reynolds number although the results of two-dimensional tests suggest that  even at 
high Reynolds numbers, the values of CL ~t (and local Ca max) for sections with leading-edge radii 
appropriate to a 6 per cent thick section would not be as high as for a 7.5 per cent thick section. 

The discussion above suggests that  the results obtained at R = 2 × 10 ° are quite misleading 
and that  even though the results for the plain wing obtained at R = 6 × 10 6 are likely to apply 
at higher Reynolds number, this cannot be definitely asserted for the wing with chord extension. 
In view of this doubt, it fs not possible to draw a definite conclusion whether the chord extension 
would or would not improve the value of CL for the serious reduction in stability in flight: it. is 
likely to have little ,.effect either way. On the other hand, it seems certain that  the chord exten- 
sion would greatly reduce the magnitude of this reduction in stability, whatever the Reynolds 
number. 

8.2. Effect of Mach Number on Stalling Behaviour.--For Mach numbers up to about 0.85, the 
chord extension improves the pitching-moment characteristics at R =  2 × 106 in similar way 
to that  at low Mach numbers at this Reynolds number. This is shown in Fig. 54a by the results 
for M = 0.5 and M = 0.8. The value of CL, above which there is an. appreciable reduction in 
stability, is delayed by tile chord extension by an amount varying from A CL = 0.2 to 
ACL = 0.25. For all Mach numbers up to M = 0.88, for the wing with chord extension, this 
reduction in stability does not occur until beyond CL = 0.8. The question immediately arises 
as to whether these apparently favourable results are also likely to be partly invalidated, as a t  
low Mach number, by changes with Reynolds number. It is of interest to discuss this question 
briefly because it can again be suggested that the overall results in themselves are somewhat 
misleading in this respect. 

The results for M = 0.5 are similar qualitatively to those at low Mach number, already 
discussed but the overall results for M = 0.8 suggest at first sight that  the chord extension is 
then merely delaying to a higher value of CL, the various changes in flow that  occur for the plain 
wing. For example, it is not only the final loss in stability which occurs at a higher CL but also 
an initial nose-down change in C,,, occurs near CL ---- 0.65 for the ~ing with chord extension, 
.compared wi th  near CL = 0.45 for the plain wing. Also, Fig. 53 shows that  the chord extension 
is more effective at M = 0.8 than at lower Mach numbers in reducing the drag at high CL, e.g., 
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it is only over a very limited range of CL near CL = 0.3 that the chord extension gives an appreci- 
able increase (about 0. 0035) in CD. Despite these favourable indications, however, examination 
of the photographs of the behaviour of surface tufts at M = 0.8 (Fig. 57) shows that, qualita- 
tively, the basic reasons for the improvement due to the chord extension are still the same as at 
low Much numt er, at this Reynolds number, e.g., it appears that: 

(a) a separation has occurred over almost the whole of the leading edge of the chord extension 
by a = 6 deg, C±, = 0.42 with a part-span vortex sheet originating from its inner end 

(b) the area affected by this separation hardly increases between CL ---- 0.42 and CL = 0.85 
(c) the severe reduction in stability which occurs above about CL = 0.82 corresponds to the 

flow becoming more disturbed over the rear part of the chord of the outer sections 
(as at low Much number when the vortex sheets cease to prevent the spanwise drift 
of the boundary layer) and when the separation has extended completely in to the 
inner end of the chord extension, thus leading ultimately to the probable disappearance 
of the outer part-span vortex sheet. This spread of the separation* to the inner end 
of the extension can be seen by noting particularly the behaviour of the innermost tuft 
near the leading edge of the extension. This tuft is not disturbed for CL = 0.78 but 
is so for CL = 0.85. 

The overall results obtained at R = 2 x 10 G in this range up to M = 0.85 are therefore 
suspect as at low Much number and the only certain feature is that at higher Reynolds numbers, 
the reduction in stability at high CL should continue to be less severe with the extension fitted. 

For Much numbers of M : 0.88 and above, the effects of the chord extension on the flow 
characteristics are not the same as at low Much number and there is less risk that  the results may 
be invalidated by an increase in Reynolds number. Figs. 54a and 54b show that  the addition 
of the chord extension increases the value of CL above which there is a reduction in stability by 
about 0.1 to 0.15 at M = 0.88 but that  this gain decreases with Much number until at M = 0.94, 
there is no significant difference between the results with and without the chord extension. 
It appears that, for these high Much numbers, any apparent advantage of the chord extension is 
associated with the separation over the outer sections occurring at a lower CL with the chord 
extension than for the plain wing. This earlier separation is shown by the  lift and drag results, 
e.g., the chord extension gives a considerable increase in CD at M = 0.94 for all values of CL 
between CL = 0.2 and at least 0.7. It is also confirmed by the behaviour of the tufts. The 
photographs at the foot of Fig. 57 show that  at M = 0.915, a separation from,close to the leading 
edge is already evident near the outer end of the extension at CL = 0.47 ~;nd that this extends 
m progressively to cover almost the whole of the outer wing by CL = 0.73 whereas for the plain 
wing, this separation occurs near Cs : 0.55 to 0.6 but over almost all the outer half of the wing 
at about the same value of CL. It  is easy to see that  this relative behaviour of the wing with and 
without the chord extension should lead to the observed pitching-moment characteristic, e.g., in 
particular, the chord extension gives a pos i t ive  increment to C,,~ at moderate values of CL but 
delays the serious reduction in stability, for those Much numbers when it has any significant effect. 

This analysis of the results at high Much number suggests that  it would be unwise to conclude 
that  any gain in the usable CL range near M = 0.9 can be achieved in practice with the chord 
extension tested. No device that effects an improvement in the overall stability characteristics 
partly by inducing an earlier separation of flow near the tips can be considered fully satisfactory. 

8.3. General Assessment of Basic Idea.--Despite the somewhat disappointing results obtained 
with the chord extension tested, the detailed analysis above has shown that  the basic concept 
of a leading-edge chord extension somewhere on the outer wing possesses various i m p o r t a n t  
potential advantages. These include the following: 

(a) The obvious advantage that  the local values of (CL/~) are reduced over the part of the 
span where the chord is extended 

* This effect would probably, also occur at low Mach number  at an incidence higher than  those tested, giving a more 
severe reduct ion in stabil i ty at low lVIaeh number  at some value of CL above CL = 1.05. 
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(b) The chordwise loading near the leading edge at the inner end of the-extended leading 
edge is modified in the same way as at the root of a swept-back wing. The flow does 
not, therefore, separate there until  a high incidence is reached and a part-span vortex 
sheet continues to originate from just outboard of the inner end of the extension and is 
effective in limiting the dead-air region on the sections further outboard 

(c) A Vortex sheet of opposite sign to the usual part-span vortex sheet is shed from the inner 
edge of the extension and this acts as a barrier, preventing the spanwise drift of the  
boundary layer  over the rear part  of the sections and so reducing the thickness of 
the boundary layer over the sections further outboard. 

In all these respects, the action of a chord extension is similar to tha t  of a fence sited at the 
same spanwise position as the inner end of the extension but  in all these respects, the chord 
extension should be more effective than a fence, e.g.: 

(i) The effect on (CL/o~) remains roughly constant over the span of the extension whereas, 
with the fence, it decays with distance spanwise from the fence 

(ii) The effect on the chordwise loading only applies near the leading edge where it is required 
to delay separation and not further aft where it  would merely serve to increase the 
drag, particularly at high Mach number 

(iii) The arresting of the spanwise drift of the boundary layer is accomplished with less 
disturbance of the flow over the rest of the wing 

(iv) I t  is also important  to note that  with an appreciable forward extension, a vortex sheet 
originating from a given point along the span crosses the wing trailing edge further 
out than with no extension and so is more effective in limiting the rearward extent of 
the dead-air region. 

With  the chord extension tested, these advantages were off-set at low a n d  moderate Mach 
numbers by the fact tha t  the Separation occurred at a smaller local CL on the extended section 
than on the original section. This was par t ly  because the extended section had a sharper leading 
edge and par t ly  because the outer end of the extension was placed near where the flow over the 
plain wing tended to separate first. I t  follows tha t  to achieve satisfactory results at low or 
moderate Mach numbers (i.e., in the ' subcritical ' Mach-number range in which as the incidence 
is increased, the separation over a given section occurs first from a point close to the leading-edge), 
the section should not be just stretched forward but should either be no thinner close to the nose 
than the original section or if it is allowed to be sharper, some droop should be incorporated as 
well. More precisely, the peak suction and the adverse pressure gradients near the nose should not 
be greater than for the original section. Further,  the chord extension should either be continued 
right out to the tip or its outer end should be much further in than with the design tested. 

I t  also appeared tha t  with the chord extension tested, the shock-induced separation occurring 
at Mach numbers between 0.88 and 0.94 appeared at a lower CL on the sections near the outer 
end of the extension than ior  these sections on the plain wing. I t  should not, however, be con- 
cluded from this tha t  the effects of a sharpened leading edge are necessarily detrimental at high 
Mach numbers. Indeed, it has now been found in several cases that  a leading-edge extension 
with a sharpened leading edge may give a positive improvement at high subsonic Mach numbers. 
If the degree of sharpening is not very marked, it is possible tha t  any beneficial effects due to it 
may ouly be obtained at relatively high Mach numbers, e.g., with the chord extension considered 
in this report, some improvement might have been found for Mach numbers greater than the 
highest of the tests, i.e., greater than M = 0.94. 

Tests have since been made with a model having a wing with 8 p e r  cent thick sections, a 
sweepback of 45 deg on the quarter-chord line and with a leading-edge chord extension extending 
from 0.45 × semi-span out to the tip but  with a nose sharper than that  of the extension con- 
sidered in the present report. In this case, the leading-edge radius of the extended section was 
made equai to that  of a 5.5 per cent thick section of the same family as the original section. The 
test results for this model without chord extension are very similar to those for the basic wing 
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in the present report. With the chord extension (at R = 1.0 × 106), a gain of between 0.05 
and 0.1 in the value of CL above which there is a marked pitch-up has been found even for Mach 
numbers near M = 0.9 and the C~ against C~ curve shows even more striking improvements 
at the highest Mach numbers reached in the tests (M = 0.95). 

The precise mechanism by which these gains, with a sharpened leading edge a t high subsonic 
speeds, are achieved is not at present clearly understood and further experiments are planned 
to investigate this. 

To sum up, it would appear tha t  a leading-edge chord extension with a sharpened leading edge 
may be an attractive proposition in certain applications. The sharpened leading edge may give 
an improvement at high Mach numbers and if it is also drooped and if it is designed correctly 
in plan-form, e.g., with the extension extended right out to the tip, i t  may be successful in 
preventing the deterioration in low-speed stalling characteristics tha t  would occur if sharpening 
were employed alone. 

The correct choice of the amount of the forward extension and of the positions of the inner and 
outer ends of the extension depend on more than the spanwise and chordwise loadings over the 
wing in potential flow. For example, the choice of the inner end and of the amount of the 
extension determine the relative position of the outer part-span vortex sheet and the outer wing 
sections. Again, i t  depends on the nature of the stalling characteristics of the original plain wing. 
For example, if the wing were of higher aspect ratio or were thicker than the one tested here, the 
action of the extension in opposing the spanwise drift of boundary layer would become more 
important  and a different choice of extension might be made. Care should be taken not to be 
misled by the results of experimental investigations made at too low a Reynolds number. 

For the present example, the position chosen for the inner end of the extension and the amount 
of the extension can both be considered satisfactory but  as  regards its spanwise extent, two 
alternatives Could be variously proposed: 

(A) An extension of ve ry  small length spanwise. This has the advantage tha t  the part-span 
vortex sheet originating on it would be even more effective in limiting the dead-air 
region further outboard. Against this ' geomet r ica l '  advantage must be set the 
disadvantage tha t  the values of (C~/~) near the tip (and probably including the peak 
value on the wing) would no longer be reduced by  extension. 

(B) Maintaining the extension right out to the tip. This sacrifices some of the ' confining'  
powers of the part-span vortex sheet but  compensates for this by  reducing the values 
of (CL/~) close to the tip and by avoiding the introduction of an aggravated ' tip ' 
effect on the chordwise loading near the outer discontinuity. 

I t  is thought that  (B) is likely to be the more satisfactory and certainly should be the only 
alternative tha t  may  possibly lead to an improvement at high Math numbers. 

Other tests with this basic design of wing have shown tha t  incorporation of a drooped and 
thickened leading edge over the outer half of the wing can give an improvement of about 0.2 
in the 'value of CL for the serious reduction in stabil i ty at low Mach number and up to near 
M = 0.9 and even about 0.1 at higher Mach numbers. F rom the present discussion, it appears 
that  even better  results should be possible by combining these two ideas of a drooped, thickened 
leading edge and a leading-edge chord extension (provided the lat ter  entails no reduction in the 
amount of leading-edge droop and thickening used). I t  is also possible tha t  further improve- 
ments may be obtained from a modification of the leading-edge shape inboard of the extension 
in order to delay the separation there for it has been seen that  the inner part-span vortex sheet, 
associated with this separation is eventually responsible for the elimination of the Iavourable 
effect of the vortex sheet from the inner edge of the extended leading edge. Further  experiments 
will be made to investigate these suggestions for a ' hybrid ' leading-edge modification. 

9. CoTtclusions.--9.1.--The conclusions regarding the characteristics of t he  plain wing are 
given in Part  I and are not repeated here. 
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9.2.--The addition of the full large fence gives the following results at low Mach nUlilber: 
(a) The reduction in stabil i ty at the higher test Reynolds numbers between Cz = 0.5 and 

0.7 is almost completely eliminated by  the action of the fence in preventing the 
spanwise drift of the boundary layer from t h e  inner to the outer wing 

(b) Tile value of CL at which the initial nose-down moment change occurs is little affected 
by the fence but  the value of CL above which there is some reduction of (-- C,,/aCz)f 
is increased by  about 0.07 at R = 6 X 106 and the reduction in (-- aCre~ aCz)M re- 
mains less than 0.12 and probably acceptable to near CL---= 1 "05, compared with 
C£ = 0"85 for {he p la in  wing. The fence also reduces CD at high CL (by 0"0035 for 
Cz = 1 ;05). 

The gain in usable Cz, owing to the fence, at low Mach number may be as great as o. 2. The 
effectiveness of the fence stems chiefly from its effect on the chordwise loading over the wing 
immediately outboard which discourages tile boundary layer from separating near the  leading 
edge. As a result, a part-span vortex sheet originates from just outboard of the fence up to at 
least Cz = 1.05 at R = 6 × 106 and this Cortex sheet restricts the rearward extent of the dead- 
air region over the outer sections. While this effect persists, no severe reduction in stabil i ty 
Occurs. 

9.3. - -With  increasing Mach number up to near M = 0.88, tile improvement due to the fence 
is maintained and, even in some respects, increased. At higher Mach numbers, however, the 
effectiveness of the fence dies out until  at M -= 0.94, the reduction in ( 7  aC,,,/aCz)M occurs at 
a lower Cz with the fence than for the plain wing. The ineffectiveness of the fence at high Mach 
numbers when the separation over the outer wing sections is shock-induced is a result principally, 
of the absence of strong part-span vortex sheets in the  flow and of the effect of the fence in 
increasing rather than decreasingthe spanwise extent of tile separation. 

9.4.--The penal ty in drag, owing to  the fitting of the full large fence amounts to about 
ACD ---- 0" 002 at low Cz for all Mach numbers up to M = 0.94 but  this increment may be halved, 
with no loss in effectiveness by  removing the portion of the fence round  the lower surface aft 
of 0- 05c. 

9.5.-=-Guidance is given in section 7 regarding the probable effect of changes in fence design. 
No marked improvement is likely from any change in height or spanwise position of a single 
fence, compared with tha t  tested but it may be possible, in the case of the present wing, that  the 
fence will be fully effective at flight Reynolds numbers when the rear part  over the upper surface 
is removed. A multiple fence arrangement with additional fence(s) further inboard might give 
better  results at low Mach number and up to M ---- 0.9, at the expense of a more severe penalty 
in drag. 

9.6.--The chord extension tested gives an improvement of 0 .2  to 0.25 in the value of Cz at 
which the serious reduction in stabil i ty occurs at Mach numbers up to near M = 0.9 at 
R = 2 × 106. This improvement is not reproduced at R = 5.6 × 106 at low Mach number 
when the chord extension actually decreases the value of Cz at which the reduction in stabil i ty 
occurs and only gives the advantage t h a t  the' magnitude of the reduction is much smaller. 
As with the fences, the effectiveness of the chord extension at even R = 2 × 10" decreases 
above about M ----- 0.88 and at M = 0.94, it  is quite ineffective. 

9.7.--Despite these disappointing results with the chord extension tested,  the basic concept 
has various important  points in its favour. Tile most noteworthy of these are first tha t  the 
chordwise loading Ilear tile inner end of tile extension is modified near the leading edge so tha t  the 
flow does not separate here and a part-span vortex sheet originates from near here and restricts 
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the rearward extent of the dead-air regions on the sections further outboard over a wide range 
of incidence and second, that  a vortex sheet shed from the inner edge of the extension acts as a 
barrier to the spanwise drift of the boundary layer. To realize these potential  advantages, 
without incurring a premature separation near the extended leading edge, the nose shape of the 
extension (and probably of the sections just inboard of the extension) should be modified, e.g., 
with droop and the chord extension should either, for preference, be continued right out to the 
tip or should be of relatively small spanwise extent. For the present wing, the choice of 

= 0.56 for the inner end is probably reasonable: 
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T A B L E  1 

Leading Dimensions of Models 

Half wings 

Gross area of wing (i.e., from chord to t ip chord) . . . .  

Net  area of wing (i.e., from root chord to t ip chord) . .  " . .  

Gross mean  chord . . . . . . . . . . . .  
Net  mean  chord . . . . . . . . . . . . . .  
Centre-line chord . . . . . . . . . . . . . .  
Root chord . . . . . . . . . . . . . .  

Tip  chord (theoretical, by  extending leading and trail ing edge) 

Span . . . . . . . . . . . . . . . .  
Gross aspect ratio . : . . . . . . . . . .  

Taper  ratio (based on theoretical tip chord) . . . . . .  

Sweepback of quarter-chord line . . . .  • . . . .  
Thickness/chord ratio . . . . . . . . . . . .  
Section maximum-thickness  position 
Distance of ne t  mean  quarter-chord p ° in t  af t 'of  leading-edge 

centre-line chord . . . . . . . . . . . .  

Distance of gross mean  quarter-chord point  aft of leading-edge 
centre-line chord . . . . . . . . . . . . .  

Dihedral  . . . .  . . . . . . . . . . . . .  
Wing-body angle . . . . . . . . . . . .  

Half bodies 

Maximum height (i.e., in spanwise direction) . .  

Maximum width (i.e., in plane of symmetry)  . .  • ° 

A* 

3.395 

2 -804 

17-78 
16.77 
26.08 
24.02 

9"44 

27"5 
3-10 

0.362 

50 ° 
0-075 
0-31c 

22.86 

o 

3 .4  

2 .0  

0 o 

B 

3-504 

2.913 

18 
16"9 
26"08 
24.02 

8 .02 

29.84 
3.53 

0.308 

50 ° 
0"075 
0.31c 

23-36 

O O 

0 o 

3 .4  

2 .0  

C* 

2.97 sq ft 

2.44 sq ft 

16.61 in. 
15.64 in. 
24.105 in. 
22.20 in. 

9"12 in. 

25 "755 in.  
3.10 

0.378 

48 ° 49'  
0-075 
0-38c 

20-75 

18"42 

_ _ 1  ° 

1 . 5  ° 

3" 28 in. 

3 .28 in. 

* Area, mean  chord, aspect ratio, etc., for wings A and C are based on a square t ip with the ' theore t ica l '  t ip chord, 
t ip chord, ra ther  than  the t rue  curved tip. 
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TABLE 2 

Section Ordinates 

Wing 
x/c 

O. 005 
0.01 
0.0125 
0.02 
O. 025 
0.05 
0.075 
0.10 
0.15 
0.20 
0.25 
0-30 
0.35 
0.40 
0-45 
0.50 
0.55 
0-60 
0.65 
0-70 
0.75 
0.80 
0.85 
0-90 
0.95 
1.00 

L.E. radius 
T.E. angle 

Section 

A and B 
y/c 

0.0065 
0.0092 
0.0103 
0.0129 
0.0144 
0.0200 

0.0271 
0.0317 
0.0347 
0.0366 
0.0375 
0.0371 
0-0360 
0.0343 
0.0320 
0.0294 
0-0265 
0"0234 
0.0201 
0-0168 
0"0134 
0-0101 
0"0O67 
0.0034 

0 
0-0043 
7.67 ° 

RAE101 
7.5 per cent thick 

C 
y/c 

0.0071 
0"0097 

0"0130 

0"0193 
0.0229 
0.0259 
0.0302 
0.0332 
0.0353 
0.0368 
0 .0374 
0.0375 

0.0357 

0"0313 

0-0248 

0"0167 

0-0084 

0 
_ _ *  

9.6 ° 

* The radius of curvature is changing so rapidly very close to the nose that to quote any value would be misleading. 

I 
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T A B L E  3 

Leading Dimensions  

Half wing (area, etc., based  on ' theoret ica l  ' t ip  chord (see below) ) 

Gross a rea  of wing (i.e., from centre-l ine chord to t ip  chord) . .  . . .  
Ne t  area  of wing (i.e., from roo t  chord to t ip  chord) . . . . . . . . . .  
Gross mean  chord . . . . . . . . . . . . . . . . . .  . .  
Ne t  mean  chord . . . . . . . . . . . . . . . . . . . .  
Centre-l ine chord . . . . . . . . . . . . . . . . . . . .  
Root  chord,  . . . . . . . . . . . .  
Tip chord t theore t ica l  ', lo"; ex tending  s t ra igh t  leading and  t ra i l ing 'edges)  . . . . .  
Span  . . . . . . . .  . . . .  .. 
Gross aspect  ra t io  
Taper  ra t io  (based on ' theoret ica l  ' t ip  cia'ord) 
Sweepback of 0 .25 chord-l ine . . . .  
Thickness /chord ra t io  . . . . . .  
Section max imum- th ickness  posi t ion 
Dis tance  of net  mean  quar te r -chord  po in t  aft  of leading-edge centre-l ine chord 

Half body 
Maximum height  (i.e., in spanwise direct ion)  . . . . . . . . . . . .  
Max imum wid th  (in place of a i rcraf t  centre-line) . . . . . . . . . .  

Fences 
Placed  a t  0-56 of gross semi-span, i.e., at  15-40 in. from ai rcraf t  centreqine.  

Local  chord a t  fence posi t ion . . . .  . . . . . . . .  

To ta l  height  of fences (see Fig. 37): 

In  te rms of local wing thickness . . . . . . . . . . . .  
In  te rms of local wing chord . . . . . . . . . . . .  
In  absolute  dimensions 
In  te rms of t o t a l  wing span  (i.e.i 2 ><'half-model span) '" i i  "" 

, Ex tens ion  of fences ahead of leading-edge local chord . . . . . . . .  
Ex tens ion  of fences behind  t ra i l ing-edge local chord . . . . . . . .  

Leading-edge chord extension 
Distance from aircraf t  centre-l ine of inboard  end of extension . . . .  

Dis tance from aircraf t  centre-l ine of ou tboa rd  end of extension . . . . . .  

3 .395 sq I t  
2.804 sq ft 

17 "78 in. 
16.97 in. 
26- 08 in. 
24- 02 in. 

9 .44  in. 
27 .5  in. 

3.1 
0.362 

50 deg 
0.075 in. 
0"31c 

22- 86 in. 

• ° 

3 .4  in. 
2 . 0  in. 

. . . . . .  17.92 in. 

Small fence Large fence 
•. 1 ,2t  2.4t  
• . 0 . 0 9 c  0 . 1 8 e  

• .  1 . 6 1  in. 3 .22  in. 
•. 0 •029 0.0585 

O" l c  o r  1 . 7 9  in. 
O- 02c or 0 .36  in. 

15.40 in. 
(0.56 × gross semi-span) 

24- 36 in. 
(0.89 × gross semi-span) 

A m o u n t  of extension = 0 .10c  
(i.e., vary ing  Ir0m 1 "79 in. a t  inboard  end to 1.31 in. a t  ou tboa rd  end) 

The  sect ion shape is bas ica l ly  an ellipse wi th  origin at  the  m a x i m u m  thickness  posi t ion of the  original  section b u t  is 
b lended into the  original  shape at  about  0.2c back  from the original leading edge (See Table  4 for .ordinates) .  
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TABLE 4 

Ordinates of Wing Sections 

All ordinates in table given in terms of c, the original section chord and relative to the original leading edge.. 

5.095 
5.090 
~.oso 
5.070 
5~o~o 
~.0s0 
5.040 
0.020 
5 
0.0215 
0-02 
0"025 
0"05 
0"10 
0 . 1 5  

0 . 2 0  

0.25 
0.30 
0.35 
0.40 
0.45 
0.50 
0.55 
0.60 
0.65 
0.70 
0.75 
0.80 
0.85 
0.90 
0.95 
1 . 0 0  

z (semi-thickness) 
Original section Extended sectiol~ 

- -  0.0055 
- -  0.0078 
- -  0.0109 
- -  0.0133 
- -  0.0153 
- -  0.01695 
- -  0-0184 
- -  0:0210 
- -  0.02315 

0-0103 
0.0129 0 . 0 2 5 0  
0-0144 
0-0199 0.0273 
0.0270 0"0303 
0"0316 0:0327 
0.0346 0.0347 

k Y ) 

0.0366 
0.0375 
0"0371 
0.0360 
0.0342 
0-0320 
0.0293 
0.0264 
0.0233 
0.0200 
0"0167 
0"0134 
o.o!oo 
0-0067 
0.0033 
O, 
A 

Leading Edge Radius 0-0043 ~0.0031 

In  terms of true local chord, 

Leading-edge radius of original section = 0.0043 

Leading edge'radius of extended section = 0.0028 
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WIN~ A WIN~ 6 
ASPEC"r RA-rl0 (QI~OSS WING) " 3" 10 3-53 WING~ E~ 
"rAPER RA'!'IO ({~l~OSS WIN~) 0.36,t- 0'310 WiN~ ~ _ /  7 / ~ _ _ . . - - - -  ~ 

< o+O.~P" / 

I }7" , t . .  ~ --{ ~'. . .._ 

1 
FIG. 1. General arrangement of wings A and B. 

AsP~c'r ~A'T~0 (~ROSS w ~ )  Z.,0 3.,0 / ~ "  / 9 :  . / /  

. / / / /  !1 N.B. WINGS Nor o~Aww -to -r~E SAmE 

.f/ /7 £ o 5 ~o ~s 
l ;  t t T i 

~-- -- i ~ Z  _ _--.//-- . . . . . .  O 5 I O 15 

~ / / Y  j~Y INS MO(DEL. SCALE, WIN~ C 

t e" / I_ 

FIG. 2. Comparison of plan-forms of wings A and C. 
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GAP SEALED GAP OPEN 

FIG.30. ¢ . 1 2 "  WING A. 

GAP O P E N  BODY A T T A C H E D  

FIG.3b. • J,!4" WING C 

FIGs. 3a and 3b. Effect of flow through gap in wing-body junction on flow patterns. 
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/ )I 

RAE iO~ SE.C'r,G~ 
WINGS A AND e, 
"~)~(~ C 

O.L 04' 0-3 0-,~ 0.5 

"*x i i 

c.e C." ~.~ 0-~ XIc .Q 

FIG. 4. Comparison of wing sections. 
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