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Summary.--The results of force measurements and surface oil flow studies on a wing-body combination with an 
unswept wing of aspect ratio 3.5, taper ratio 0.5, and a 4 per cent biconvex section, are analysed. The tests were 
made at 5iach numbers from 0.72 to 1.02, at a Reynolds number of 1.89 × l0 s. At four Kach numbers, 0.70, 
0.80, 0.93 and 0-96, a picture of the flow development with incidence is built up, based on the oil flow patterns 
on the wing, and a correlation is established between changes in overall forces, and changes in tile flow development. 
At other Mach numbers tile flow development is infe/red from the overall forces by means of this correlation, and, 
in this way, an attempt is made to show how transonic flow develops over the wing. 

At transonic Mach numbers four phases in the development of the flow with incidence are found. These are (a), no 
shock-induced separation, (b), shock-induced separation, with the shock roughly stationary on the wing, (c), shock- 
induced separation, with a rapid forward movement of the shock, and (d), leading edge separation. The aerodynamic 
derivatives are found to assume roughly constant values in each phase, and their variation with phase and Mach 
number is considered. 

1. Introduction.~During recent  years  knowledge  of the  t ranson ic  b e h a v i o u r  of two-  
d imens iona l  aerofoils has been cons iderably  e x t e n d e d  b y  the  work  of Pea rcey  and  o thers  at  
t he  Na t iona l  Phys ica l  L a b o r a t o r y  1, ~. Thei r  work  has  shown t h a t  on two-d imens iona l  aerofoils 
t he  ra te  of d e v e l o p m e n t  of local regions of supersonic  flow, t e r m i n a t e d  b y  shock  waves,  can be 
p r o f o u n d l y  affected b y  t he  in t e rac t ion  of the  shock  waves  wi th  the  wing b o u n d a r y  layer. W h e n  
t he  inc idence  of a th in  aerofoil  is increased at  a f ixed t ranson ic  Mach number ,  t he  t e r m i n a t i n g  
shock  on the  u p p e r  surface moves  rearward ,  and  increases in s t rength ,  un t i l  i ts s t r e n g t h  is  
sufficient to  separa te  the  wing b o u n d a r y  layer. This  separa t ion  forms a smal l  bubb le  on t he  
wing a nd  reduces  t he  pressure  recovery  t h r o u g h  t he  shock wave. Pea rcey  has  shown t h a t  if 
t he  incidence is fu r the r  increased unt i l  t he  pressure  recovery  is insufficient to  re-es tabl ish  
subsonic  condi t ions  af ter  t he  shock, the re  is a r ap id  expans ion  of t he  separa t ion  bubb le  t owards  
t he  t ra i l ing edge.  At  this  s tage  in the  flow d e v e l o p m e n t  the  t ra i l ing-edge pressure  falls r ap id ly  
and  t he  r ea rward  m o v e m e n t  of the  u p p e r  surface shock  is ha l ted .  W i t h  any  fu r the r  increase 
in incidence t he  u p p e r  surface shock moves  fo rward  towards  the  leading e d g e .  

No such de ta i led  i n fo rma t ion  exists on the  d e v e l o p m e n t  of t ransonic  flow over  u n s w e p t  
wings of finite aspect  ratio.  A cer ta in  a m o u n t  of i n fo rma t ion  on t he  va r ia t ion  Of overal l  aero- 
d y n a m i c  character is t ics  of finite u n s w e p t  wings at  t r anson ic  speeds is n o w  avai lable f rom 
the  resul ts  of tests  in A m e r i c a n  h igh-speed  and  t ranson ic  t u n n e l d  ,4 and  f rom tests  on  freely 
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falling models 5. In Ref. 6 some pressure distributions on an aspect ratio 4 wing with a 4 per cent 
biconvex section are given for Mach numbers from 0.6 to 1-05. In none of these cases has an 
at tempt been made to build up a picture of development of the overall flow field. 

Recently, as part of a research programme in the 3 ft × 3 It Wind Tunnel  at the National 
Aircraft Establishment, Bedford, on the aerodynamic characteristics of wing-body combinations 
at transonic and supersonic speeds, three wings of aspect ratio 3" 5, taper ratio 0.5, with an 
unswept half-chord line, have been tested. Three different wing sections were used for these 
models, a 6 per cent RAE 104 section, a 4 per cent RAE 104 section and a 4 per cent biconvex 
section. The lift, drag, and pitching moment results on these wings at transonic speeds and at 
supersonic speeds up to M = 1.82, have recently been presented, without analysis'. In this 
note, the transonic results for the 4 per cent biconvex wing are considered in more detail. 
The oil flow technique, described in Ref. 8, has been used to indicate the occurrence and the 
extent of shock induced, or leading-edge separations, and to show the approximate position 
of shock waves on the wing. At four Math numbers changes in the oil flow patterns are correlated 
with characteristic changes in the overall force data. From this correlation an at tempt is made 
to describe the complete development of the flow over the wing from M = 0.70 to M = 1:02. 

2. Results of 3 f l  × 3 f t  Wind Tunnel Tests on the 4 per cent Biconvex Wing.- -The general 
arrangement and principal dimensions of the wing-body combination model with 4 per cent 
biconvex section wings are given in Fig. 1. This model was mounted on a sting in the 3 ft × 3 ft 
Wind Tunnel, and the overall forces on the model measured using an internal strain-gauge 
balance. A fuller description of the experimental technique is given in Ref. 7. The measured 
~.ft, drag, and pitching-moment coefficients are shown in Figs. 2 to 5. Fig. 2 shows the variation 
of lift coefficient, CL, with incidence, ~, through the Mach number range, Fig. 3 the variation of 
pitching-moment coefficient, C,,,, with lift coefficient, CL, Fig. 4 the variation of drag coefficient, 
Ca, with lift coefficient, CL, Fig. 6 the variation of Ca with Cr ~. The pitching-moment coefficient 
is referred to the quarter-chord point of the aerodynamic mean chord. The Mach number 
range covered was from M = 0.70 to M = 1 "02, and all tests were made at a Reynolds- 
number, based on aerodynamic mean chord, of 1.89 × 106. All the force measurements 
presented in Figs. 2 to 5 were obtained with transition fixed by a band of distributed roughness 
from 0 to 10 per cent chord on each surface. The importance of fixing transition, when testing 
unswept wings at transonic speeds, will be discussed in a later report on these tests. 

The oil flow patterns were obtained by covering the wings with a thin film of a mixture of 
heavy oil and t i tanium oxide, and then, with the model at the required incidence, running the 
tunnel at constant Mach number until the pattern developed. Since this technique was briefly 
described in Ref. 8, it has been developed for use with the transonic working section, which 
is not fitted with windows. By using a consistently thin film of oil, and by running the tunnel 
to a predetermined time schedule, satisfactory oil flow patterns have been obtained without a 
constant visual check on their development. In these tests no pressure measurements were 
taken, so that  it is not possible to correlate the oil flow patterns with pressure distributions. 
Such a correlation has however been made in tests on a 60 deg swept wing reported in Ref. 9. 
In the majority of oil flow tests, patterns have been obtained with transition fixed on one wing, 
and free on the other, enabling both cases to be examined in one run. 

The flow patterns and force measurements obtained at Mach numbers of 0-70, 0.80, 0.93 
and 0.96, are examined in detail. A brief examination is also made of the flow patterns obtained 
at a constant incidence of 8.8 deg, as the Mach number varied from 0" 85 to 1-02. An overall 
assessment of the flow development in the transonic range M = 0.70 to M = 1.02 is made in 
Section 3. 

2.1. Results for a Range of Incidence at M = O. 70.--Two oil flow patterns were obtained 
on the upper surface of the wing at ~ = 4.3 deg, and ~ ----- 6.5 deg, at M = 0.70, and are shown 
in Fig. 6. At ~ = 4.3 deg it appears that  the wing boundary layer separates at the leading 
edge of the wing, and re-attaches to the wing surface farther aft at about 35 per cent chord. 



Tile ' long bubble ' of separated flow, so formed, is shown by tile patch of unmoved oil in the 
photograph. At 6.5 deg incidence the bubble appears to extend to about 80 per cent chord 
over the central section of the wings. Flow inside the bubble, forward towards the leading edge, 
is shown near the tips in the oil flow patterns at this incidence. The development of a long 
bubble of separated flow is typical of subsonic flow over thin wings at incidence. Previous 
investigations, such as Ref. 10, have shown that  the chordwise extent of a long bubble increases 
with incidence in a similar manner to the bubble on this wing, and that  finally a stage is 
reached in the flow development where the long bubble extends beyond the trailing edge. 
A new feature of the three-dimensional bubbles observed here is that  they do not extend 
unchanged into the wing root and up to the tip but  that  their length decreases and is practically 
zero at either end. 

Another fea[ure of the flow, indicated by the oil flow patterns, is the development of marked 
tip vortices, such as have been considered by Kiichemann in Refs. 11 and 19.. The outward 
flow of oil in a triangular region at the tip suggests tha t  the tip vortex sheet curves in over the 
upper surface of the wing, and winds up with the centre of thesp i ra l  just inboard of the tip. 
Air drawn by the vortex sheet down onto the wing surface and then under the core would leave 
this characteristic oil flow pattern. 

The aerodynamic characteristics of the wing at M = 0.70, previously shown in Figs. 2 to 5, 
have been replotted in Fig. 7, for comparison with the oil flow patterns, as the variation of 
Cr, C,,,, and Ca .-- (KA/~rA)CL ~, with incidence. KA is the overall drag factor for small incidences, 
and has a value of 1.79. Non-linear variations of the drag are emphasised by presenting the 
drag results in this way. 

The lift-curve slope shows a slight increase in slope with incidence up to about ~ = 5 deg, 
but  as tile incidence is increased further, the lift-curve slope falls off, gradually up to about 

= 7 deg, and then more rapidly. The n0n-linear increase in lift at low incidence is consistent 
with the effect of tip vortices on lift, predicted by Ktichemann in Ref. 11. The long bubble 
appears to have little effect on lift while tile bubble is closed onto the wing ~urface well forward 
of the trailing edge, as is the case at a = 4.3 deg. However, as the long bubble approaches 
the trailing edge the lift-curve slope decreases. By comparing these results with those _in 
Ref. 6, where pressure measurements have been taken, it appears tha t  as the long bubble extends 
towards the trailing edge the pressure there begins to fall, and this in turn causes a reduction 
in the pressures on the lower surface. This reduction in  lower surface pressures will contribute 
to the decrease in lift-curve slope under these conditions. 

The pitching-moment curve shows a linear variation of C,,, with ~ up to about 5 deg incidence, 
beyond  which there is a continuous gain in stability, here assessed in terms of aC,,,/a~.. 
Correlating this curve with the flow development shown by the oil flow patterns, it appears tha t  
the long bubble has no effect on the stabili ty of the wing until  it extends close to the wing 
trailing edge. 

• The drag curve shows non-linear drag effects at incidences above 3 deg. As it has been 
shown in Ref. 11 tha t  tip vortices do not affect the drag to a first order, it would appear tha t  
the long bubble causes an increase in drag at a very early stage in its development, which can 
probably be at tr ibuted to the loss of the leading-edge suction force in association with non-linear 
lift forces. 

2.2. Results for a Range of Incidence at M = 0.80.---The four oil flow pictures in Fig. 8 show 
the flow patterns tha t  were obtained on the upper surface of the wing at incidences of 4.4 deg, 
5.5 deg, 6.6 deg and 7.6 deg at M = 0-80. At 4.4 deg incidence the flow no longer separates 
from the le~ding edge to form a long bubble, as is the case at M = 0" 70, but is attached to the 
surface up to the main wing shock, which appears from the flow pattern to be at about 15 per cent 
chord over the central section of the wing. On the wing with fixed transition the shock appears 
to cause a small separation bubble about 20 per cent chord in length. The bubble is indicated 
by a region of unmoved oil, in the picture, and the shock is assumed t o b e  at the upstream edge 
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of this region. On the wing with free transition the shock appears to cause only a very  small 
bubble, shown by the piling up of oil along the shock line. On this wing transition occurs 
very close to the leading edge, and the re  appears to be a trace of oil left unmoved right at the 
leading edge. This suggests tha t  the laminar boundary layer sepa-rates at the leading edge, 
but  re-attaches very shortly afterwards a s  a turbulent boundary layer. Tip vortices can again 
be seen in the flow pattern. 

At 5-5 deg incidence, interpreting the flow pattern in a similar way, the shock has moved 
back to about 19 per cent chord. On both wings there is a bubble of separated flow behind 
the shock. The bubble extends about 25 per cent chord on the wing with transition fixed, 
and about 10 per cent chord on the wing with transition free. The shock moves back only 
slightly between 5.5 deg and 6.6 deg incidence, but the separat ion bubble behind the shock 
increases in  length, which is doubled by 6.6 degl 

Between 6.6 deg and 7.6 deg incidence there is a major change in the flow pattern. Although 
at 7.6 deg incidence shock separation still appears to occur over the outer part of the span on 
the wing With transition fixed, over the inner part of the span the flow appears to separate from 
the leading edge, as the only movement of oil apparent in this region is forward towards the 
leading edge. On the wing with transition free, the flow appears to separate at the leading 
edge over the whole span, and except in the tip regions where air is drawn onto the' wing surface 
by the tip vortices, remains separated over the entire upper wing surface. Because of the con- 
siderable buffeting of the model, and the large rolling moments occurring between 6.6 deg 
and 7.6 deg incidence, it is believed that  the change-over from flow attached at the leading edge 
with shock induced separation farther aft, to flow separated at the leading edge, takes place 
suddenly rather than as a gradual development with the shock moving forward to the leading 
edge. 

The force data for the model at M = 0.80 is shown in Fig. 9. The lift curve slope shows 
the same non-linear increase in lift at small angles of incidence as the curve for M = 0.70, 
and this is again probably caused by the formation of strong tip vortices. Beyond 5 deg 
incidence, as the separation bubble behind the shock spreads towards the trailing edge the 
lift curve slope decreases. There appears to be no very abrupt loss of lift at the change from 
shock-induced separation to leading edge separation. 

The pitching-moment curve shows a slight decrease in stabili ty with increase in incidence 
up to about ~ = 5 deg. In the absence of a transonic theory for the flow over such a wing, 
it is not certain to what extent this loss in stabili ty is due to the development of the potential 
field, or how much is due to viscous effects. Further light may be shed on this when the results 
of two-dimensional transonic tests at N.P.L. on the 4 per cent biconvex section become 
available. Between ~ ---- 5 deg and ~ = 7 deg, in the region where the separation bubble is 
expanding, there is a gradual gain in stability. A much more marked gain in stabili ty occurs 
as the change to leading-edge separation takes place. 

The overall drag factor, KA, was found to be 1-82 for this Mach number. The curve in 
Fig. 9 shows tha t  Ca -- (KA/=A)CL 2 is constant up to 5.5 deg incidence, but rises rapidly as the 
incidence is further increased. 

2.3. Results for a Range of Incidence at M - - - 0 . 9 3 . - - T h e  flow patterns on the wing a t  
M = 0-93 are shown in Fig. 10. Oil flow patterns have been obtained on the upper surface 
of the wing for incidences of 0.0, 2.2, 4.5, 8.8, 11.0 and 11.9 deg. The general basis of 
interpretation of these patterns is similar to that  at M----0.80. Where areas of separated 
flow shown by unmoved regions of oil occur on the wing surface i t  is assumed tha t  they are 
caused by shocks at their upstream edge. At zero incidence there is no flow separation. Tran- 
sition occurs very close to the leading edge on the wing with transition flee, and the pat tern is 
rather underdeveloped towards the trailing edge of this wing. At 2-2 deg incidence the only 
development tha t  can be detected in the oil flow pat tern is the formation of tip vortices. 
However, by  4.5 deg incidence the main wing shock, at about 75 per  cent chord, has become 



"strong enough to separate the wing boundary layer. Because this shock is now far back on the 
wing, the separation bubble does not close on the wing, as was the case at M = 0.80, but must  
extend beyond the trailing edge almost as soon as it is formed. By  8" 8 deg incidence the main 
wing shock has moved forward to about 45 per cent chord. The flow pattern for ~ ----- 8" 8 deg 
shows tha t  two oblique shocks form on the wing, one from the root leading edge, and the other 
fr0m the tip leading edge. They appear in the oil pat tern as lines at which the oil streaks change 
direction. The occurrence and the effect of these shocks will be discussed further in Section 3.1, 
but  it can be seen from the oil flow patterns that  they limit the spanwise extent of the main 
wing recompression shock. Faint  traces of these shocks can als6 be seen in the patterns at 

= 4.4 deg. By  11 deg the shock has moved forward to about 30 per cent chord. The pat tern 
on the wing with transition fixed is rather underdeveloped at this incidence. At 11.9 deg the 
flow fails to at tach at the leading edge on the wing with transition fixed. On the wing with 
transition free, the flow is still attached up to the shock at about 30 per cent chord. Oil fl0w 
patterns have also been obtained on the lower surface of the wing a t  these incidences, but  i n  no 
case is shock separation indicated. 

The measured force data for the wing a t M  = 0.93 is shown in Fig. 11. The lift-curv e slope 
again shows a marked non-linear increase in lift between 0 and 3 deg. At 3 deg incidence, 
where shock-induced separation probably occurs, the lift-curve slope starts to decrease again. 
Between 5 deg and 11-5 deg incidence, roughly the range of incidence for which the shock moves 

f o r w a r d  towards the leading edge, the lift-curve slope is approximately constant at a value 
well below that  at CL ~ 0. Finally at about 11.5 deg there is a sudden loss of lift, which suggests 
t h a t  at this incidence there is an abrupt change from shock-induced separation at about 
30 per cent chord, as indicated in the flow pattern at 1"1.0 deg, to a leading-edge separation, 
as  indicated in the pattern for 11.9 deg. 

The pi.tching-moment curve shows a slight, loss in stability between 0 and 2 deg incidence. 
Between 2 and 4 deg incidence there is a marked gain in stability, which may result from the 
onset of shock separation and also from the tip vortex sheets. As the shock moves forward 
on the wing there is first a slight loss in stability, from ~ = 5 deg to ~ = 8 deg, followed by 
a steady gain in stability. There is no marked change in pitching moment when the sudden 
loss in lift, corresponding to the change to leading-edge separation, occurs. 

The overall drag factor, KA, was found to be 1.14 for small incidences. The  onset of 
separation at about 3 deg incidence leads to a rapid non-linear rise of the drag. 

2.4. Results for a Range of Incidence at M = 0" 96.--The oil flow patterns, obtained On the 
upper surface of the wing at M = 0" 96, are shown in Fig. 12. The incidences at which patterns 
have been obtained, are 0.0, 2.2, 4.5, 6.7, 8-9, 10-0 and 12.2 deg. At small incidences the 
flow patterns are similar to those obtained at M = 0.93. The shock separation again occurs 
between 2.2 and 4.5 deg incidence, but the shock in this case is farther aft at about 85 per cent 
chord. In contrast to its behaviour at M = 0.93, the shock at M ----- 0.96 does not move forward 
rapidly with increase in incidence, once separation has occurred, but  stays well back  on the ' 
wing, and becomes considerably distorted over the inner and outer parts of the wing, where it is 
influenced by the oblique shocks from root and tip leading edges. At 6.7 deg the shock is still 
-at 85 per cent chord, except near the tips where it moves back to the trailing edge. At 8.9 deg 
incidence the shock is at about 75 per cent chord over the middle part  of the wing, but  moves 
back to about 90 per cent chord near the  root, and to the trailing edge near the tip. At 10 deg 
incidence the shock has moved forward to 70 per cent chord over the middle part of the wing, 
but  is still severely distorted in t h e r o o t  and tip regions. At 12-2 deg the shock is at about 
50per  cent chord, and extends almost in to the wing root. The  two oblique shocks still exist, but  
their influence is much more restricted at this incidence. From the force curves in Fig. 2 it  Can 
be: seen that  the loss in lift associated with the change to a leading edge separation, ioccurs at 
14.2 deg incidence. The flow patterns on the lower surface at these incidences again gave no 
indication of shock separation. 
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The measured force data for M = 0.96 is shown in Fig. 13. The lift curve again shows a 
non-linear increase ill lift with incidence up to about ~ = 3 deg. The loss in lift-curve slope 
above 3 deg incidence is not so large in this case as at M = 0.93, and the slope becomes roughly 
constant between c~ = 4 deg and ~ = 9 deg, the range of incidence for which the shock is well 
back on the wing, at about the same value as at CL = 0. A further decrease in lift-curve slope 
takes place beyond ~ = 10 deg, as the shock moves forward on the wing. 

• The pitching-moment curve shows a slight loss in stability from ~ = 0 deg to ~ = 2 deg, 
but  where shock separation occurs, between ~ = 2 deg and ~ = 4 deg, there is a large increase 
in stability. The stability parameter, ~C~,/~, is roughly constant from ~ = 4 deg to ~ = 9 deg, 
at a much more stable value than was the case in this incidence range at M = 0.93. The 
forward movement of the shock, between e = 10 deg and ~ = 12 deg is again associated with 
a loss in stability. 

The overall-drag factor, KA, was found to be 1.36 at small incidences at M = 0.96. The 
onset of shock induced separation again leads to a non-linear increase in overall drag. A com- 
parison of the Cv -- (KA/A~)CL ~ curves for M = 0.96, and M = 0.93 shows that  the non-linear 
effects are similar up to about 4 deg incidence,  but that  beyond 4 deg incidence a much more 
rapid increase in non-linear drag occurs at M = 0 .93  than at M = 0.96. 

2.5. Flow Patterns at 8.8 deg Incidence for a Range of Mach Number. - -A series of oil flow 
patterns have been obtained for the wing at Mach numbers from M = 0" 85 to M = 1.02 at a 
constant nominal incidence of 8 deg ; the true incidence, due to tile deflection of the sting, varies 
from 8.7 deg at M = 0 - 8 5  to 8.9 deg at M =  1.02. These patterns, shown in Fig. 14, are 
interpreted in a similar way to those in the preceding sections. At M = 0.85 on the wing with 
transition fixed, the flow has separated from the leading edge over the inner-two thirds of the 
span. Close to the tip the flow appears to be at tached at the leading edge, and separated at 
a shock at about 25 per cent chord. On the wing with transition free there is a shock separation 
at about 30 per cent chord. When the Mach n u m b e r  reaches 0.90 the flow is at tached at the 
leading edge on both wings but  separates at the shock at about 30 per cent to 35 per cent chord. 
Wi th  increase in Mach number the shock moves back on the wing, reaching 45 per cent chord 
at M ---- 0.93, and 75 per cent chord at M = 0.96. At M = 0.96, as was noted in the previous 
Section, the shock is considerably distorted by the effects of the two oblique shocks from root 
and  tip leading edges. At M = 0.99, and M = 1.02, the oblique shocks 'dominate the flow 
pattern,  and only in a small region at their intersection is the flow separated. The angle of the 
oblique shocks appears to be independent of Mach number in this range. This suggests that  the 
angle depends primarily on the local Mach number ahead of the shock, for Pearcey 1 has shown 
that  at fixed incidence in two-dimensions the local Mach number is independent of free-stream 
Mach number  at transonic speed. 

3. The Development of Transonic Flow over the Wing. - - In  the preceding sections, a picture 
of the flow development with incidence, at four Mach numbers, has been built up based on the 
oil flow patterns. Comparing the measured forces with this physical picture, characteristic 
changes in the forces have been shown to occur at definite stages in the flow development. 
Because of the lack of a potential transonic theory, it is not possible to predict the characteristics 
of the wing in the absence of boundary-layer separation, and without this standard of comparison, 
the changes in overall forces that  seem to occur when tile flow separates, cannot with certainty 
be at tr ibuted to the effects of separation. However, the consistent correlation between changes 
in force measurements and changes in flow pat tern at these four Mach numbers suggests that  the 
flow development at other Mach numbers can be inferred from changes in overall forces alone. 
An at tempt will be made, using this correlation, to show how transonic flow develops over the 
wing. 

Once local supersonic regions, terminated by shock waves, appear on the wing, the 
development of the flow, as the incidence is increased at constant Mach number, can be split 
up into four phases. Phase A covers the low incidence range, in which, although shock waves 
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exist on the wing; they are of insufficient strength to separate the wing boundary layer. 
This is followed by phase B, a range of incidence for which shock separation occurs, but the 
shock remains roughly stationary on the wing. The third phase C covers the incidence range 
where rapid forward movement of the shock occurs. This is succeeded by phase D, the high 
incidence range in which the flow fails to attach at the leading edge. The boundaries between 
phases A, B and C, cannot be precisely defined because the development of shock separation 
takes place gradually and the phases tend to merge into each other. The boundary between 
phases C and D is defined more exactly as there is a sudden change from shock separation to 
leading-edge separation. 

The approximate boundaries between the phases have been determined, for the range of 
Mach number covered, by an examination of the measured force data. These boundaries are 
shown in terms of CL in Fig. 15. The boundary between phases A and B, the point at which 
shock separation occurs, has been taken as the approximate value of CL at which the lift curve 
has an inflexion, non-linear drag effects become apparent, and a nose-down change in stability 
occurs. With the boundary defined in this waj ,  cases, such as ~ = 4.4 deg and ~ = 5.5 deg 
at M = 0.80, where the separation bubble is closed on  the wing well forward of the trailing 
edge, are included in phase A. The boundary between phases B and C is more difficult to 
determine. The results at M = 0.93 and M = 0.96 have shown that  the forward movement 
of the shock coincides with a decrease in stability. The boundary has therefore been taken as 
the value of CL at which there is an inflexion of the C~, vs. CL curves in Fig. 3. There is also 
reasonable agreement between this point and the second break in the C~ vs. CL ~ curves in Fig. 5. 
The boundary between phases C and D is taken as the maximum value of CL before the sudden 
loss in lift, associated with the change from shock induced separation to leading-edge separation, 
occurs. The boundary at M = 0-80, where' this sudden loss in lift does not occur, cannot be 
determined in this way, and an approximate value of CL, based on the assessment of the oil 
flow patterns in Section 2.2, has been used. 

The phase boundaries in Fig. 15 show that  shock separation effects first influence the flow 
over the wing at a lVIach number of about 0.75, and that  as the Mach number increases they play 
a more and more dominant part in the development of the flow. The shock separation boundary  
between phases A and B decreases progressively from a CL of 0.47 at M = 0.80 until it levels 
off at a CL of 0.22 at M = 0.99. The boundary between phases 13 and C increases slightly 
with Mach number up to M = 0- 85, and then falls to a CL of 0.37 at M = 0.93. At M = 0" 96 
the CL range covered by phase B becomes greatly increased in extent, and phase C does not 
begin until a CL of 0.84 is reached. Phase B in this case includes the incidence range in which 
the main wing shock is considerably distorted by the influence of the oblique shocks from the 
root and tip leading edges. At M = 0.99 and M = 1.02 the boundary between phases B and C 
lies at CL = 0.96. Possible reasons for the increased extent of phase B at these Mach numbers 
are considered in Section 3.1. The third boundary line, the value of CL at which leading-edge 
separation occurs, rises with increasing Mach number from CL = 0-48 at M = 0.70, where the 
approximate vahie of CL at which the long bubble reaches the trailing edge has been taken, 
to CL = 1.12 at M = 0.96. At M = 0.99 and M = 1.02 the change to leading-edge separation 
does not occur in the incidence range covere'd. 

The variation of the main aerodynamic derivatives in the first three phases of the development 
of the flow is next examined. In most cases these derivatives are found to assume a roughly 
constant value for the major part of each phase. It is only where the phases are of very limited 
extent that  the derivatives do not reach a steady value. Where possible the lift-curve slope, 
~CL/O~, the aerodynamic centre ~Cm/OCL, and the overall drag factor K, have been determined. 

The variation of the lift-curve slope with Mach number in each phase is shown in Fig. 16. 
The variation of slope at Cc = 0 is shown for the whole range of Mach number. Because of the 
non-linear nature of the lift curve at small incidences, the slope has been taken between + 1 deg 
and -- 1 deg. This curve shows the gradual rise in lift-curve slope with Mach number, up 
to M = 1.0, that has been found in previous tests on straight wings of aspect ratio about three s' ~' ~. 
The reason for the irregular step at M = 0" 93 is not known. The second curve in Fig. 16 shows 
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the variation of lift-curve slope with Mach number in phase B. Because of the limited extent 
of this phase at Mach numbers below 0.96, the slope has only been determined for Mach, 
numbers from 0.96 to 1.02. As mentioned in Section 2.4, the lift-curve slope in phase B has 
about the same value as at CL = 0. In phase C where the shock is moving forward on the wing, 
the lift-curve slope is well below its zero-lift value. The curve showing the variation of ~CL/~ 
with Mach number in phase C has a marked peak at M = 0-93. 

The effect of shock separation on the aerodynamic centre, ~C,,/~CL, is shown in Fig. 17. 
At zero lift the aerodynamic centre remains constant at I0 per cent (measured from the leading 
edge) of the aerodynamic mean chord up to M = 0" 90, and then moves aft with increase in 
Mach number reaching 22.5 per cent aerodyr~amic mean chord by M = I. 02. In contrast 
to the results of Ref. 3, there is no tendency for the aerodynamic centre to move forward at the 
lower transonic Mach numbers. Between M = 0" 96 and M = I. 02 the aerodynamic centre in 
phase B is roughly constant at 35 per cent aerodynamic mean chord. The aerodynamic centre 
in phase C is also roughly constant at 25 per cent aerodynamic mean chord for Mach numbers 
from 0-85 to 0.96. 

The zero-lift drag curve is shown in Fig. 18. The drag rise starts at a Mach number of about 
0.91, and appears to be levelling off by M = 1.02. The Mach number range covered is in- 
sufficient to find where the maximum value of CD0 occurs. The overall drag factors, KA, K~ 
and Kc, corresponding to the three phases A, B and C, have been obtained from the Co vs. CL 2 
curves in Fig. 5, and are shown in Fig. 19. KA remains roughly constant at a value of i. 76 
from M = 0.70 to M = 0.90, but then decreases to 1-14 at M = 0.93 before rising again 
to a steady value of 1.48 at M = 0.99. This type of variation of overall drag factor, with a 
minimum value in the transonic range, has been found in other tests on thin unswept wings 3, ~ 
K8 rises gradually from 1.76 at M = 0.80 to 2-20 at M ---- 0..96 and then remains constant. 
Kc however follows roughly the same variation with Mach number as KA, but is about double 
the value. 

These results in Figs. 16, 17 and 19 show that. the values of the aerodynamic derivatives in 
each phase are grouped at roughly the same level for the Mach numbers where they have been 
determined, but that large differences in level occur from phase to phase. In passing from 
phase A to phase B there is little change in lift-curve slope, or increase in overall drag factor, 
but a large rearward movement of the aerodynamic centre. ]Between phases ]3 and C there is a 
considerable decrease in lift-curve slope, an increase in overall drag factor, and a forward 
movement of the aerodynamic centre. At the boundary between phases C and D the wings 
stall, with a sudden loss of lift. Conditions beyond the stall have not been considered. 

3.1. The Development of Phase B at Mach Numbers be~wee~ O. 96 and 1.02. - - In  the preceding 
section it has been shown that  at Mach numbers of 0.96 and above, phase B, where the shock 
remains roughly stat ionary on the wing, extends over a much greater range of CL than is the case 
at lower Mach numbers. This change in the way the flow develops has a marked effect on the 
aerodynamic characteristics of the wing, in particular on the movement of the aerodynamic 
centre. The possibility tha t  tunnel wall interference affects the flow development on the wing 
in these conditions cannot be excluded, but two further possible explanations why the shock 
remains far back on the wing will be considered. Either this effect may be a section 
characteristic, that  could be investigated in two-dimensional tests, or it may be caused by the 
influence of the oblique shocks from root and  tip leading edges. T h e r e  is some evidence from 
Ref. 1 that  this may be primarily a section effect. In Fig. 44 of that  paper the movement of the 
upper-surface shock with change in incidence is shown for a 6 per cent RAE 104 section at various 
transonic Mach numbers. A very abrupt decrease in the rate of forward movement of the shock 
after separation, occurs between M-----0.85 and M = 0" 90. A similar effect may be found 
to occur on the 4 per cent biconvex section between M = 0.93 and M = 0.96. The two 
oblique shocks from root and  tip leading edges appear to correspond to the steep pressure rise in 
these regions, predicted by linearised theory at supersonic speeds. I t  seems probable from the 
oil flow patterns tha t  these shocks are further strengthened by viscous effects. At the tip, 
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the tip vortex spreads inwards over the wing towards the  trailing edge, as air from outside 
the tip is drawn into it. This vortex sheet, forming in effect an end plate, inclined slightly 
inwards, will force the upper surface air in towards the root. An oblique shock of increased 
strength may be necessary to turn the flow into the direction of this effective end-plate. The 
spread of air from the body onto the wing surface at the root, possibly accentuated by the 
presence of a root vortex 13, may strengthen the root shock in a similar way. The  flow ahead of 
the shocks is inclined slightly in towards the body, because of the sweep of the leading edge. 
This will tend to strengthen the shock at the root, and weaken the shock at the tip. An indication 
of the probable strength of these shocks can be obtained from the pressure measurements 
in Ref. 6, where pressure ratios across the oblique shocks of about 1.25 were found. By providing 
part  of the necessary total  pressure recovery these oblique shocks will weaken the parts of the 
main wing recompression shock that  lie within their regions of influence, and the distortion, 
shown in the oil flow patterns, will result. I t  is probable that  the pressure in the separated flow 
behind the main wing shock in the central part  of the wing, is also affected by conditions in 
the root and tip regions. This would influence the shock position, and may result in the shock 
remaining far back on the wing. 

4. Practical Implications.--4.1. Buffeting.--No exact correlation yet exists between fl ight 
measurements of buffet boundaries and tunnel measurements of shock separation. It  is suggested 
ill Ref. 2 that  buffeting may first occur when the separation bubble on the wing extends to the 
trailing edge. If this is tile case, the buffet boundary for the wing tested will lie close to the 
boundary between phases A and B in Fig, 15. At Constant Mach number the buffet intensity 
should remain at roughly tile same level throughout phase t3, because there is little change 
in the area of separated flow. With increase in Mach number, the area of separated flow in 
phase 13 decreases, as is shown in Figs. 14(d) to 14(f), and there may be some reduction in buffet 
intensity. Phase C covers a range of CL in which the area of separated flow, and probably the 
buffet intensity increases rapidly. No definite conclusions can, however, be drawn at this stage 
and more work, including direct measurements of flow oscillations, is required. 

4.2. Stability Changes.--In tile preceding section the aerodynamic centre at any Mach number 
was shown to be roughly constant for the major part  of each phase, but  to vary considerably 
from one phase to the next. The phase boundaries in Fig. 15 will therefore represent the 
approximate values of CL at which large changes in stability occur. Fig. 17 shows the order of 
this movement of aerodynamic centre. 

4.3. The Limit to Usable CL.--The boundary between phases C and D represents the maximum 
usable value of CL that  can be obtained from the wing without resort to noseflaps or other 
auxiliary devices. At this value of CL the wing stalls, with a sudden loss in lift* and a large 
nose down change in pitching m o m e n t  -Because of the sudden nature of the stall it is probable 
that  wing dropping will occur. In practice, at the higher Mach numbers tile severity of buffeting 
may prevent tile at tainment of this value of CL. 

5. Comlusions.--The results of overall force measurements and surface oil flow studies in 
the 3 ft Transonic Tunnel at the National Aircraft Establishment, Bedford, on a wing-body 
combination with an unswept wing of aspect ratio 3.5, taper ratio 0.5, and with a 4 per cent 
biconvex section, have been analysed. The tests were made at Mach numbers from 0.70 to 1.02 
at a Reynolds number of 1.89 × 106. At four Mach numbers, 0.70, 0"80, 0.93 and 0.96, 
a picture of the flow development with incidence has been built up using the oil flow patterns 
on the wing, and a correlation has been esLablished between changes m the overall forces and 
changes in the flow patterns. At other Mach }lumbers tile flow development has been inferred 
from the overall forces, using this correlation, and, in this way, an a t tempt  is made to show how 
transonic flow develops over the wing. 

* Further increase with incidence to higher Values of CL is still possible, however. 
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At transonic Mach numbers, four phases in the development of the flow with increasing 
incidence are found. The first pkase covers the low incidence range, in which, although shock 
waves may exist on the wing, they are of insufficient strength to separate the wing boundary 
layer. This is followed by a second phase, in which shock separation takes place, but the shock 
remains roughly stationary on the wing. The third phase covers the incidence range where 
rapid forward movement  of the shock occurs, and the last phase is the high incidence range 
where the flow separates at the leading edge. 

Shock-induced separation first appears at a Mach number of about 0-75 and then occurs at 
progressively lower values of CL as the Mach number increases; the variation is from a CL of 
0.47 at M = 0.80 to a CL of 0.22 at M = 0.99, and M = 1.02. T h e  change to leading-edge 
separation occurs at higher values of CL as the Mach number increases, varying from CL = 0.52 
at M = 0.80 to Cc = 1" 12 at M = 0.96, the highest Mach number at which leading-edge 
separation is found in the incidence range covered. The second phase, where the shock remains 
roughly stationary on the wing, covers a very limited CL range up to M = 0.93, but for Mach 
numbers of 0.96 and above, this phase becomes a very significant one in the development of 
the flow. It is not certain whether this change in the flow development at M = 0.96 is a section 
characteristic or whether it is a result of the oblique shocks from root and tip leading edges 
causing considerable distortion of the main wing shock at this Mach number. 

The main aerodynamic derivatives, the lift-curve stope, the aerodynamic centre, and the 
drag factor, assume roughly constant values in each phase, but vary considerably from phase 
to phase. Shock separation, while the, shock remains roughly stationary on the wing, causes 
little change in lift-curve slope or overall drag factor, but a large rearward movement of the 
aerodynamic centre. When the shock moves forward there is a marked decrease in lift-curve 
slope, a rise in the drag factor and a forward movement of the aerodynamic centre. 
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FIG. 14. Flow pat te rns  on the wing at 8 -8  deg incidence, through the Mach number  range. 
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FIG. 14 contd. 
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Flow pa t te rns  on the wing at  8 .8  deg incidence, through the Mach n u m b e r  range. 
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