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Summary.

Tests have been made in the N.P.L. 18 in. by 14 in. High-Speed Tunnel at stream Mach numbers between
0-6 and 1-2 on two finite wings of identical planform and having single-wedge and double-wedge sections of
14% and 79%, thickness/chord ratio respectively. The wings were untapered and the sweepback could be set
at five values: 0°, 15°, 30°, 45° and 60°. The test Reynolds number bhased on the streamwise chord varied with
stream Mach number and wing sweepback, and was between 1-3 x 106 and 3-4 x 10

The experiment was intended to assist in assessing the validity of the simple sweepback concepts currently
in use, particularly for predicting the flow about infinite sweptback wings from two-dimensional data. The
three-dimensional effects present are reduced to some extent by the type of section used, especially at
transonic speeds, and the measured pressure distributions at a particular spanwise station, and the associated
préssure forces (normal and chordwise) correlate quite well on the basis of the simple theory. In addition it
is shown that the general flow development, including the initial growth of the leading-edge separation, and
the transonic flow-attachment about the leading edge also correlate satisfactorily, as do the pressures
measured on the base of the single-wedge wing. -

There is some discussion on the effect of shock sweep on the conditions required for shock-induced
boundary-layer separation and a modification is suggested to the curve put forward tentatively in Ref, 8.
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1. Introduction.

Present-day methods of designing sweptback wings are based fundamentally on the simple
sweepback concepts first put forward by Betz and Busemann! some twenty-five years ago. Briefly
these were that the characteristics of an infinite swept wing depended only on the component of the
stream velocity normal to the leading edge, and the relative incidence of this component to the plane
containing the wing. If the wing sweepback is ¢, then the two important parameters influencing
the flow are Ujcosé and asecd, where U, is the stream velocity and « the wing incidence; in a
compressible flow, the velocity component may conveniently be replaced by the Mach number
component M, cos ¢, the stream Mach number being denoted by ;. Thus, on this argument, data

obtained from tests on a two-dimensional, unswept aerofoil may readily be applied to an infinite -

wing of arbitrary sweepback (see Ref. 36). '

The validity of the simple sweepback theory has been demonstrated both at low stream speeds?
and at moderate subsonic speeds®* by comparing in the correct manner pressure distributions
obtained on swept wings with those from the related unswept section. In this type of test, it was
generally found that the mid-semi-span of a finite swept wing of high aspect ratio could, for practical
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purposes, be regarded as equivalent to a section of an infinite swept wing, so that the combined
effects of the wing root and tip could be ignored. Fig. 1 shows results from certain unpublished
N.P.L. tests in which the wings completely spanned the width of a high-speed wind tunnel, and
serves to illustrate the nature of the agreement which may be obtained, even though, as in this
case, the pressure-plotting station lies comparatively close to the end of the wing.

The view may be held, however, that the most important application of the simple sweep theory
occurs in conditions when the stream Mach number is transonic or supersonic, the sweep being
sufficiently high for M cos ¢ to remain subsonic in value; it is possible in this way, one may argue, to
obtain low-drag, shock-free, subsonic-type flow over the wing even at supersonic stream Mach
numbers. The advantages of such a flow are obvious and have been discussed at length elsewhere,
particularly as the basis of a wing designed for economic operation at low supersonic Mach numbers
(see, for example, Ref. 6).

One important factor in the design of such a sweptback wing is the choice of the wing section, a
topic discussed in Ref. 7 in terms of results obtained from investigations on two-dimensional aerofoils.
The assumption is made that the favourable characteristics of aerofoil profiles at transonic and
subsonic speeds would still be present on the related infinite, swept wing at correspondingly higher
speeds. Thus the simple sweep theory is used in these circumstances to enable a detailed
correspondence to be established between swept and unswept sections.

One may accept such a correspondence simply as a particular instance of the sweep theory, as
indeed it must be if the theory and its underlying assumptions are held to be universal in application.
On the other hand, the matter is of sufficient importance to justify a more critical assessment,
including, if possible, some experimental proof of the validity of the simple sweep theory for-
transonic-type flows,

The chief obstacle to providing the required experimental evidence is in simulating in the wind
tunnel the flow conditions appropriate to an infinite swept wing, for it is af transonic and low’
supersonic speeds that the effects of the ends of the wing (particularly the root or upstream end) are
concentrated in regions which spread farthest over the wing?¢. Thus a configuration like that shown
‘in Fig. 1, in which the mid-semi-span position could be regarded as effectively part of an infinite
wing at a stream Mach number of 0-8, ceases to be satisfactory when the stream Mach number
exceeds unity. Of course, attempts can be made to overcome the dominant end effects. For example,
the junction of the upstream end of the wing with the tunnel wall or supporting body may be
contoured so that the required flow is maintained in the junction. In practice, this is not easy to do,
particularly for a range of stream Mach number and wing incidence; limited attempts at the N.P.L.
in connection with the models shown in Fig. 1 were rather unsatisfactory, though with more effort
the difficulties encountered could probably have been overcome. It may be argued, however, that
such a technique, corresponding as it does to the superposition of the contoured-junction flow field
on that originally present on the untreated wing, artificially creates the desired pressure distribution
and to this extent begs the original question of whether the infinite swept wing behaves in a similar
manner to the related unswept section.

An obvious alternative is to make the wing of sufficient aspect ratio to'ensure that the measuring
station is beyond the region most seriously influenced by the root and tip. For a conventional wing
section at transonic and low supersonic speeds the upstream boundaries of these zones correspond
in certain conditions to the forward and tip shocks®, the former, associated with intense disturbance
to the flow at the root leading edge, being the most troublesome. Ideally then, the pressure-plotting
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station should be outboard of the junction of the forward and rear shocks, and inboard of the region
influenced by the tip shock.

These conditions have been most closely approached by Lawlor®, whoese results indicate
substantial support for the simple-sweep theory. He was forced, however, to use a wing of
considerable span, and, in order to maintain the test Reynolds number at a reasonably high value, a
large wind tunnel. There would seem no doubt that this technique, when practicable, is very
satisfactory.

For the tests described in the present report a half-wing of finite span, and mounted directly on a
wall of a high-speed wind tunnel, was used. The wing contained a pressure-plotting station at
about 0-7 of the semi-span, and the leading-edge sweep could be varied in steps between 0° and 60°.
The effects associated with the junction of the wing and the tunnel wall were reduced in extent,
rather than removed altogether, by choosing wing sections for which the maximum local velocity
and most rapid flow acceleration occur away from the leading-edge region for some range of wing
incidence. Two wing profiles were in fact used, one of double-wedge and one of single-wedge
section. The highest local velocity occurs at the ridge-line and trailing edge respectively at low
incidence, and for the double-wedge section the major disturbance at the root-wall junction usually
takes the form of a shock wave originating at the ridge and running rearwards over the wing surface.
There is a strong similarity between this shock and the forward shock which develops at moderate
incidences close to the leading edge of wings having conventional sections, and hence for part of
the test range at least the influence of the wing root may be regarded as existing to a marked degree
only in the region to the rear of this ridge shock. Compared with the conventional section, with the
limiting forward shock, the severe root influence for the double-wedge profile is considerably
reduced in extent, partly because of the more rearward origin of the shock, and partly because the
ridge shock propagates at a smaller angle with respect to the stream direction as a result of the higher
local Mach numbers which occur to the rear of the ridge line. As the wing incidence is increased, the
true forward shock appears however and the subsequent flow development is similar to that on
swept wings having more conventional sections.

For the single-wedge section, the ridge shock is of course absent and the forward-facing surfaces
are influenced mainly by the tip and forward shocks, and the effects of their intersection.

The results obtained with the wing at incidence must inevitably be affected by the finite aspect
ratio of the model, at least for part of the test conditions. Moreover, as will be seen, the wing aspect
ratio itself changes with the wing sweep. The present approach cannot be regarded as a satisfactory
alternative to the technique employed by Lawlor, neither are the two wing sections representative
of those likely to be used in modern aircraft design. Nevertheless, despite its inherent limitations
the present experiment does appear to provide useful data on the application of simple sweepback
ideas in transonic flows, data which up to the present have been rather scanty and which now appear
to confirm many of the concepts tacitly assumed in much of the current work on swept-wing
design. The final confirmation of these ideas for general section shapes must inevitably come from
more precise experiments, however.

During the tests an opportunity was taken to obtain additional information to that contained in
Refs. 8, 10 and 11 about the effect of shock sweep on the conditions required for shock-induced
separation of the boundary layer on the wing surface. Measurements were also taken of the spanwise

distribution of pressure on the base of the single-wedge wing for the complete range of sweepback,
Mach number and incidence.

v



2. Experimental Details.
2.1. The Models.

Two wings of identical planform were used for the tests. The sweep of each wing could be
varied in steps of 15° to enable the following sweepback angles to be achieved: 0°, 15°, 30°, 45° and
60°. Mechanical considerations required that the wings should pivot about the trailing edge of the
root section, and this meant that the exposed wing area and the leading-edge length increased with
the sweep angle (see Table 1).

The leading edge and trailing edges of the wings were parallel but the tip was raked, as shown in
Fig. 2, so that it became streamwise when the sweepback was 30°. The pressure-plotting station lay
along a chord-line, normal to the leading edge and at 0-7 of the distance from the root to the tip
along that edge when the wing was at zero sweep. As the sweep is increased; this value changes, as
shown in Table 1, which also includes further information on the effect of changes in the sweep on
the planform geometry. .

The two wing sections are illustrated in Fig. 3. The double-wedge profile has a maximum
thickness/chord ratio of 7%, and the ridge-line occurs at mid-chord. The single-wedge section has
the same chord and is geometrically similar to, but twice the size of, the forward half of the
double-wedge profile. The leading-edge semi-angle (A) of both sections is identical and almost
exactly equal to 4-0°,

The distribution of the pressure holes, situated on the upper surface only, is shown in Table 2a
and Fig. 3. In terms of x/c, where ¢ is the wing chord measured normal to the leading edge, the two
distributions are not very alike, but that for the single wedge was chosen so that each hole on the
forward half of the double-wedge profile had a corresponding, geometrically-linked hole on the
- single-wedge surface. Thus the double-wedge holeat x/c = 0-2is the counterpart of the single-wedge
hole at x/c = 0-4, and so on. This arrangement was of value when comparing results from the
forward-facing surfaces of the two wings.

The base of the single-wedge wing was fitted with 6 pressure holes at the spanwise positions given
in Table 2b. All these holes were in the chord plane of the wing, that is, mid-way between the
upper and lower shoulders of the base area.

2.2. The Tunnel,

The N.P.L. 18 in. by 14 in. Tunnel, with a transonic working séction, was used for the tests. This

has slotted walls above and below the model, one-eleventh of the total area of each wall being open®.
. The side-walls are solid and formed mainly by interchangeable panels of glass set in steel frames.

The wings were mounted directly on a turntable forming part of the tunnel side-wall, and which
carried a four-component strain-gauge balance. This remained locked except when measuremerts
of the wing lift and drag were being taken. PreviousAeXperience suggested that the effect of the wall
boundary layer on the model forces and on the results obtained at the pressure-plotting statiori would
be small, and might be neglected. The influence of the wall boundary layer on the oil-flow patterns
could occasionally be quite marked, though limited to a region close to the root. Care was taken to
ensure that leakage around the model root was kept small, partly by fitting special cover plates, flush
with the tunnel wall, around the root section, thus restricting the airflow between the tunnel and
the balance box outside the working section, and partly by reducing to a minimum the deflection of
the balance system (and hence the wing root) under aerodynamic load. This makes the gap necessary
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between the wing and the cover plates as small as possible. It is considered that the present results
are free from any serious error due to root leakage effects. ‘

The stream Mach number was determined from the pressure measured at a previously calibrated
hole in one of the centre slats, at a position well upstream of the model. All tests were made at a
constant stagnation pressure of 31 in. mercury absolute for a range of stream Mach numbers between
0-6 and about 1-2. The test Reynolds number, based on the wing chord in the stream direction,
changes with both sweep and test Mach number, as indicated in the following table.

Variation of Test Reynolds Number

Reynolds number x 1075, based on the

streamwise chord (c,). Stagnation pressure

and temperature are 31 in. Hg and 283°K
¢ respectively

M, = 0-60 1-00 1-20
0° 1.2, 1-64 1-7,
15° 1-3, 17, 1-7,
30° 1-44 1.9, 1-9,
45° 1-7, 23, 2-4,
60° 2-5; 3-3; 3.4,

2.3. Boundary-Layer Transition Position on the Wings.

Because one of the more important objects of the tests was to compare the effect of changes in
wing sweep on the development of the leading-edge separation, no distributed roughness was
applied to the model surfaces in the leacing-edge region. As a result, at zero incidence, regions of
laminar flow existed on the forward-facing surfaces of the wings alongside wedges of turbulent
flow arising from small imperfections in the leading edge itself (see Fig. 70a). On the double-wedge
wing, transition was always observed to occur at the ridge-line, so that fully turbulent flow existed
over the after part of the section. At incidence, separation took place at the leading edge on the
upper surface and was followed by a reattachment at some distance downstream. This separation
may be quite extensive at the lower part of the Mach number range for a given sweep; thereafter a
change in the type of flow occurred (see Section 4) and the separation was restricted to a very small
region close to the leading edge. In both types of flow, the boundary layer behind the reattachment
position was turbulent except in a few cases. It follows that on the upper surface, which is of most
importance in the present analysis, the boundary lzyer was nearly always turbulent for most of the
test range, particularly when it interacted with a shock wave in the region behind the ridge-line.
Indeed there is no direct evidence on the upper surface of a shock wave interacting with a laminar
boundary layer at the pressure-plotting station, though this point was not completely covered in the
tests.

On the lower surface, separation was absent when the wing was at incidence, and hence regions
of laminar flow could still persist to the ridge-line. In a few cases at the lower sweepback angles the
surface pressures to the rear of the ridge suggested that laminar boundary separation occurred
immediately behind the ridge. These results were not used in the present analysis.
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In brief, then, it is felt that the absence of any artificial means of provoking boundary-layer
transition does not affect the results to be discussed to any appreciable extent. The influence of
regions of laminar flow on the balance results will probably be small and, as far as can be judged,
seem to have little effect on the base pressures.

2.4. Test Procedure.

The incidencevrange for both wings was limited by a maximum permitted bending stress at the
model fixing position inside the balance box and close to the wing root. This formed a very severe
restriction for the weaker double-wedge model, as can be seen in Fig. 4, where the limiting incidences
for three sweepback angles are plotted against stream Mach number. Because of the greater stiffness
of the single-wedge wing, much higher incidences were possible with this model, but these in. fact
were seldom reached; a more important consideration at the higher Mach numbers was the
performance of the tunnel with the model at a high angle of attack.

Under aerodynamic load, there was some deflection and twist on each wing and both quantities
were measured optically at the wing tip for a representative range of conditions. Deflection and
twist were small for the single-wedge model at all test conditions, and their effect on the incidence
of the wing could be ignored. The deflection and twist of the double-wedge wing, however, was
considerable for part of the test range and a correction was therefore required to the nominal, or
root, incidence (w,) in order to estimate the effective incidence («) at the pressure-plotting station.
In general it was possible to present the correction in terms of a ratio Ax/a,, where the correction
Aa must be added to the nominal incidence. The variation of this ratio with test Mach number and
wing sweep is shown in Fig. 5. The correction is large at sweepback angles of 0°, 45° and 60° but
at’ the other values of ¢ it is sufficiently small to be neglected. In some parts of the test range the
induced twist was not linear with incidence, and corrections to the nominal incidence were then
obtained directly from the original observations since the form used in Fig. 5 is inappropriate. The
probable error in the incidence at the pressure-plotting station after the correction has been applied
seems to be about 0-1° or less. )

Corrections arising from the twist and deflection of the model must also be applied to the values
of wing incidence used for the balance results and the oil-flow patterns. In the former case a
correction equal to 0-7 of those shown in Fig. 5 was added to the nominal incidence; this represents
a simple allowance for the unknown variation of twist along the wing span. In the case of the
oil-flow patterns, the full corrections contained in Fig. 5 were used since it was felt that the main
interest was in the flow behaviour at the pressure-plotting position.

No correction was applied to allow for the blockage of the models at either subsonic or transonic
speeds. The blockage ratio, defined as the ratio of the frontal area of the model to the tunnel cross-
section, is high for the single-wedge model, being equal to 299, at zero sweep and 1-79, when
¢ = 60°. For the double-wedge wing, these values are approximately halved. The wall constraint
arising from the model lift was also neglected.

3. Presentation of the Resulis.

It is not the aim of the present text to analyse in detail all the data obtained during the experiment
with the two variable-sweep wings. The main purpose of this report is to discuss the effect of changes
in sweepback on the characteristics of two related profiles in the transonic speed range. In Section 4
below, the influence of sweepback on the general flow pattefn, and its development with Mach
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number and incidence will be considered. Next, in Section 5, the relationship between the surface
pressures obtained at the various sweepback angles will be discussed, and this is followed in
Section 6 by some consideration of the way in which the sweepback angle alters the position of
some of the shock waves present on the wing surface. In Section 7 the results obtained from the
tests are used to provide further evidence for the effect of shock sweep on the conditions required
to cause separation of the turbulent boundary layer on the wing. This is followed in Section 8 by
a brief discussion of the influence of the wing sweep on the pressures measured at zero incidence at
the base of the single-wedge wing. The final Section (Section 9) is concerned with the normal and
axial pressure forces developed at the pressure-plotting station and deduced from the surface-pressure
distributions.

4. The Effect of Sweepback on the General Flow Development.

The general flow pattern about the model upper surface, and the way it varies with wing sweep
and incidence and with stream Mach number, is most easily studied from the sets of oil-flow
photographs obtained at intervals throughout the experiment. From these patterns, the initial
appearance and subsequent movement of shock waves, the onset of flow separation and like events
may be detected.* From a set of oil patterns for a particular sweep angle, covering a range of Mach
number and incidence, various flow boundaries may be deduced. These are shown in the several
parts of Fig. 6 for the double-wedge wing and in the corresponding sections of Fig. 8 for the
single-wedge wing,.

4.1. Double-Wedge Wing.

Consider first the double-wedge wing at zero sweep (Fig. 6a). For stream Mach numbers below
about 0-8, the application of incidence causes separation along the entire leading edge, the flow
forming a closed bubble and reattaching on the surface at some downstream position (see Fig. 63a).
The broken line in Fig. 6a indicates the incidence at which this reattachment takes place at (- 1c. At
smaller incidences, the separation and subsequent reattachment still exist closer to the leading edge;
from the oil-flow patterns alone it is not possible to specify accurately when separation first occurs,
although it must certainly start at a very small incidence. The choice of some arbitrary reattachment
position near the leading edge overcomes this difficulty to some extent and enables 2 more consistent
set of curves to be obtained for each wing. Above a stream Mach number of about 0-8 however,
large-scale leading-edge separation no longer takes place with increasing incidence, the flow becoming
attached over the upper surface, with a supersonic-type expansion around the leading edge'% 34, Even
in this flow, a small separation, with boundary-layer transition just downstream of the reattachment
position still occurs in the first few percent of the chord®. The important difference between this
flow and that occurring at the lower Mach number is that the extent of the local leading-edge
separation is almost unaffected by the wing incidence, has only a limited influence on the wing flow
and can frequently be disregarded. In the present report this supersonic type of flow will be referred
to for convenience as ‘attached leading-edge flow’ to distinguish it from the large-scale ‘separated
leading-edge flow’ that takes place at the lower Mach numbers; the former term is not strictly
accurate however. The transition from separated to attached leading-edge flow which takes place

* For a discussion of the difficulties and likely inaccuracies in estimating events from a sequence of oil-flow
patterns, see Ref. 13.



" as the stream Mach number is increased at constant wing incidence (line AA’" in Fig. 6a) will be
called the transonic leading-edge flow attachment. Fig. 6a shows that the Mach number for
reattachment is relatively insensitive to wing incidence.

The other important events shown in Fig. 6a are related to the appearance and rearward movement
of a shock wave at the ridge-line of the section, where the maximum local velocity is achieved as a
result of the flow expansion over the ridge; ultimately this shock reaches the trailing edge. Before

“this, however, the ridge shock becomes strong enough to cause boundary- layer separatlon, at a
stream Mach number of about 0-80.

Another shock may be present above the leading-edge separation bubble just before the leading-edge
flow attachment takes place, but it is not possible to detect this from the oil patterns. A further shock
almost certainly originates from the reattachment of the small leading-edge separation present at
the higher Mach numbers?. Both shocks are of less significance in the present context than that
developing behind the ridge. )

Similar approximate flow boundaries have been drawn for the other sweepback angles (Figs.
6b to e). At ¢ = 15° these boundaries are very similar to those on the unswept wing; in addition a
clear forward shock (associated mainly with the production of sufficiently high velocities at the
leading edge and the presence of the wing-root junction®) can be detected for stream Mach numbers
above those at which the transonic flow attachment begins. At lower Mach numbers, the leading-edge
separation region possesses a vortex-like, rather than a bubble-type, structure over the inner half
of the span (Fig.’ 65). The general effect of the sweep is to increase slightly the stream Mach numbers
at which the important flow events occur and this trend is much more marked at a sweepback
angle of 30°. (Fig. 6¢.) For ¢ = 45°, the flow boundaries are somewhat altered in shape and it is
now possible to distinguish between the beginning of the leading-edge flow attachment at some
spanwise station and its completion along the entire leading edge. Finally at 60° sweepback (Fig. 6e),
the leading-edge separation and its associated vortex are present over the whole Mach number
range of the tests, within which transonic flow attachment does not take place. '

The flow-boundary diagrams of Fig. 6 are severely restricted by the incidence range permitted
with the doublé-wedge wing, and because of the distortion of the model under load and the rather
limited number of oil-flow patterns available, these boundaries should only be regarded as
approximate. Nevertheless, it seems appropriate to replot these results in terms of the reduced
incidence (asecé) and stream Mach number (M, cos¢), as in Fig. 7. In general the curves for a
particular event tend to group together, suggesting that to some extent simple-sweep theory can be
used to account for the differences in the various parts of Fig. 6. The agreement between the curves
indicating the reattachment of the leading-edge separation at 0- 1¢ is good, particularly for values of
M,cos¢ below about 0-7. The correlation of the transonic flow-attachment boundaries is less
satisfactory, mainly on account of the rather high value of M cos ¢ achieved by the 45° swept wing.

4.2. Single-Wedge Wing.

The limited nature of the data from the double -wedge wing may be supplemented by making a
corfesponding analysis of the single-wedge results, and the main boundaries for this wing are
contained in Figs. 8a to e. The smaller elastic distortion of the model under aerodynamic load
makes it possible to determine these boundaries with greater accuracy. As an example of how these
diagrams were compiled, the set of points used to draw Fig. 8a are displayed in Fig. 9; each point
was obtained from a surface oil-flow pattern.



For the single-wedge wing, the boundary corresponding to flow reattachment at 0-1¢ has again
been drawn. The leading-edge flow-attachment process occurs first over only part of the span at
moderate incidences, full-span attachment being attained with increasing stream Mach number.
This spanwise variation cannot be attributed to the twisting of the model, and must therefore be a
three-dimensional effect. One interesting aspect of this spanwise variation is that the attached
flow occurs first on the inner part of the wing at sweep angles of 0° and 15°, and on the outer part
of the wing when the sweep is 30° and 45°, Immediately after the leading-edge flow attachment
associated with increasing stream Mach number, shock-induced separation occurs at the foot of
the strong rear and outboard shocks (¢ = 0°, 15° and 30°) or the forward shock (¢ = 45°). With
further increase in Mach number, the strength of these shocks decreases, because of the strong
isentropic compression which exists between the leading edge and the shock, and the separation
ultimately ceases. '

4.3. Comparison of Leading-Edge Separation Boundaries.

The effect of wing sweep on the leading-edge separation and transonic flow-reattachment
boundaries is illustrated directly in Fig. 10. Broken lines have been drawn on this diagram showing
the Mach numbers and incidences at which the flow reattachment takes place at the mid-semi-span;
such boundaries are perhaps as representational as possible for the present results of true
two-dimensional flow.

The various horizontal boundaries, which represent a stage in the development of the leading-edge
separation, are replotted in terms of M,cos¢$ and asecs in Fig. 11. The five curves collapse in a
satisfactory manner and the average value of asec ¢ is close to that for the double-wedge wing (Fig. 7).
It seems reasonable to conclude that the initial development of the separation bubble or vortex on
the single-wedge wing depends very largely on the Mach number component normal to the leading
edge and on the associated incidence, asecd. The oil patterns show in fact that initially the
separation is often remarkably uniform along the span. The reattachment line of the bubble or vortex
lies parallel to the leading edge except at the extremes of the span and thus it might be expected that
a close approximation to the infinite-swept-wing flow may be achieved. Only at the higher incidences,
as the separated region grows rearward and so becomes appreciable compared with the span, does
the wing sweep appear to modify the reattachment-line position. For ¢ = 0°, the reattachment
line moves rapidly to the trailing edge, whilst remaining roughly parallel to the leading edge, but
becoming more and more influenced by the strong vortex, originating at the tip leading edge and
spreading inboard over the wing. When the wing is swept at 30° or greater, the vortex sweep soon
becomes larger than that of the leading edge as the wing incidence is increased. Hence it is only the
initial stages of the separation growth that may be related by the simple theory; the subsequent
development is influenced by the finite span of the models.

Because Fig. 7 and Fig. 11 agree, it is also possible to argue that on the present evidence, the
initial development of the separation region is independent of the section shape behind the
maximum-thickness position. The flow reattaches at 0-1 of the wing chord at almost the same value
of asecd for both profiles, and not as might perhaps be expected, at the same fraction of the
forward-facing surfaces. In the absence of separation, the local pressure gradients due to the wing
profile, when expressed in terms of the total wing chord, must be twice as large for the double-wedge
wing. The gradients due to the model lift however are presumably related simply to the model
chord, and in the leading-edge region more specifically by the stagnation-point position and the
circulation. The former may well determine the shape of the local separation bubble.
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4.4. Comparison of Transonic Flow-Reattachment Boundaries.

" As was remarked earlier, the more or less vertical boundaries of Fig. 10 correspond to the
inception and completion of leading-edge flow attachment, the shaded area of partial attachment
representing a departure from the assumed two-dimensional flow conditions. It might be expected
then that the observed flow-attachment boundaries would give a less striking confirmation of the
simple-sweep theory than is contained in Fig. 11. Fig. 12 shows that there is in fact some variation
in the values of M,cos¢ at which the leading-edge attachment begins, and is completed, though
the range of Mach number component involved is not large. As the wing sweep increases, the
boundaries shift progressively to the right. It may be thought more realistic to consider the boundaries
for flow reattachment at the mid-semi-span position, shown as broken lines in Fig. 10. These are
replotted in terms of the reduced Mach number and incidence in Fig. 12c; the improvement over the
two earlier diagrams is small however. It is perhaps unwise to dwell too much on the magnitude
of the variation in M,cos ¢ shown in Fig. 12 and to accept instead the results as evidence that the
transonic leading-edge attachment is strongly influenced by the component of stream Mach number
normal to the wing leading edge. Such a finding is in agreement with the broader analysis of results
from many different sweptback wings made by Stanbrook and Squire®. ‘

The leading-edge flow-attachment boundaries for the double-wedge wing may be transferred
from Fig. 7 to Figs. 12a and b in order to compare the two sections. 'The most serious discrepancy
occursat ¢ = 30°, and corresponds to about 0-04 in stream Mach number at « = 3°. The existence
of this variation may readily be confirmed from the oil-flow patterns; for example, at « = 3° the
flow is attached over part of the span of the double-wedge wing at a stream Mach number of 0-39,
but completely detached on the single-wedge model at M, = 0-90. Uncertainties in the exact values
of M, and « cannot account for this magnitude of difference. At a sweepback of 45° there is reasonable
agreement in the values of Mycos¢ at which transonic flow attachment first takes place, and is
completed, suggesting that the apparently large values of M, cos ¢ for this sweep in Fig. 7 may be
correct.

Briefly then, it may be concluded that complete leading-edge separation ceases and gives place to
attached flow around the leading edge when the Mach number normal to that edge exceeds about
0-8. This value is somewhat higher than found elsewhere for circular-arc aerofoils (¢ = 0°) for a
range of leading-edge angles'® 1417, The differences between the curves for the various sweep angles
are rather greater for the flow-attachment phenomenon than for the leading-edge separation
development discussed earlier, and part of these differences may be associated with the finite span
of the wings. The dominant part played by the parameters M;cos¢ and asecé is unquestionable
however.

5. The Effect of Sweepback on the Surface Pressure Distributions.
5.1. The Validity of the Results.

In the preceding paragraphs we have been concerned with the effects of changes in the leading-edge
sweep on the general flow pattern; it is now appropriate to consider how the wing sweep influences
the pressures measured at the pressure-plotting station, and to attempt to correlate these on the
basis of the simple-sweep theory. To do this, it must be assumed that the measuring station can be
regarded as part of an infinite swept wing, even though the aspect ratio and spanwise position of
the station vary with the sweepback angle (see Table 1). In considering this point, attention in this
section of the report will be concentrated mainly on the results obtained with the unswept
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double-wedge wing, partly because of the existence of comparable two-dimensional data, and partly
because it will be shown later that the results from the swept double-wedge wing and from the
single-wedge model correlate quite well with those from the unswept double-wedge section. ,

Though there already exists a considerable amount of data on two-dimensional wedges in the
transonic speed range, covering a wide variation in the leading-edge semi-angle (), there appears to
be no information on an aerofoil having exactly the same value of A as the present model (4-0°). The
most closely related profiles are those tested by Sandemann!8, Knechtel'® and others, which have
semi-angles of 3-4° and 4-5° A comparison for stream Mach numbers very close to 0+60 between
the present results for ¢ = 0° and those from Ref. 18 is given in the upper part of Fig. 13a. H is the
stream total pressure and p the local static pressure. The small variations in A do not appear to affect
the surface pressure distributions greatly and the results from the finite wing lie close to the
two-dimensional data. Only the points from the thicker wedge of Ref. 18 are included behind the
ridge-line in this comparison, because those obtained with the wedge of 3-4° semi-angle were
modified to the rear of the ridge by a laminar boundary-layer separation.

This comparison has been extended to higher stream Mach numbers in the lower diagram of
Fig. 13a. Over the front part of the profile there is a considerable disagreement between the present
results and those reported by Sandemann, lower local Mach numbers being attained on the wing,
According to the results given by Vincenti?® the effect of the finite aspect ratio should be to increase
the local Mach numbers on the forward part of the section, a trend in the opposite direction to that
shown in the diagram. In fact, the distribution of pressure over the front part of Sandemann’s
4-5° wedge does not agree with similar measurements made on an identical proﬁle by Knechtel®,
whilst, as will be seen, these later results are in excellent agreement with those obtained from the
present finite wing. It must be concluded therefore that these particular results given in Ref. 18
are to some extent suspect,* and that a more valid comparison will be obtained by using the data
of Ref. 19. A theoretical curve®* for the distribution of pressure at a stream Mach number of unity
may also be used to check the present results, again in a satisfactory manner. At transonic speeds
the pressures over the rear half of the double-wedge will depend, on the expansion angle at the ridge,
which is equal to 2A. This explains the progressive decrease in.pressures with increasing thickness
apparent in Fig. 13a. ,

It seems clear that at zero incidence the results from fhe pressure-plotting ‘station may be
regarded as largely equivalent to those obtained on a true two-dimensional model. Consideration
must now be given to the effects of placing the wing at incidence; the influence of the finite span
would then be expected to reduce the lift measured at the pressure-plotting station compared with
the two-dimensional value, and this of course implies a discrepancy in the local pressure distributions.
In the upper part of Fig. 13b the pressure distribution obtained on the double-wedge wing at a
corrected incidence of 3:0° and a stream Mach number of 0-70 are compared with results due to
Sandemann'® and Knechtel' at the same incidence. The points from Ref. 18 are in very close
agreement with the present results over most of the model surface, whereas Knechtel’s data show
marked differences on the upper surface. The agreement with the tests.of Ref. 18 is less encouraging
than it appears at first sight, because the lift obtained from the integration of this pressure
distribution for the 3-4° wedge is about 159, lower than that measured on a strain-gauge balance

* The difference between Sandemann’s and Knechtel’s results is probably attributable to tunnel
interference. This matter is discussed briefly in Refs. 23 and 24, and it would appear that the tunnel used in
Ref. 18 was rather too open for the particular models tested.
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attached tothe complete aerofoil. The reason for this is not clear but it does suggest that the proper
comparison in the present context is once more with Knechtel’s data. It thus appears that the
pressures at the pressure-plotting station are, as expected, modified by the finite wing span. The
effect is not large however, and though a serious criticism of the present experimental technique,
may not influence unduly the general conclusions to be drawn in the present text.

A further comparison with Knechtel’s results is made in the lower part of Fig. 13b. The stream
Mach number is very nearly equal to 1-05 for both cases, but the incidence of the two-dimensional
wing is 2-0°'and for the finite double-wedge wing the corrected valueis 2-2°. The apparent agreement
over the front part of the profile is therefore again slightly misleading and may be more correctly
visualised as corresponding to a 109, loss in lift for double-wedge wing. A further loss in lift occurs
over the rear portion of the section, but in this case it is probably mainly attributable to effects
associated with the different expansion angles (8° and 9°) at the ridge-line. These correspond to
local Mach numbers just behind the ridge of 1-365 and 1-400 respectively, the values of p/H being
0-330 and 0-314.

The comparisons shown in Fig. 13 are intended only to establish in general terms the possible
magnitude of the influence of the finite span of the wings on the measured pressure distribution. In
certain test conditions the effect may be rather less than that indicated; in other cases it may well
be more. Exdct knowledge can only come from information on the spanwise distribution of the lift
for all flows. Three-dimensional effects cannot be avoided entirely in tests of this type and it is to be
hoped that such as do exist are sufficiently small not to affect the main conclusions. At transonic
stream speeds other effects associated with the finite span of the model will be present; for example,
the forward shock from the root-wall junction or the tip shock will cross the pressure-plotting
station when the wing incidence is high enough. In this condition the flow ahead of these two shocks
ought to behave very largely as if the wing span were infinite. As was mentioned earlier, the choice
of a double-wedge section for the wing profile tends to delay the appearance of the true forward
shock and to reduce considerably the interference effects associated with the wing-root junction. The
effects cannot be removed altogether in this way. '

5.2. Results from the Single-Wedge Wing.

The overall effects of increasing stream Mach number, wing incidence and leading-edge sweep
- may be seen from Figs. 47 to 55; for example, the development of the separated flow region with
increasing incidence at a Mach number of 0-7 is illustrated in Fig. 47. When leading-edge
reattachment occurs, there is a change in the shape of the upper-surface pressure distribution; in
particular a marked isentropic compression exists upstream of the shock (Fig. 54) and when the
latter is near the wing leading edge it may cause boundary-layer separation. The reattachment of
this shock-induced separation may often be linked to characteristic changes in the shape of the
surface pressuré distribution; observed reattachment positions on the unswept wing are marked
in Fig. 48a where it seems that the separation region corresponds to the moderately steep
compression zone to the rear of the shock. :

At zero sweepback, with attached leading-edge flow at fixed incidence the pressure on the
surface ahead of the shock is largely independent of M, as can be seen from the results plotted in
Fig. 14, though there is a tendency for the local Mach number (M) to decrease slightly as the stream
Mach number increases and the shock moves rearward. At the same time, the shock pattern becomes
more clearly defined, resolving into an inclined shock from both the tip and root leading edges with a
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short intersection shock between them at about the wing semi-span. Above a Mach number of
about 0- 90, it is the highly-swept tip shock that passes across the pressure-plotting station and this
change is reflected in the pressure distributions by a sudden reduction in the strength of the
recompression as the stream Mach number rises (see Fig. 54a). The shock movement with increasing
incidence apparent in Fig. 50a, for example, is due to the increasing sweep of the tip shock as the
local Mach numbers in the tip region rise. No boundary-layer separation takes place behind the
. tip shock.

There is much similarity between this pattern of events and that for the swept wing. At ¢ = 45°,
and particularly 60°, the vortex formed from the leading-edge separation exhibits a marked suction
effect on the adjacent surfaces. (Fig. 48e.)

The transition to attached leading-edge flow does not take place within the test range for the
60° swept wing but for moderate incidences occurs near M; = 1-15 for ¢ = 45°, A typical change
in the surface pressures over the forward part of the single-wedge section may be seen in Fig. 54d
as the stream Mach number is increased from 1-11 to 1-20. At M, = 1-16 a change from attached to
separated leading-edge flow occurs as the incidence is raised due to the shape of the flow boundary;
the corresponding pressure distributions are contained in Fig. 52d. Both the oil patterns and
pressure distributions show that as the sweep increases the forward shock becomes of greater
importance in the wing flow and there is a corresponding reduction in the influence of the tip shock.

These pressure distributions may be compared on the basis of simple-sweep theory by replotting
in terms of p/H,, where H, is the equivalent total head of a stream of Mach number M, cos¢$ and
having the same static pressure as the free stream. Thus

H for M=Mgq cos ¢

)
H for M=My

pr T+3 M2 "
T H |:1 +3 M2 cos2¢>i|

This is equivalent to making the comparison in terms of C, cos®>¢. Figs. 15a and b show such a
comparison when the wing is at zero incidence and M cos¢ is 0-60 and 0-80, respectively. The
agreement is good, except at the highest stream Mach numbers, where there appears to be a pressure
gradient along the chord, perhaps associated with the large blockage of the model (2-99%,). In Fig. 15a,
the irregularity in the pressures near x/c = 0-6 is probably due to the reflection of the bow wave of
the model from the tunnel wall on to the model surface. Despite differences of this kind the general
level and trend of the results is consistent with the theoretical approach.
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When the incidence normal to the leading edge is increased to 4-0° discrepancies begin to occur
in the separated-flow region near the leading edge. (Fig. 15¢c.) For ¢ = 0° and 15°, the values of
p/H, there agree closely and to the rear of x/c = 0-3, agreement is still obtained when the sweepback
is increased to 30° and 45°. Over the forward part of the chord however, there is a tendency for the
separated-flow region to occupy a smaller fraction of the chord at the higher sweepback angles, and
this trend is most noticeable at ¢ = 60°. At this sweepback, the pressures over the rear part of the
profile are rather different in level and shape, and it may be possible to attribute this to the influence
of a flow distortion in the tunnel itself; a similar effect was commented upon in connection with
Fig. 15a.
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The evidence of Fig. 15¢, though not conclusive, suggests that the flow in the separation region
does not conform exactly to the model used in the simple-sweep theory, and is influenced to some
extent by the actual wing sweep. The main differences appear to be in the position of the
reattachment line when this is well away from the leading-edge region; it might be expected that
the reattachment, linked as it is to the boundary-layer flow on the model would be susceptible to the
magnitude of the spanwise velocity component, and also, for large-scale separations, the finite
span of the wing.

Fig. 15 contains data obtained at fractional Mach numbers and incidences, chosen specially for
comparison purposes. Unfortunately, no such direct comparisons were made at high incidence on
the single-wedge model when the flow was attached over the forward part of the chord. It is possible,
however, to construct such a comparison by cross-plotting the available results. This is done in
Fig. 16, where the variation of p/H, is plotted against o sec ¢ for chordwise positions of 0-05¢,
0-17¢ and 0-32¢. The stream Mach number component normal to the leading edge varies slightly, but
is close to 0-85. At low values of this reduced incidence, the shock wave, when it exists, is ahead
of the hole position and influences the degree of correlation obtained. The sudden fall in pressure
which occurs near asec¢ = 3° for x/c = 0-05 is caused by the passage of the shock past the pressure
hole, which is subsequently in a supersonic flow field extending back from the leading edge and
which should be largely unaffected by the wing root and tip. This flow transition takes place at
higher incidences at the more rearward stations. With further increase in incidence, there is a steady
fall in local pressure as the expansion around the leading edge becomes stronger.

Within this supersonic flow region there appears to be an effect associated with the wing sweep,
which is comparatively small at the most forward station and becomes more marked at x/c = 0-32.
If the flow behaved in a manner predicted by the simple-sweep theory, the lines for the various
sweepback angles should be coincident; the differences shown in Fig. 16 must therefore be
attributed to some modification to the assumed conditions for this attached type of flow.

The actual variation in the values of p/H, on the wing surface for the four sweepback angles of
this comparison may be estimated from Fig. 16 for a constant value of asecd, say 7-0° as in Fig. 17.
It is apparent that as the sweep increases, there is a correspondingly larger supersonic recompression
behind the leading edge than would be predicted by the simple theory. This result is of considerable
importance because of the fundamental assumption made in the design of aerofoil sections for swept
wings that the two-dimensional characteristics are retained unchanged when the section is used as
part of a swept infinite wing. More particularly, one of the desirable features of the type of profile
advocated by Pearcey’ is an isentropic compression along the aerofoil surface between the leading
edge and the shock, whose effect is to reduce the shock strength compared with the more
conventional type of section, which generally has a constant or rising local Mach number up to the
shock. It appears on the evidence of Fig. 17 that this recompression will in fact be retained on the
swept infinite wing and may well be reinforced. '

One other aspect of this compression merits comment. In the case of the two-dimensional aerofoil
the flow compression may be accounted for (and indeed may even be designed) by considering the
expansion waves originating from close to the leading edge; these reflect from the sonic line and
return to the aerofoil surface as compression waves. The reflection at the sonic line follows from the
unique nature of this boundary. Difficulties exist, however, when this physical argument is applied
to the swept infinite wing; and though these may in some degree be overcome by careful
consideration of the nature of the ‘reflection’, the practical tests of the application of the simple-sweep
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theory to the details of the pressure distributions must come from experiment, and up to the present
such information has been rather scarce. Fig. 17 is encouraging then in suggesting that the swept-wing
analogy seems to be largely true. Obviously more experimental work is required to determine the
exact nature of the relationship between the aerofoil and the swept infinite wing; the practical
difficulties mentioned earlier must not be underestimated however.

It will also be apparent from Fig. 16 that the value of asec ¢ at which the shock passes the pressure
holeis also influenced by the leading-edge sweep. Too much significance should not be placed upon
this effect. At sweepbacks of 45° and 30° the forward shock crosses the pressure-plotting station; the
position of this shock depends on the distance of the station from the root and the absolute value of
the local Mach number on the wing surface. Hence it will not correlate on the basis of the simple-
sweep theory. At ¢ = 0° and 15° the tip shock crosses the pressure-plotting station; once more its
chordwise position there depends on the local Mach number and the planform geometry and a
similar lack of correspondence would be expected. Once the shock has passed beyond the pressure
hole, the flow in front of the shock should be largely independent of the wing root and tip, and
influenced only by the leading-edge sweep. It is true that even in this condition it is possible for
disturbances from the subsonic flow on the lower surface to propagate around the wing leading
edge, and hence in this sense the effect of the tip and root may still be transmitted on to the upper
surface; such an influence is likely to be very small however.

5.3. Results from the Double-Wedge Wing.

An analysis similar to that discussed in the preceding section may be made for the double-wedge
wing, though the range of test conditions available is far more restricted. The development of the
pressure distribution with both stream Mach number and wing incidence can be seen in Figs. 42
to 46. The pressures over the forward-facing surfaces of the profile are very similar to those obtained
on the corresponding surfaces of the single-wedge wing (see Section 5.4 below). At the ridge-line
the flow is able to expand, and if the stream Mach number is high enough, supersonic flow at almost
constant local Mach number is maintained over part or all of the rearward surfaces. The most
noticeable feature of the flow development with increasing stream Mach number at a fixed incidence
is in fact the extension of this supersonic flow region away from the ridge towards the trailing edge.
On the unswept wing at zero incidence, this occurs at just above M, = 0-75. The flow undergoes
an expansion of very nearly 8-0° at the ridge-line and if it is assumed that sonic velocity is reached
just upstream of the ridge, the local Mach number-on the rearward surface immediately behind
the ridge should be 1-365. This corresponds to the lowest pressure achieved in the theoretical
pressure’ distribution contained in the lower part of Fig. 13a. As can be seen, the experimental
pressures are somewhat higher corresponding to a local Mach number of about 1-34;. The supersonic
flow region terminates in a shock wave, the flow behind the wave béing further compressed until the
trailing edge is reached. The extent to which boundary-layer separation develops behind the shock
is shown in the flow-boundary diagrams of Fig. 6. When incidence is applied to the wing, separation
takes place at the leading edge and the development of the surface pressures is similar in many ways
to that for the single-wedge wing, except that for the double-wedge section the bubble or vortex
may extend to influence the rearward part of the upper surface.

A comparison in terms of the simple-sweep theory of some of the results from the double-wedge
wing is made in Fig. 18. At zero incidence and for a Mach number component normal to the leading
edge of 0-85 (Fig. 18a), the correlation is good over most of the surface; behind the shock, however,
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there is a marked divergence, which becomes progressively larger as the wing sweep increases. This
effect will be referred to later. It is perhaps significant that the longitudinal pressure gradient which
seemed to be present on the results from the single-wedge wing at the highest stream Mach numbers,
is less conspicuous for the double-wedge wing of smaller blockage. Fig. 18a may be regarded as
typical of the comparisons that can be made at zero incidence.

The remaining parts of Fig. 18 show comparisons in which the wing incidence is held at
approximately constant values of asec¢; the incidence has been corrected for the aerodynamic
twist of the wing, and to this extent there may be some uncertainty in the precise values of .
Despite this, the general agreement must be regarded as satisfactory. Of the obvious differences, the
change in the level of the 60° swept-wing results in Fig. 18b may possibly be due to the reflection
of the model bow wave from the tunnel walls and thus similar to the distortion noted in Fig. 15c.
In Fig. 18c, there would appear to be small differences in the extent of the leading-edge separation
region as ¢ changes, a feature noted and commented upon for the single-wedge results. Unfortunately,
a stray shock from the tunnel walls intersects the model at ¢ = 45° and M, close to unity and for
this reason the experimental results on part of the forward half of the chord for ¢ = 45° are not
given in Fig. 18c. In this figure, the flow at the leading edge is separated and forms a bubble or
vortex, according to the value of ¢; the corresponding comparison for attached leading-edge flow is
made in Fig. 18d, where the value of M cos¢ is now 0-90. In this case there are two main regions
of disagreement. Close to the leading edge, the pressure recovery is associated with the tip shock
for ¢ = 0° and 15°, and a forward shock, lying closer to the leading edge, for qS = 30°. Since both -
the types of shock wave are essentially due to the finite span of the wing, there is no reason why
their positions in Fig. 18d should coincide. A similar discrepancy was commented upon in
Section 5.2. As at zero incidence (Fig. 18a) there is a marked effect of wing sweep on the pressures
to the rear of the ridge shock situated in this case at about 0-75¢.

Perhaps one of the most noticeable features of Figs. 18a and d is the good agreement obtained
in the supersonic flow between the ridge and the shock. The variation with stream Mach number
of the actual pressures measured at 0-51¢ for zero model incidence is shown in Fig. 19; the sudden
fall in pressufe corresponds to the development and passage of the ridge shock wave past the pressure
station. Once this has occurred there is little subsequent change in the measured pressure. These
results are replotted in the lower part of Fig. 20a in terms of p/H, and M, cos ¢ and collapse into a
single band, thus illustrating in a more general way than Figs. 18a and d that the flow to the rear of
the ridge behaves very closely in the manner demanded by the simple-sweep theory. The local flow
is therefore dominated by the Mach number component normal to the ridge-line. In the upper part
of the figure similar results are plotted for the wing at an uncorrected incidence of 2°; again the
agreement is good. Fortunately, the pressures in the supersonic flow region are not greatly dependent
on the wing incidence so that the effect of neglecting both the corrections to the nominal incidences
at some sweepback angles and the fact that the comparison should have been made at a constant
value of asec¢ are not important. The comparison shown in Fig. 20a is very striking and a similar
plot may be made for any position on the model surface. Results for three other stations are shown
in Figs. 20b and ¢, corresponding to x/c = 0-30, 0-70 and 0-95; the wing incidence is 0° in each
case. For the first two of these positions the agreement is again good, though the scatter is perhaps a
little more evident than for x/c = 0-51. In particular, the points obtained at the highest values
of M, cos ¢ for a sweepback angle of 30° deviate from the main trend and this may be due to tunnel-
interference effects at the upper end of the transonic speed range.
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The most marked discrepancies occur for the position near the trailing edge of the model (Fig. 20c),
and this figure reflects the differences already apparent in Figs. 18a and d for the region behind the
shock. The pressure at x/c = 0-95 is influenced first by the extension of the separated-flow region
behind the shock to the vicinity of the hole (event A in Fig. 20c), then by the passage of the shock
itself (event B), and finally by any upstream separation associated with the shock. For ¢ = 0° and
15°, the separation behind the shock reaches the pressure hole at M, cos¢$ = 0-81; the shock passes
the hole at Mycos¢ = 0-96. Thereafter the pressures remain relatively constant. When the
sweepback is increased to 30°, the pressure hole is influenced by the separation at a rather lower value
of Mycos¢ (0-79), the pressure-hole position being passed at Mycos¢ = 0-99. Even when the
shock is close to the trailing edge its upstream influence persists to the pressure-plotting station for
all test Mach numbers. This explains the large difference in the values of p/H, for M, cos ¢ greater
than 0-9 between sweepback angles of 0° and 30°. At ¢ = 45°, the shock wave does not pass the
pressure hole, which is not influenced by any true flow separation due to the shock wave upstream,
but rather by a thick, but attached, boundary layer drifting in a spanwise direction towards the tip.

The comparison shown in Fig. 20c is therefore influenced by both the pressures which develop
in the separated or very thick three-dimensional boundary-layer flow to the rear of the shock, and
also by the influence which the flow viscosity has on the rate at which the shocks move towards
the trailing edge. It would thus appear that there may be a marked divergence from the conditions
implied in the simple-sweep theory in some events dominated by viscous effects, and hence a lack
of correlation on the basis of the simple theory. Though the results shown in Figs. 18a and d and
Fig. 20c are merely representative of the present tests, they may well indicate a much more general
trend of this sort, which though not unexpected, may nevertheless be of considerable importance.

Though diagrams like that shown in Fig. 16 for the single-wedge wing may be constructed
for the double-wedge model, the range of incidence over which this can be done is very limited,
and it is not possible to confirm the type of result indicated in Fig. 17.

5.4. Comparison of the Forebody Pressures on the Two Models.

It is perhaps of interest at this stage to compare the pressures obtained on the two models over the
forward-facing surfaces, in order to see what eilfect the geometry of the model behind the maximum-
thickness position has. For the unswept wings, the agreement is very good (Fig. 21a) even close to
the shoulder. Part of the small differences which develop at the higher stream Mach number may be
attributable to the interference arising from the larger blockage of the single-wedge model. Similar
comparisons are made in Figs. 21b and c¢ for sweep angles of 30° and 60°; again the correlation is
very close. From this it may be concluded that at zero incidence, the forebody pressures are relatively
unaffected by the flow conditions behind the maximum-thickness position.

When the models are placed at incidence, the degree of correlation shown in Fig. 21 is lost, malnly
because of the increasing influence of the flow separation that takes place at the leading edge.
As discussed in Section 4 the initial extent of the separation region seems to depend on the actual
chord of the wing and not on the geometric representation used in Fig. 21; for small-scale
separations at least, the shape of the rear part of the profile does not influence appreciably the position
of the reattachment line. This particular point is illustrated in Fig. 22 for zero sweep and a stream
Mach number of 0-70; the single- and double-wedge results appear to form a sequence as the
incidence is increased. The correlation is not quite exact, as Fig. 23 shows, and becomes less precise
as the reattachment position moves towards the mid-chord point which is the ridge-line on the
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double-wedge section. A definition of the reattachment position based on the pressure distribution
shape and indicated in the inset to this figure is somewhat to the rear of the position deduced from
oil-flow patterns, but the trend with increasing incidence is little different.

It will be apparent from the pressure distributions obtained on the two wings that the speed of
sound is achieved on the model surface at a short distance ahead of the ridge, and not as the inviscid
theory?® 335 predicts, exactly at the ridge. This discrepancy has been noted in most experimental
tests made on double-wedge sections and for two-dimensional flows is attributed to the propagation
of the influence of the wedge shoulder through the model boundary layer (see, for example, Ref. 21).
On the other hand, in the tests made by Vincenti® on an unswept double-wedge wing of aspect
ratio 4, it was found that the sonic point was farther forward than for the comparable two-dimensional
model, particularly over the outer half of the semi-span. The location of the sonic point for the
present single- and double-wedge wings is shown in Fig. 24, which also includes data from the swept

. wings corresponding to the achievement of a local Mach number equal in value to sec¢; that is,
to the component of the local flow velacity normal to the leading edge becoming sonic. With increase
in M,cos ¢, the sonic point moves forward slightly but the position is at no stage to the rear of
that given in Refs. 20 and 26 for the two-dimensional wedge of 4-5° semi-angle, some results for
which are included as triangular symbols in Fig. 24. It is suggested that this figure provides further
evidence that at zero incidence the finite span of the wings does not greatly influence the flow at the
pressure-plotting station over an important part of the test range; in addition it emphasises that for
the region near the ridge-line the flow component normal to that line plays a dominant part.

6. The Effect of Sweepback on the Shock Positions.

Though some discrepancies exist due to the presence of separated flow to the rear, there is some
degree of correlation between the positions of the ridge shock on the after part of the double-wedge
section, as may be seen in Figs. 18a and 20b, for example. This point may be taken further by
considering the way the shock position at zero incidence varies with wing éweepback and stream
Mach number (Fig. 25). In the left-hand diagram are the positions of the outboard part of the ridge
shock at the pressure-plotting station as determined from the oil-flow patterns. The abscissa is the
stream Mach number. For ¢ = 45°, the measuring position is very close to the junction of the
swept, inboard part of the shock and its outer region of reduced sweep, so that there is rather more
uncertainty in these particular values. The four points at the highest values of A for ¢ = 30° are
influenced by the strong outflow and possible separation to the rear of the shock, whose aft movement
is correspondingly delayed.

In the right-hand diagram these results are plotted in terms of the component Mach number
M, cos ¢ and fall into a single band suggesting that the position of the ridge shock, when it is well
away from the root region and roughly parallel to the ridge, is largely determined in accordance
with the predictions of the simple-sweep theory. -

This particular part of the ridge shock is of course the one most likely to correlate on this basis,
and it is not possible to relate the more highly-swept inboard portion of the ridge shock, or the
forward shock, in a similar manner, even if an allowance is made for the change in the spanwise
position of the pressure-plotting station as the wing sweepback is increased. As has been said earlier,
this is mainly because these shocks are associated with the flow conditions at the root of the wing
and their direction of propagation depends on the absolute value of the local Mach number.
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7. The Effect of Sweepback on the Conditions requived for Shock-Induced Boundary-Layer
Separation, ‘ ’

The conditions that seem to be required for the separation of a turbulent boundary layer on a
swept wing at transonic and low supersonic speeds have been discussed in some detail in Refs. 8,
10 and 11, mainly for wings having a leading-edge sweep of about 50°. One of the objects of the
present tests was to obtain further information on the effect of leading-edge sweepback, and hence
shock sweepback, on the separation conditions. In the earlier work, it appeared that the most
important parameter was the component of local Mach number normal to the shock front (M,,).
For a shock having an effective sweep of about 40°, separation occurred when this component
exceeded about 1-39. This is rather higher than the local Mach numbers found to cause separation
on conventional two-dimensional aerofoils?” and it was concluded that a genuine effect of the shock
sweep was present.

The effective shock sweep is the angle between the normal to the local flow direction and the
shock front. Because on an infinite swept wing the local flow tends to turn towards the root as
the velocities increase the effective shock sweep is less than the geometric shock sweep (¢,). If the
inward turning is denoted by 6, then the effective shock sweep is ¢, — @ and M,, is then equal to
My, cos (¢s— 0), where My, is the local Mach number. For most of the earlier results ¢, had a value of
about 60° and 6 about 20°, thus giving the effective shock sweep quoted earlier. A few results of
rather doubtful validity were available for effective shock sweeps near 20°, and in addition, some
careful analysis of the condition causing separation for an unswept shock on a finite swept wing was
reported in Ref. 11. A tentative curve, based on this data, for the way in which the critical Mach
number component might vary with effective shock sweep was put forward in Ref. 8.

In the present tests flow separation occurred behind the outboard part of the ridge shock on the
double-wedge wing for all sweepback angles except 60°, and the corresponding pressure distributions
and oil-flow patterns were analysed. The results are presented in Fig. 26, where the effective shock
sweep (ps— 0) is plotted against M,,. Separated flow to the rear of the shock is denoted by a filled
symbol. The present results are not completely in accord with the tentative curve of Ref. 8,
particularly at the low values of effective shock sweep, and a modification to the earlier curve is
shown as a full line. The main reason for this disparity lies in the values of M, for separation at
zero shock sweep obtained in the present tests (1-29,) and in Ref. 11 (1-23). Both values were
determined with some precision and the different shape of the two curves in Fig. 26 would seem to
arise from an effect of section shape on the value of M,, required to cause separation on the unswept
wing?’. It may be argued however that in the present case separation occurs on the unswept wing
when the shock is relatively close to the ridge (x/c == 0-6), and the boundary layer may then still be
disturbed by the rapid flow acceleration that takes place at the ridge. The separation condition may
therefore be somewhat different (and M, possibly higher) than when the event occurs nearer the
trailing edge. Unfortunately, the position of incipient separation does not vary much with incidence
on the unswept model, but with ¢ = 30° (and ¢, — & == 15°), it occurs for a wider range of chordwise
positions, between x/c,, = 0-65 and 0-80 approximately. Though the evidence is somewhat sparse,
there seems to be little or no effect of shock position on the critical value of M, and it appears
reasonable to consider that this would still be the case at zero effective shock sweep.

As with all analyses of this type, the accuracy of any particular point is not very high because of
errors which can arise for example in estimating the flow direction at the shock front or in determining
precisely when separation begins!®. However, from the way in which a large number of points
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group, it is possible to make an assessment of the required separation condition. Fig. 26 is reasonably
satisfactory from this point of view, and the boundary is comparatively well defined. It may be
further tested by considering data from other shock waves which cross the pressure-plotting station
in the present tests. In particular, the results for the tip, forward and intersection shocks on the
single-wedge wing are set out in Fig. 27 and both the boundaries from Fig. 26 have been transferred
to this diagram. The new points are extremely scattered and in themselves are insufficient to define a
boundary; they do tend, however, to confirm the revised boundary of Fig. 26 especially at high and
low shock sweeps. In the intermediate sweep range, no points are available mainly because separation
was not obtained on the wing surface for ¢ = 30°.

The present results thus appear to confirm the apparently unique value of M,, required to produce
separation at high values of the effective shock sweep, and suggest that this value decreases as the
effective shock sweep is reduced. At low values of shock sweep, it is poss1ble that the section shape
may more strongly influence the separation condition.

Some dstails of the surface pressures close to the beginning of separation on the unswept wing
are contained in Figs. 28 and 29, the former displaying the pressure distributions during the initial
development of the separation, and the latter the variation of the measured pressure at x/c = 0-80.
* From the o1l patterns, separation could someiimes, though not always, be detected at M, = 0-800,
but by M, = 0-805 it had certainly occurred, the flow reattaching near #/c = 0-7. This reattachment
position meved to 0-8¢ at ’MD- = 0-810 and to the trailing edge for all stream Mach number above
0-82. The appropriate loci of the local pressures p;, upstream, and p,, downstream, of the shock
are sketched in Fig. 27; the locus of p, 1s difficult to draw because of the wide spacing of the pressure
holes, but it seems that this pressure approaches 0-528H (corresponding to the local speed of sound)
when the separation is well developed. The most marked effect of the separation on the surface
pressures occurs for Mach numbers above 0-83 (see Fig. 29), and by M, = 0-86 the readings at
xfc = 0-95 have been affected. .

8. The Effect of Sweepback on the Base Pressures of the Single-Wedge Wing.

The base-pressure results are given in Table 3 and some of these data are also presented graphically.
At zero wing incidence, the ratio of the base pressure (p,) to the free-stream static pressure (p,)
varies with both Mach number and wing sweep, as can be seen in Fig. 30a for a station near the
mid-semi-span. These results collapse to a considerable degree when plotted against M, cos¢
(Fig. 30b), thus suggesting that the base flow also behaves in many respects in the manner required
by the simple-sweep theory. The dominant parameter is presumably the stream Mach number
component normal to the trailing edge, but since the present wing is untapered this is equivalent
to M,cos$. The correspondence is not exact 4however; for example, the kink present on the curve
for ¢ = 30° is less evident at the other sweepback angles. In general though, there is a marked

tendency to conform to the pattern of the unswept wing, '

" The trend with M, cosd in Fig. 30b is similar to, though less pronounced, than that obtained by
Cleary and Stevens? using an unswept wing of aspect ratio 4. The wing section in this case was
of 49, thickness/chord ratio over the forward half followed by a parallel afterbody. The results of
Ref. 28 were later used by Goin®® as part of a more general analysis of base pressure effects on finite
wings. His work included tests at Mach numbers of 1-41 and 1:62 on untapered wings with a
leading-edge sweep of 45°, a range of thickness/chord ratios, and profiles having a wedge forebody °
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followed by a parallel section back to the trailing edge. The base pressure ratios from these
experiments, measured at the mid-semi-span position, are included in Fig. 30b, and yield similar
values of p,/p, in the region where M,cos¢ is near unity.

9. Pressure Forces on the Wings.

Much of the preceding discussion has been concerned with the details of the pressure distributions
measured at the pressure-plotting station. These distributions may of course be integrated to give
the pressure forces acting on this particular section of the wing; in this way it is possible to illustrate
to some extent the overall effect of the discrepancies which occur in the correlations of the pressure
distributions on the basis of the simple-sweep theory. The two forces of interest are the normal force,
acting perpendicularly to the chord plane of the wing, and the chordwise force, which acts along
the wing chord in a direction at right angles to the leading edge. The direction of the chordwise
force will thus change as the wing sweep alters. The non-dimensional coeflicients corresponding to
these forces will be formed by dividing by the wing chord, ¢, normal to the leading edge, and the
kinetic pressure of the free stream. These coefficients will be called Cy and C, respectively. For the
single-wedge profile it is convenient to base C, on twice the actual chord of the wing; i.e. to regard
it as the forward part of a double-wedge wing of the same maximum thickness. Moreover, since
contributions to C, will come from the forward-facing surfaces and from the base region, that
due to the forward-facing surfaces only will be designated C,; to distinguish it from the overall
force coefficient C,.

9.1. Chordwise Force.

The chordwise force coeflicient resulting from the pressures acting on the forward faces of the
single-wedge wing (C,;) may be obtained by a simple mechanical integration if it is assumed that
free-stream static pressure occurs on the base of the wedge. The results for zero incidence are
plotted in Fig. 31a. At low Mach number, C,; is negative, but becomes positive as the stream Mach
number increases and the position on the wing surface at which the free-stream static pressure is
attained moves rearward. According to the simple-sweep theory, the results set out in Fig. 31a
should collapse if C,sec? ¢ is plotted against M, cos ¢, as in Fig. 31b. The correlation is reasonably
good, but as the sweep is increased, the rise in C,; takes place at progressively earlier values of
M, cos ¢. This means that at the higher sweepback angles, the free-stream static pressure is achieved
farther aft than on the corresponding unswept section. Because C,, is proportional to the difference
between two pressure loops of about the same size, and since small errors in the stream static pressure
affect the relative magnitude of the two loops, the final answer is very sensitive to inaccuracies of
this type. It is not clear how much of the effect of sweepback noticeable in Fig. 31b is inherent and
how much may be attributed to tunnel interference, particularly in view of the variation in model
blockage with sweepback. Despite doubts of this kind, Fig. 31b does indicate that to a considerable
extent the sweepback theory is successful in correlating the chordwise force results.

The accuracy of the integration at zero sweep may be checked by comparing the present results
with those obtained by Knechtel'® on a single-wedge model having a parallel afterbody. The
semi-angle of this wedge was 4-4° compared with 4-0° for the variable-sweep single-wedge section,
but this difference may be overcome by replotting the results in terms of the transonic similarity
parameters C‘ch and &, which are defined in Fig. 32. The results of Fig, 31a are in excellent agreement
with those of Ref. 19, and correspond well with the theoretical curve due to Cole?®. With the model
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sketched in Fig. 32, Knechtel did not obtain the rather large negative values of C, found in the
present tests for comparatively low values of M. Comparable values were obtained by him, however,
when the afterbody was removed and this difference in his results seems to be associated with the
presence of a pressure gradient along the surface of the wedge at the lower stream Mach numbers
when the afterbody is present. Again this could be attributed to the increase in the model blockage
in the latter condition. For present purposes it is sufficient to note that the results for ¢ = 0° on
the single-wedge wing agree well with those obtained elsewhere and with theory, and afford
further evidence that at zero incidence and sweep the pressure-plotting station is acting effectively
as part of an infinite wing.

The complete pressure drag of the single-wedge profile will include the contribution of the base
region. Values of C, for zero incidence at several sweep angles are presented in Fig. 33. The shape
of these curves is greatly influenced by the base-pressure component as will be seen by comparing
the relative magnitudes of C,; and C, in Figs. 31a and 33 respectively. The base pressure ratios
(py/po) used in estimating C, are contained in Fig. 30a. Fig. 30, in fact, demonstrates that the base
pressure is strongly influenced by the Mach number component M,cosé and. correlates
approximately if plotted against this parameter. It would be expected then, that the base
contribution to the pressure force would also correlate in a similar manner and since the forebody
contribution is known to behave in this fashion too, it follows that some degree of correlation
should be obtained by replotting the data contained in Fig. 33 in terms of C,sec®¢ and M, cos¢.
This is done in Fig. 34; though the scatter is rather large, there is some measure of agreement
between the four sweepback angles.

A similar analysis for the complete chordwise pressure-force coefficient C,, may be made from
the double-wedge pressure distributions, and for zero incidence the resultant curves are set out in
Figs. 35 and 36. The earlier rise in C, with M,cos ¢ as the sweepback is increased is again evident
(Fig. 35b), but this effect can now be attributed in part to the failure of the pressures close to the
trailing edge to behave in accordance with simple-sweep theory. This effect has already been discussed
in connection with Fig. 20c and was attributed there to boundary-layer separation or thickening.
Nevertheless, the correlation shown in Fig. 35b is reasonably satisfactory. In Fig. 36 the present
results at zero incidence and sweep are compared with those obtained by Knechtel'® on a double-
wedge section of 4-5° semi-angle and with the theory for low supersonic speeds due to Vincenti
and Wagoner3! and for subsonic speeds by Trilling®%. The values of C, for the present wing tend to
increase at rather lower values of £, compared with those given in Ref. 19 and this may be due to the
onset of shock-induced separation on the 79, thick section when M|, exceeds 0-80. The corresponding
value of stream Mach number for Knechtel’s slightly thicker profile is not known. On the other
hand the present results in this region are in agreement with those obtained by Humphreys, and
reported in Ref. 23, on a double-wedge profile of 5-74° semi-angle and 109, thickness/chord ratio.
The values of C, for this wing were converted to C, in Ref. 18, from which the points shown in
Fig. 34 have been taken. Sandemann’s own results tend to be rather larger at low free-stream
Mach numbers and again near M, = 1-0. The latter effect would be expected from the dlﬁerences
in surface pressure distribution displayed in Fig. 13a.

As in the case of the single-wedge wing the evidence of Fig. 36 may be used to suggest that the
influence of the finite wing span at zero incidence and sweep is small.

In Fig. 35a, the stream Mach number corresponding to the initial movement of the ridge shock
back from the ridge, as indicated by extrapolating the shock positions plotted in Fig. 25a, has been
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indicated for ¢ = 0° 30° and 45°. All three events seem to correspond to a similar position close to
the beginning of the drag rise, which suggests that the wave drag at the section does not appear
until the shock forms and moves rearward. Again this is in accordance with the simple theory. At
¢ = 60°, the ridge shock does not form within the Mach' number range of the tests and C, is almost
constant as M, increases.

9.2. Normal Force.

To indicate the effect of leading-edge sweep on the normal force acting at the pressure-plotting
station, the section values of Cj were obtained by mechanical integration for the single-wedge
model at an incidence of 4-0°. These results are shown in Fig. 37, which also includes the
corresponding normal-force coefficients measured on the complete wing using the strain-gauge
balance. It will be seen that the integrated results differ somewhat from those obtained with the
balance, indicating that the pressure-plotting station was not at exactly the position to give the
average normal force on the wing. At this particular incidence, the flow may change with increasing
stream Mach number from separated to attached leading-edge flow, and as sketched in Fig. 37
there would appear to be related changes in the section normal-force coefficient.

These results were obtained for a wing incidence of 4+0°, and the effective incidence normal to
the leading edge is therefore 4-0sec ¢ degrees. It follows that the correct comparison of these results,
to show whether the simple-sweep theory holds for the normal force as the wing sweep changes, is
in terms of Cysec¢ and Mjcos¢. This comparison is made in Fig. 38. In general the‘correlatio.n is
reasonably satisfactory, though there is some tendency for a rise in section normal force to take
place at a progressively lower value of M cos ¢ as the sweep increases. Since these results have been

-obtained on a wing of finite span, it is necessary to assess how this affects the correlation; at present
this can only be done by comparing the present results for ¢ = 0° with other experimental results
on two-dimensional single wedges at incidence. Unfortunately, such material is rather scarce. The
present results agree well with those obtained by Bugler and Hanslip® but since this wedge was
tested in a hydraulic channel the validity of the comparison is uncertain. Values of Cy for a
single-wedge section may of course be estimated from the pressures measured on the front half
of the double-wedge aerofoil tested by Knechtel'®, but because the reattachment position of
the leading-edge separation seems to depend on the aerofoil chord rather than its shape, the
reattachment line would be relatively too far aft at a given incidence and Mach number and the
lift on the forward half of the section too high. This objection no longer applies once transonic
leading-edge flow attachment has occurred, but the normal force at the pressure-plotting station
of the finite wing will then be strongly influenced by the position at which the tip shock crosses the
station. As a result the values of Cy are much smaller than are obtained by considering only the front
part of Knechtel’s wedge or by making a comparison with similar results presented in Ref. 26.
Both these sets of points appear to lie on a single curve parallel to, but considerably higher than, that
for the single-wedge wing. It is perhaps worth pointing out that the discrepancy is accentuated
in Fig. 38 by the false zero in the scale for Cy/cos¢; the actual difference between the two curves
amounts to about a 209, loss in normal force compared with the two-dimensional values.

Similar considerations leading to a loss in normal force would be expected-to apply to the
double-wedge wing and in Fig. 39 a comparison is made between values of Cy/«a obtained on the
finite wing at two fixed values of the nominal incidence, values corresponding to corrected incidences
of about 1-1° and 2-2°. These two curves do not coincide, indicating that the section normal-force
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curve is not linear with incidence, possibly due to changes in the spanwise distribution of the load,
as well as changes in the local flow pattern. The marked dip in the curves for stream Mach numbers
between 0-85 and 0-95 is associated with the differential movement of the ridge shocks on the
upper and lower surfaces, and as would be expected, tends to diminish as the incidence increases.
This phenomenon is reflected in the overall lift curve for the wing as measured on the balance, and
may be clearly seen in Fig. 60; it would appear to be restricted to zero wing sweepback. The four
other curves included in Fig. 39 are from different two-dimensional tests on double-wedge
aerofoils; rather surprisingly these show considerable scatter at moderate subsonic Mach numbers.
Again the most reliable values are probably those due to Knechtel'?, which suggest that in this
Mach number range the normal force from the finite wing is only about 609, of the two-dimensional
value. Most of this loss comes from the forward half of the profile, as can be seen in Fig. 13b. As the
streamm Mach number approaches 1:2 the values of Cy/a increase rapidly and approach those
obtained by Vincenti, Dugan and Phelps®® for a two-dimensional wing; this stream Mach number is
very close to that for shock attachment and presumably the three-dimensional effects diminish
rapidly with the shrinking subsonic flow region.. As Ref. 20 shows, the attachment Mach number is
independent of the aspect ratio of the wing. ' '

The values of Cy/a for the other angles of sweep may now be compared with those for ¢ = 0°,
but since the normal force does not always vary linearly with incidence (see the inset to Fig. 40),
particularly when there is a pronounced vortex separation, it is best to make the comparison at as
constant a value of asec¢ as possible. The reduced incidence must also change at constant nominal
wing incidence for certain sweepbacks because of the twist of the model under load. A comparison
of Cyfa for the range of sweepback is shown in Fig. 40 where, as would be expected, there is a
reduction in Cy/a as-the sweep increases. These results are replotted in Fig. 41 in terms of
(Cysecd/a) and M cos ¢. The eﬁectcif the incidence at which the comparison is made is of some

“importance at high sweepback angles as can be seen from the set of points for asec$ = 1-3° for
¢ = 60° in Fig. 41; these are closer to the general trend of the results than those for asecd == 2-6°,
suggesting that the non-linear lift may exercise a marked influence on the comparison. Apart from
this aspect the correlation is reasonably good.

10. Concluding Remarks.

. The results discussed in the foregoing pages represent an attempt to contribute to the problems
associated with the simple-sweep analogy at transonic speeds. The technique used is one which
may be criticised on many grounds, the most important probably being the finite span of the wings,
and the failure to deal adequately with the flow at the wing root. Such shortcomings must be
admitted; nevertheless it is felt that the correlations that have been obtained do suggest that in
certain conditions these difficulties were not dominant. The present text has tended to be rather
selective in its treatment of the basic results in an effort to concentrate on the limited objective of
estimating the effect of the wing sweep on the flow and section characteristics.

In general it would appear that the simple-sweep theory predicts remarkably well the behaviour
of the swept wings, and many of the defects can plausibly be attributed to three-dimensional flows.
The infinite swept wing, so difficult to represent in wind-tunnel tests, seems likely on this evidence
to behave very closely to the theoretical manner. This agreement would seem to apply not only to
the overall flow characteristics, but to the detailed development of the flow about the wing section
and the appearance of shock waves and the accompanying wave drag.
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The present results should therefore be encouraging to those concerned with the design of
sweptback wings and their sections. Obviously further and more precise tests are required to establish
the matter beyond doubt, but it is hoped that the present contribution may help to indicate the broad
directions in which more data are needed.
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TABLE 1

Principal Dimensions and Characteristics of Wing Planform

¢ ¢ Cs § l A S My i
(in.) (in.) “(in) (in.) (sq. in.) (%) (%)
0° 4-00 4-00 11-15 7| 10-00 5-57 44-60 62-7 70-0
15° 4-00 4-14 11-29 11-07 5-45 46-74 64-8 72-9
30° 4-00 4:62 10-65 12-31 4-61 49.21 66-3 75-6
45° 4-00 5-66 9-30 14-00 3-29 52-60 68-4 78-6
60° 4-00 8-00 7-31 16-93 1-83 58-45 71-6 82-3
& Sweepback angle of wing with respect to stream direction
B ¢ Chord normal to leading edge
€q Chord in stream direction
§ Mean semi-span of wing
l Length of leading édge

Aspect ratio of wing

S Area of wing
My Mean spanwise position of pressure-plotting station
7 Spanwise position of pressure-plotting station along leading edge
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TABLE 2
Positions of Pressure Holes

(@) On wedge surfaces

x/c
Hole No.
Double wedge Single wedge
1 0-05 0-05
2 0-12 0-10
3 0-20 0-17
4 0-30 0-24
5 0-40 0-32
6 0-45 0-40
7 0-47 0-50
8 0-49 0-60
9 - 0-51 0-70
10 0-53 0-80
11 0-55 0-85
12 0-60 0-90
13 0-70 0-94
14 0-80 0-96
15 0-88 0-98
16 0-95 0-995

(6) On base of single-wedge wing, where 7,
denotes the position of the hole from the
root, as a fraction of the span of the base

Hole No. Spanwise position (7;)

0-10
0-26
0-42;
0-59
0-75
0-91,

N U1 D W DN
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TABLE 3
Base Pressure on Single-Wedge Wing

Tabulated quantities are p,/p, where p, is the base pressure and p, is the tunnel static pressure.

(@) My = 0-70, ¢ = 0°

Hole No. 7 a=0° 2° 4° 6° 8°
6 0-91, 0-766 0-765 0-788 0-793 0-735
5 0-75 0-726 0-736 0-767 0-784 0-776
4 0-59 0-703 0-708 0-749 0-771 0-787
3 0-42, 0-703 0-703 0-752 0-827 0-855
2 0-26 0-728 0-727 0-770 0-850 0-875
1 0-10 0-759 0-759 0-788 0-852 0-867

(B) M, = 0-80, ¢ = 0°

6 0-664 0-682 0-708 0-709 0-678
5 0-627 0-644 0-663 0-672 0-663
4 0-611 0-624 0-642 0-653 0-641
3 0-609 0-621 0-663 0-655 0-647
2 0-621 0-634 0-673 0-687 0-687
1 0-645 0-656 0-702 0-756 0-750
(€) My = 0-90, ¢ = 0°
6 0-477 0-516 0-548 0-581 0-552
5 0-427 0-476 0-510 0-572 0-554
4 0-436 0-452 - 0-494 0-565 0550
3 0-466 0-448 0-484 0-552 0-548
2 0-493 0-477 0-497 0-558 0-566
1 0-529 0-518 0-538 0-628 0-608
(d) My = 1-00, ¢ = 0°
6 0-413 0-397 0-380 0-363 0-340
5 0-413 0-402 0-393 0-378 0-359
4 0-411 0-402 0-402 0-391 0-372
3 0-411 0-405 0-411 0-406 0-389
2 ©0-413 0-408 0-420 0-422 0-408
1 0-402 0-411 0-418 0-413 0-386
(& My =1-11, ¢ = 0°
6 0-456 0-432 0-404 0-384 0-369
5 0-453 0-436 0-419 0-402 0-391
4 0-451 0-438 0-432 0-415 0-406
3 0-453 0-443 0-440 0-432 0-421
2 0-458 0-449 0-449 0-445 0-438
1 0-443 0-456 0-447 0-419 0-404
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TABLE 3—continued

(f) My = 1-16, ¢ = 0°

Hole No. a=0° 2° 3°
6 0-484 0458 0-433
5 0-479 0-463 0-447
4 0-479 0-465 0-454
3 0-479 0-470 0-461
2 0-484 0-477 0-470
1 0-472 0-484 . 0-474

(g) M, = 0-70, ¢ = 15°

Hole No. a=0° 2° 4° 6° 8°
6 0-797 0-799 0-804 0-840 0-829
5 0-753 0-751 0-772 0-826 0-832
4 0-738 0-739 0-770 0-852 0-895
3 0-732 0-731 0-762 0-837 0-886
2 0-732 0-731 0-761 0-812 0-850
1 0-740 0-736 0-768 0-804 0-829

(B) M, = 0-80, ¢ = 15°

6 0-707 0-708 0-733 0-786 0-775
5 0-657 0-657 0-692 0-768 0-763
4 0-636 0-639 0-685 0-797 0-849
3 0-628 0-629 0-676 0-780 . 0-827
2 0-627 0-627 0-679 0-757 0-800
1 0-632 0-637 0-713 0-753 0-780

() M, = 0-90, ¢ = 15°

6 0-617 0-624 0-620 0-635 0-642
5 - 0-595 0-598 0-598 0-612 0-615
4 0-573 0-576 0-579 0-587 0-619
3 0-558 0-556 0-559 0-586 0-642
2 0-546 0-542 0-555 0-596 0-668
1 0-561 0-568 0-605 0-651 0-646

(j) My = 1-00, ¢ = 15°

6 0-455 0-452 0-455 0-465 0-459
5 0-442 0-435 0-442 0-450 0-446
4 0-432 0-426 0-433 0-442 0-435
3 0-426 0-420 0-432 0-446 0-442
2 0-423 0-418 0-433 0-433 0-426
1 0-417 0-423 0-423 0-420 0-412
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TABLE 3—continued

(&) My = 1-11, ¢ = 15°

Hole No. a=0° 2° 4° 6° 8°
6 0-488 0-486 0-464 0-432 0-393
5 0-473 0-466 0-451 0-423 0-391
4 0-462 0-456 0-445 0-432 0-419
3 0-456 0-449 0-445 0-443 0-440
2 0-449 0-449 0-438 0-436 0-432
1 0-447 0-456 0-432 0-434 0-425

() M, = 1-16, $ = 15°

6 0-514 0-507 0-479
5 0-497 0-511 0-467
4 0-486 0-474 0-461
3 0-477 0-467 0-458
2 0-472 0-465 0-451
1 0-467 0-481 0-451

(m) My = 0-70, ¢ = 30°

6 0-876 0-876 0-89%4 0-925 0-915
5 0-813 0-815 0-846 0-915 0-915
4 0-793 0-799 0-826 0-873 0-882
3 0-788 0-794 - 0-823 0-850 0-858
2 0-793 0-799 0-830 0-843 0-843
1 " 0831 0-828 0-833 0-833 0-842

(n) M, = 0-80, ¢ = 30°

6 0-827 0-830 0-855 0-896 0-884
5 0-748 0-765 0-792 0-867 0-878
4 0-723 0-727 0-764 0-825 0-832
3 0-723 0-734 0-771 0-803 0-798
2 0-749 0-757 0-785 0-797 0-792
1 0-760 0-766 0-757 0-772 0-774 .

(0) M, = 0-90, ¢ = 30°

6 0-764 0-771 0-794 0-852 0-832
5 0-699 0-696 0-744 0-811 - 0-842
4 0-673 0-674 0-717 - 0-787 0-805
3 0-680 0-690 0-723 0-767 - 0-777
2 0-700 0-710 0-730 0-755 0-750
1 0-621 0-625 0-639 0-657 0:649
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(§) My = 1-00, ¢ = 30°

TABLE 3-—continued

Hole No. o= 0° 2° 4° 6° 8°
6 0-686 0-675 0-681 0-709 0-596
5 0-616 0-609 0-624 0-647 0-634
4 0-561 0-563 0-590 0-612 0-648
3 0-536 0-526 0-556 0-571 0-620
2 0-500 0-501 - 0-522 0-545 0-584
1 0-492 0-490 0-495 0-503 0-507
(@) My = 1-11, ¢ = 30°
6 0-497 0-527 0-518 0-495 0-447
5 0-449 0-486 0-484 0-445 0-382
4 0-397 0-438 0-417 0-389 0-391
3 0-367 0-389 0-391 0-384 0-406
2 0-384 0-404 0-417 0-434 0-514
1 0-469 0-479 0-486 0-497 0-499
(#) My = 1-16, ¢ = 30°
6 0-539 0-532 0-541 0-497
5 0-502 0-495 0-500 0-449
4 0-461 0-447 0-433 0-403
3 0-412 0-431 0-435 0-408
2 0-417 0-428 0-456 0-458
1 0-467 0-467 0-481 0-516
(s) M, = 0-70, ¢ = 45°
6 0-957 0-954 0-955 0-941 0-919
5 0-884 . 0-886 0-896 0-911 0-916
4 0-877 0-881 0-888 0-899 0-908
3 0-883 0-886 0-888 0-891 0-896
2 0-886 0-886 0-886 0-887 0-889
i 0-884 0-877 0-873 0-868 0-865
(1) My = 0-80, ¢ = 45°
6 0-941 0-941 0-945 0-920 0-893
5 0-846 0-848 0-864 0-882 0-894
4 0-835 0-844 0-857 0-867 0-882
3 0-845 0-849 0-856 0-861 0-868
2 0-848 0-850 0-855 0-856 0-859
1 0-826 0-827 0-820 0-818 0-818
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TABLE 3—continued

() M, = 0-90, ¢ = 45°

Hole No. o= 0° 2° 4° 6° 8°
6 0-920 0-923 0-933 0-889 0-855
5 0-804 0-811 0-837 0-848 0-869
4 0-793 0-803 0-823 0-837 0-855
3 0-805 0-811 0-825 0-828 0-838
2 0-807 0-811 0-821 0-823 0-828
1 0-726 - 0-730 0-717 0-722 0-723

(0) M, = 1-00, ¢ = 45°

6 0-895 0-899 0-919 0-891 0-838
5 0-819 0-827 0-836 0-823 0-836
4 0-755 0-764 0-780 0-790 ©0-813
3 0-770 0-777 0-776 0-772 0-785
2 0-732 0-742 0-749 0-746 0-751
1 0-608 0-617 0-613 0-617 0-613

(w) My = 1-11, ¢ = 45°

6 0-812 0-812 0-825 0-754 0-750
5 0-680 0-678 0-683 0-715 0-752
4 0-665 0-680 0-702 0-724 0747
3 0-665 0-683 0-698 0-709 0-743
2 0-661 © 0672 0-672 0-672 0-685
1 0-566 0-583 0-583 - 0-592 0-592

(x) M, = 1-20, ¢ = 45°

6 0-741 0-744 0-758
5 0-618 0-613 0-613.
4 0-581 0-611 0-649
3 0-603 0-608 0-618
2 0-567 0-577 0-591
1 0-509 0-514 0-545

(y) My = 0-70, ¢ = 60°

6 0-981 0-976 0-964 0-957 0-959
5 0-940 0-940 0-940 0-943 0-954
4 0-934 0-936 0-937 0-940 0-950°
3 0-933 0-936 0-936 0-937 0-944
2 0-933 0-934 0-936 0-937 0-940
1 0-898 0-900 .0-905 0-911 0-914
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(2) M, = 0-80, ¢.= 60°

TABLE 3—continued

Hole No. o= 0° 2° #° 6° 8°
6 0-979 0-972 0-954 0-944 0-945
5 0-919 0-919 0-920 0-925 0-939
4 0-915 0-915 0-916 0-922 0-932
3 0-912 0-913 0-915 0-917 0-926
2 0-910 0-912 0-915 0-916 0-916
1 0-863 0-865 0-873 0-881 0-881
(aq) My = 0-90, ¢ = 60°
6 0-979 0-974 0-943 0-925 0-930
5 0-888 0-898 0-898 0-906 0-925
4 0-890 0-892 © 0-895 0-904 0-915
3 0-888 0-890 0-895 0-898 0-906
2 0-885 0-886 0-890 0-892 0-892

1 0-820 0-821 0-832 0-842 0-840
(bb) M, = 1-00, ¢ = 60°
6 0-996 0-989 0-931 0-901 0-901
5 0-826 0-842 0-848 0-861 0-897
4 0-864 0-871 0-870 . 0-887 0-897
3 0-870 0-880 0-887 0-893 0-897
2 0-860 0-859 0-861 0-863 0-861
1 ©0-743 0-749 0:768 0-779 0-779
(cc) My = 1-11, ¢ = 60°
6 0-907 0-899 0-853 0-869 0-920
5 0-864 0-873 0-879 0-890 0-916
4 0-856 0-860 0-869 0-873 0-914
3 0-836 0-847 0-853 0-869 0-864
2 0-817 0-827 0-836 0-825 0-845
1 0-687 0-700 0-734 0-752 0-750
(dd) M, = 1-20, ¢ = 60°
6 0-849 0-838 0-803 0-854
5 0-854 0-860 0-870 0-877
4 0-817 0-834 " 0-844 0-864
3 0-803 0-817 0-824 0-824
2 0-795 0-792 10-788 0-780
1 0-655 0-652 0-676 0-686
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TABLE 4
Balance Results for Single-Wedge Wing

It should be noted that the wing drag includes the contribution from the raked tip edge which is a blunt
forward-facing surface at ¢ = 0° to 30° and a blunt base at ¢ = 45° and 60°.

(@) =0°
« M, = 0-70 0-80 0-90 1-00 1-11
wd Co 0 0 0 0 0
Cp 0-123 0-135 0-163 0-171 0-156
2od Co 0-214 0-226 0-228 0-234 0-255
cp 0-123 0-131 0-162 0-174 0-158
404 Co 0-440 0-466 0-493 0-566 0-548
c, 0-121 0-136 0-168 0-185 0-171
d Co 0-701 0-735 0-872 0-804 0-762
c, 0-129 0-162 0-186 0-222 0-213
ood Co 0-929 1-037 1-075 0-996 0-937
Ch 0-169 0-216 0-242 0-276 0-261
10 G 1-008 1-350
ch 0-218 0-291
1ped Cr 1-012 1-092
¢ 0-267 0-298
(2) ¢ = 15°
ood Co 0 0 0 0 0
cp 0-106 0-118 0-122 0-145 0-137
o d Cr 0-187 0-198 0-200 0-206 0-222
Cp 0-108 0-117 0-122 0-146 0-138
wJCr 0-389 0-415 0-428 0-466 0-470
¢, 0-109 0-114 0-132 0-156 0-153
¢d Co 0-627 0-672 0-731 0-725 0-684
Cy 0-112 0-116 0-153 0-184 0-186
god Co 0-857 0-904 1-031 0-927 0-864
Cp 0-142 0-149 0-196 0-230 0-232
1004 Co 0-949 0-969
Cy 0-188 0-197
1S Cr 0-951 1-024
c, 0-233 0-252
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TABLE 4—continued

© ¢ = 30°

M, = 0-70 0-80 0-90 1-00 1-11
0 0 0 0 0
0-070 0-070 0-074 0093 0-109
0-155 0-165 0-171 0-167 0-173
0-070 0-070 0-073 0-095 0-102
0-328 0-344 0-365 0-365 0-373
0-072 0-074 0-078 0-103 0-120
0-532 0-566 0-589 0-572 0-564
0-085 0-089 0-095 0-124 0-147
0-727 0-723 0-813 0-784 0-749
0-120 0-123 0-134 0-162 0-185
0-829 0821 | 0-859 0-959 0-923
0-164 0-166 0-172 0-208 0-225
0-882 0-880 0-980
0-209 0-211 0-233

45°

M, = 0-70 0-80 0-90 100 111 1-20
0 0 0 0 0 0
0-037 0-037 0-037 0-040 0048 0-052
0-126 0-130 0-136 0-143 0-143 0-149
0-038 0-038 0-040 0-041 0-051 0-054
0-267 0-275 0-287 0-301 0-297 0-299
0-046 0-046 0-048 0-051 0-061 0-065
0-436 0-446 0-462 0470 0-462
0-065 0-066 0-068 0-074 0-082
0-615 0-625 0-644 0-646 0-635
0-097 0-099 0-102 0-107 0-115
0-760 0-798 0-815 0-794 0-788
0-140 0-149 0-152 0-152 0-158
0-833 0-833 0-833 0-884
0-184 0-186 0-190 0-199
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TABLE 4—continued

() 6 = 60°

o M, = 0-70 0-80 0-90 1-00 111 1-20
wd Cu 0 0 0 0 0 0

Cp 0-019 0019 0-019 0-020 0-021 0-021
2 S Ci 0-090 0-092 0-096 0-097 0-102 0-105

c 0-020 0-020 0-020 0-021 0-023 0-023
L Co 0-195 0-199 0-208 0-210 0-221 0-222
o 0-028 0-028 0-029 0-030 0-031 0-032
S Co 0-316 0-321 0-329 0-334 0-343 0-343

Cp 0-044 0-044 0-045 0-047 0-048 0-049
gl Cs 0-448 0-453 0-465 0-467 0-476

Cp 0-070 0-070 0-071 0-073 0-075
10 Co 0-587 0-593 0-608 0-609 0-604

c, 0-104 0-105 0-107 0-109 0-109
o Cr 0-729 0-736 0-722

c, 0-149 0-112 0-148
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'TABLE 5

Balance Results for Double-wedge Wing

«, is the approximate mean incidence for the model when distorted by aerodynamic load.

(D=0

M, = 0-70 0-80 0-90 100 1-11
o —1-0° —1-0° ~1-0° —1.0° ~0-9°
Cy —0-094 ~0-103 —0-045 —0-082 —0-078
o 0-013 0-019 ~0-0391 0-0551 0-0509
o +0-1° +0-1° +0-1° +0-1° +0-1°
C +0-012 +0-014 +0-004 +0-016 +0-017
Cp 0-011 0-018 0-0384 0-0535 0-0503
o 1.2° 1.2° 1-3° 1-1° 1-1°
cy 0-107 0-120 0-045 0-108 0-106
cp 0-012 0-017 0-0368 0-0527 0-0492
o 2:3° 2:3° 2-4° 2-3° 2-2°
o 0-204 0-226 0-113 0-216 0-222
o 0-015 0-020 0-0371 0-0541 0-0507
o 3.3° 3-4° 3.5° 2-8° 2-7°
Cy 0-307 0-340 0-311 0-291 0-279
Cp 0020 0-028 0-0427 0-0560 0-0537
o 4-4° 4:0°
Cy 0-413 0-403
c 0-029 0-033
() ¢ = 15°
o —0-9° —0-9° —0-9° —0-9° —0-9°
Cy —0-072 —0-081 | —0-070 —0-06 —0-063
c, 0-0106 0-0137 0-0283 0-0472 0-0455
o +0-1° +0-1° +0-1° +0-1° 0-1°
Cy, +0-006 +0-008 +0-006 “+0-009 +0-013
Cp 0-0092 0-0122 0-0268 0-0470 0-0437
o 1-1° 1-1° 1-1° 1-1° 1-1°
Cy, 0-089 0-097 +0-087 +0-089 +0-090
cp 0-0089 — 0-0266 0-0456 0-0425
o 2-1° 2.1° 2-1° 2-1° 2.1°
cy 0-173 0-183 0-179 0-173 0-171
Co 0-0115 0-0144 0-0285 0-0470 0-0440
o 3.1° 3.1° 3-1° 3-1° 3-1°
Cy 0-257 0-271 0-275 0-269 0259
Cp 0-0158 0-0193 0-0327 0-0501 00472
o 5-1° 4.1°
Cy 0-428 0-367
Ch 0-0310 0-0263
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TABLE 5—continued

(€) = 30°

M, =0-70 0-80 0-90 1-00 1-11
oy —-0-9° -0-9° —0-9° —0-9° -0-9°
Cr —0-053 —0-055 —0-057 —0-045 —0-046
Cp 0-0085 0-0091 0-0126 0-0266 - 0-0315
oy +0-1° +0-1° +0-1° +0-1° +0-1°
Cy, +0-012 +0-012 +0-014 +0-014 +0-014
Cp 0-0079 0-0083 0-0118 0-0258 0-0311
o 1-1° 1-1° 1-1° 1-1° 1-1°
Cy 0-073 0-079 0-086 0-077 0-075
Cp 0-0083 0-0077 0-0112 0-0256 0-0305
o 2-1° 2-1° 2-1° 2-1° 2-1°
Cy, 0-143 0-149 0-161 0-155 0-138
Cp 0-0093 0-0095 0-0130 0-0283 0-0319
o 4-1° 4-1° 4-1° 3.1° 3-1°
Cy, 0-285 0-299 0-316 0-220 0-212
Cp 0-0187 0-0189 0-0232 0-0308 0-0354
o 6-1° 5-1°
Cr 0-440 0-358
Cp 0-0360 0-0244

(@) ¢ = 45°

oy —0-8° —0-8° —-0-8° -0-8° —0-8°
Cy, —0-041 —0-042 —0-043 —0-044 —0-039
Cp 0-0084 0-0082 0-0086 0-0098 0-0130
oy +0-1° 0° 0-1° 0-1° - 0-1°
Cy, +0-009 +0-005 +0-009 +0-010 +0-009
Cp 0-0079 0-0077 0-0078 0-0093 0-0133
oy 1-0° 1-0° 1-0° 1-0° 0-9°
Cy, 0-059 0-057 0-061 0-063 0-060
Cp - 0-0077 0-0073 0-0074 0-0092 0-0132
oy 2-0° 1.9° 1-9° 1-8° 1-8°
Cr 0-111 0-109 0-115 0-119 0-112
Cp 0-0088 0-0090 0-0090 0-0100 0-0147
oy 3-8° 3.7° 3-6° 2-7° 2:6°
Cy, 0-223 0-221 0-225 0-174 0-172
Ch 0-0125 0-0162 0-0158 0-0131 0-0193
oy 5.7° 5-5° 4.5° 3-5° 3.5°
Cy, 0-346 0-343 0-286 0-235 0-222
Cp 0-0299 0-0293 0-0219 0-0176 0-0219
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TABLE 5—continued

@ 6 = 60°

My, =070 0-80 0-90 1-00 1-11
o —0-8° —0.7° —0-7° —0-7° —0-6°
Cr —0-018 —0-026 —0:026 —0-031 " —0-026
Cp 0-0081 0-0083 — — 0-0081
oy 0° 0° +0-1° +0-1° +0-1°
o +0-008 4-0-006 +0-008 +0-007 +0-006
Cp 0-0077 0-0073 0-0075 0-0077 0-0075
oy +1.0° +0-9° +0-8° +0-9° 0-8°
Cr 0-043 0-041 0-043 0-043 0-041
Cyp 0-0077 0-0071 0-0071 0-0075 0-0077
oy 1-8° 1-7° 1-6° 1-6° 1-5°
Cy, 0-079 0-081 0-079 0-079 0-079
Cp 0-0107 0-0095 0-0085 0-0087 0-0087
oy 2-7° 2:6° 2-3° 2-4° 2-2°
Cp 0-120 0-120 0-118 0-122 0-122
Ch 0-0114 0-0109 0-0109 0-0109 0-0112
o 4-4° 4.2° 4.5° 3.9° 3-6°
c;, 0-212 0-208 0-257 0-210 0-208
Cp 0-0193 0-0195 0-0248 0-0187 0-0185
oy 6-1°
Cy 0-310
Cp 0-0354

43



¥

04

05

Xlw
A

07

08

09

!

T
My =0-61)
& =49°

1 1]

¢ = 57°

02

04 xlc

Fic. 1. Validity of simple-sweepback theory for com-
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asecp = 6-0° H, is the effective total pressure of this
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wedge profile at zero incidence (coefficients determined for front half of 79, thick
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F16. 35b.  Correlation of reduced chordwise pressure-force coefficient for double-
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Fic. 37. Comparison of overall wing normal-force coefficient
(balance) with that obtained from integration of pressure
distributions at « = 4-0° (single-wedge wing).
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(b) My=080, a =6

¥
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F1c. 62. Oil patterns on upper surface of single-wedge wing at ¢ = 0°.
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() My=0:90, @ = 2.4°

Fic. 63. Oil patterns on upper surface of double-wedge wing at ¢ = 0°.
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o = 4-0°

(c) Mo= 0-91,
a = 6-0°

F16. 64. Oil patterns on upper surface of single-wedge wing at ¢ = 15°.
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(b) Mo= 0-80,
a =2-0°

F16. 65. Oil patterns on upper surface of double-wedge wing at ¢ = 15°.
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(a) Mo=070,
a = 3-:0°

(b) My = 095,
a = 80°

F1G. 66. Oil patterns on upper surface of single-wedge wing at ¢ = 30°.
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F1c. 67. Oil patterns on upper surface of double-wedge wing at ¢ = 30°.
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(a) Me=0:70,
a = 4.0°

(b) Mg = 115, () Mo=1I"I5,
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Fic. 68. Oil patterns on upper surface of single-wedge wing at ¢ = 45°.
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(a) M, = 0-60,
« =3.7°

F1G. 69.

(c) Mg=1-20,
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(b) Mg =II1,
« =3-0°

Oil patterns on upper surface of double-wedge wing at ¢ = 45°.
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(b) Mg =080
o = 2-0°

(c) Mo=LI:11
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FiG. 70. Oil patterns on upper surface of single-wedge wing at ¢ = 60°.
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Fic. 71.

(b) Mg = 100,
a =3-3°

Oil patterns on upper surface of double-wedge wing at ¢ = 60°.
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