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Summary.

Directional and longitudinal stability measurements have been made on a 1/72 scale model of the Javelin
aircraft at Mach numbers up to 1-12 in R.A.E. Bedford, 3 ft Wind Tunnel. Observations were made of the
flow over the fin and the wing by the oil-flow technique.

The results show directional instability near sonic speed, as observed in flight, due to shock-induced
separation on the fin; this appears to have been caused by the wing trailing-edge shock wave, strengthened by
the flow fields of the fin and rear fuselage. A small change in the shape of the rear fuselage delayed the
separation to a higher wing incidence and eliminated the instability.

For the model with the tail-on, the curves of pitching moment against normal force had stable slopes
except near zero lift at isolated Mach numbers. The stability decreases at high incidence at M = 0-7 and at
moderate incidences around M = 0-93.

Flight and tunnel test results were in good qualitative agreement.

The significant effect of a small distortion of the fuselage shape at the tail (such as might be made to
accommodate a supporting sting) on directional stability is of general importance from the point of view of

wind-tunnel testing.
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1. Introduction.

The tests described here were undertaken primarily to investigate a directional instability near
sonic speed observed during flight trails of Javelin aircraft. A simple model and a simple balance
that could be made quickly were designed for the Royal Aircraft Establishment, Bedford 3 ft Wind
Tunnel, and manufactured concurrently with the instrumentation of an aircraft for a flight
investigation at R.A.E., Farnborough. The tunnel tests were carried out during July and August,
1955. Additional flight tests were carried out by the Gloster Aircraft Company at Moreton Valence.
As far as possible, the tunnel tests were made complementary to the flight tests, which were done
at about the same time. In both, particular attention was paid to observation of the flow over the
fin, by the surface oil-flow method in the tunnel and by tufting in the flight tests. Minor modifica-
tions to the aircraft shape to reduce the yawing tendency were developed. This report deals with
the tunnel tests and their contribution to the understanding of the behaviour of the aircraft..

Part I is concerned with the directional stability. A short account of the behaviour of the full-scale
aircraft is given first, in Section 3. The results of the tunnel tests on the basic model are presented
in Section 4.1 and the effects of various modifications are described in 4.2. The force and angle
system used is illustrated in Fig. 1. '

Apart from their application to the Javelin aircraft, and to other aircraft of similar layout, these
tests have two features of more general interest. They afford a comparison between flight experience
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and slotted-wall tunnel tests on a model which was a closer representation of the aircraft flown
than is usually the case, since aircraft designs are almost always modified between tunnel and flight
tests. Secondly, the results cast some light on the effects of distorting the shape of sting-mounted
wing-tunnel models near the tail to contain the sting.

Part II gives the results of the longitudinal stability measurements made during the same series
of tests together with a comparison with flight test results for the complete aircraft.

2. Experimental Detail.

2.1. Description of the Model and Balance.

The model represented the Javelin Mk. 1 aircraft to 1/72 scale, without flow through the engine
ducts. Fig. 2 shows the general arrangement, and the main dimensions are listed in Table 1. A
photograph of the model is given in Fig. 3. _

The wing was basically of delta planform with a kinked leading edge, the overall sweep being
approximately 45° and the aspect ratio 2+91. The wing thickness varied from 10%, chord at the
root to 7%, at the tip. The fuselage was broad and shallow in section, tapering in width from the
air intakes, ahead of the wing, to the jet outlet close behind the trailing edge. The tail unit consisted
of a large swept fin with a tailplane of approximately delta planform mounted on top of it, forming
an endplate. Both fin and tailplane had 99, thick sections. The fin extended well forward of the
wing trailing edge.

The intake shape was correctly represented, but there was no flow through the nacelles. Blind
ducts from the intakes were bored to a depth of slightly more than two intake diameters. At the
tail, the presence of the supporting sting, referred to below, provided partial representation of the
Jjet outflow, and the external fuselage shape was true to scale except in minor details at the jet exit.
These details are illustrated in Fig. 4. The modifications which were made in the course of the
tests are described in Section 4.2. 'The longitudinal distributions of cross-sectional area of the basic
model and of the model as modified are plotted in Fig. 5.

The wing and body section, made of Tufnol, and the tail unit, made of steel, were attached
rigidly by screws to a steel sting which fitted inside the body. For tests with the tail unit off a
blanking piece was provided to fill the slot in the fuselage where the tail unit was attached.

The balance was designed in a simple form for quick manufacture, to make tunnel tests possible
before the flight tests. Strain gauges were mounted on the sting downstream of the model to
measure bending moments from which yawing moment and side force (and for the longitudinal
stability tests pitching moment and normal force) were calculated. The shape and surface condition
of the sting immediately downstream of the model is indicated in Fig. 4.

2.2. Scope and Technigue of the Tests.

The tests were carried out in the 35 x 27 inch slotted working section® of the 3 ft Tunnel,
R.A.E. Bedford, at Mach numbers between 0-70 and 1-12. Special attention was given to the Mach
number range between 0-94 and 1-04.

The total pressure was kept constant at 50 inches of mercury and the temperature at 25°C. The
Reynolds numbers based on the aerodynamic mean chord of the wing at M = 070 and 1-12 were
1-9 x 108 and 2-3 x 10°® respectively; the corresponding Reynolds numbers based on the aero-
dynamic mean chord of the fin were 1-1 x 108 and 1-4 x 108,
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The model and sting could be mounted in the tunnel for tests either at approximately constant
incidence over a range of sideslip angle, from — 6° to 4 5° or over a range of incidence at zero
sideslip. The sting was cranked so that the angle of incidence at which the model was set for the
tests over a range of sideslip was initially about 6°; the sting was later bent to reduce this to about 2°.
The inclination of the model support was measured outside the tunnel and corrections were applied
for the bending of the sting due to the normal force and pitching moment on the model. Qualitative
observations of the flow over the wing and tail unit were made by means of the surface oil-flow
technique.

Boundary-layer transition was fixed on the wings, fin, tailplane and on the fuselage nose through-
out the tests by means of carborundum powder suspended in aluminium paint, applied to the model
(as shown in Fig. 2). No carborundum was applied to the intake; it was expected that transition
would occur close to the lips as a consequence of separation and reattachment of the boundary layer
there. The surface oil-flow patterns obtained indicated that the boundary layer had in fact reattached
very close to the lip. Surface oil-flow patterns also indicated that these were no sudden extensions
of this separated region at high incidence which might otherwise have marked pitch-up effects.

Tests were made on the basic model both complete and without the tail unit, and on the model
with the various modifications described in Section 4.2.

2.3. Note on Tunnel Interference Effects.

Measurement of the tunnel Mach number was based on the reference static pressure in the
plenum chamber of the slotted working section: no corrections for tunnel wall interference were
applied. No corrections for tunnel interference were made to incidence, sideslip, or the measured
forces and moments. The errors due to interference may be expected to be small, since the maximum
cross-sectional area of the model was only 0-0026 of the working-section cross-sectional area and
the span was only 0-25 of the working-section width. However, it should be noted that unpublished
work by E. P. Sutton has shown that at near-sonic speeds wall interference tends to delay the rear-
ward movement of strong shock waves with increasing Mach number. '

The reflection of the bow wave from the tunnel wall is believed to have passed downstream of
the model by a Mach number of 1-05 but at M = 1-04 the reflected wave may have impinged on
the model with significant effects.

2.4. Accuracy of the Results.

The measurements of the forces and moments were less accurate than is usual in tests of this
kind as a consequence of the use of strain gauges on the sting, outside the model, instead of an
internal balance. The following table shows standard deviations for the errors of measurement in
each force and moment coefficient.

Coefficient Random error Total error
C, 0-0003 0-0005
C, 0-001 0-0015
C, 0-004 0-006
C,. 0-003 0-004
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Two figures are given for each coefficient. The first represents purely random errors such as the
error in reading the strain-gauge balance equipment due to rapid fluctuations of the loads, etc. and
indicates the possible scatter from point to point along any curve. The second figure includes the
more systematic errors such as those due to the aerodynamic forces on the sting between the strain-
gauge stations, ‘drift’ in the electronic equipment, etc. and indicates the order of magnitude of the
absolute error of the measurements.

The angle of incidence and sideslip were measured to about + 0-1° in general, but changes in
incidence and yaw during any one test were measured to + 0-03° or better.

~ PART T
Directional Stability

3. Brief Account of the Behaviour of the Full-Scale Aircraft at Transonic Speeds.

The R.A.E. flight tests of early Javelin Mk. 1 aircraft in which the directional instability was
investigated were made at altitudes near 40 000 ft. The Mach number range between 0-85 and
1-05 was covered in shallow dives in accelerating or decelerating flight, the lift coefficient varying
from a value somewhat below that for level flight (during the entry to the dive) to a value roughly
twice that for level flight (during the recovery from the dive). The lift coefficients corresponding
to level flight at 40 000 ft are given in the following table.

M 0-90 0-96 1-00 1-04

Cy 0-15 0-13 0-12 0-11

The Reynolds number based on the wing aerodynamic mean chord was of the order of 40 x 108,

A typical record of a test dive is shown in Fig. 6. The dive was started at 40 000 ft at a Mach
number of 0-85 (recording began somewhat later) and speed built up rapidly. There was moderate
wing buffeting between M = 0-925 and 0-95. At these speeds slight wing dropping occurred but
this was easily controlled by the pilot. Between M = 0-98 and 0-99 the aircraft yawed to starboard,
reaching a maximum angle of sideslip of 4° to 5° at a Mach number of 1-00. This directional
disturbance was followed by a normal Dutch-roll oscillation. At speeds between M = 1-00 and
1:04 (not reached in the record shown in Fig. 6) the aircraft was quite steady. Recovery was made
in a 2g pull-out. The various events described for the entry to the dive occurred in reverse order
during recovery and were more severe.

In general, the yaw at M = 0:99 during both the entry to, and recovery from, the dive could
occur in either direction depending on slight asymmetric heading of the aircraft. The yawing
tendency was suppressed when the air-brakes were used. The G.A. of the model (Fig. 2) shows
the position of the airbrakes, which consisted of slotted rectangular plates at an angle of up to 60°
to the wing surface. It was only necessary to extend them to a quarter of their full travel to suppress
the yaw.

In the R.A.E. flight tests a ciné-film record was made of the behaviour of tufts on the fin and
in the fin-tailplane and fin-body junction, Typical frames from the film are shown in Fig. 7 together
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with interpretation of the flow obtained from the complete ciné record®. The shaded areas labelled
‘unsteady’ and ‘very unsteady’ indicate regions in which the tufts were oscillating through angles
less than and greater than + 60° respectively. From Fig. 7b it can be seen that at zero sideslip there
were regions of unsteady flow in the fin-tailplane and fin-body junctions, and that over the whole of
the rudder the flow was deflected up towards the tailplane. In Fig. 7a, at 4-6° sideslip, it can be
seen that on the suction surface of the fin the flow was very steady except in small regions in the
junctions, and that very little upward deflection of the flow occurred over the rudder. On the
pressure surface there were extensive regions of unsteady flow although it is possible that
the rudder deflection was to some degree responsible for this.

4. Presentation and Discussion of the Results.
4.1. Directional Stability and Flow over the Fin of the Basic Model.

Fig. 8 shows the variation of yawing-moment coefficient C,, with side force coefficient Cy, for
the basic model at various Mach numbers, in most cases for two values of the normal-force
coefficient (— C,) in the neighbourhood of 0-1 and 0-4. Figs. 9 and 10 show the corresponding
curves of C, and Cy against the angle of sideslip, 8. Representative curves of the variation of C,,
with Cy, C, with g, and Cy with f for the model with the tail unit off are given in Figs. 11, 12
and 13 respectively.

It will be seen from Figs. 8§ and 9 that even at the lower Mach numbers the directional stability
of the model with the tail unit on is smaller at low angles of sideslip than at the higher angles. The
difference becomes more marked at a Mach number of 0-96, and by M = 0-98 there is a narrow
unstable region near zero sideslip. The instability persists to the highest Mach number of the tests,
i.e. 1-12. The width of the unstable region corresponds to 1° or 2° of sideslip and is not symmetrical
about the origin (Fig. 9), probably because of some slight asymmetry of the model.

The rate of change of side force with sideslip is smaller in the unstable region than at higher
angles of sideslip (Fig. 10). However, the results for the model with the tail unit off (Figs. 11 to 13)
show no local reduction in directional stability, nor in the rate of change of C, and Cy with B, at
low angles of sideslip. Hence it is deduced that the instability is associated with a reduction in the
lift-curve slope of the fin. In fact, the effective lift-curve slope of the fin at small angles of sideslip,
as estimated from a comparison of the fin-on and fin-off results, becomes negative at Mach numbers
above about 0-98.

Fig. 14 shows the variation of 9C,/0f with Mach number for various model configurations,
For the model with the tail unit on both the minimum values (attained near zero sideslip) and
values at 8 = —3° are shown. This figure shows clearly the change in sign of the contribution of the
tail unit at M = 0-98. The accuracy of determination of 9C, /3B from the curves of C, vs. B is
poor, particularly for the unstable region, but the values are presented to show graphically the trends
described above. ‘

A reason for the loss of fin lift is suggested by observations of oil flow on the fin of the model.
Fig. 15 shows surface oil-flow patterns obtained at a Mach number of 1-00 at zero sideslip and a
model lift coefficient of 0-14. The photographs show chordwise and slightly downward inclined

* The optical system in the recording apparatus was such that these photographs show mirror images
of the actual aircraft. ‘



‘flow over the forward part of the fin surface, but a mainly upward flow behind a line near mid-chord.

The surface is scoured less by the flow over the rear part of the fin. Oil-flow lines on the side of the
fuselage are also swept sharply upwards near a line joining the wing root trailing edge to the line of
demarcation of the two regions on the fin. On the top of the fuselage aft of this line (not visible in
the photographs) the oil is not moved by the flow.

These photographs are interpreted as showing the presence of a strong shock wave across the fin,
with boundary-layer separation, or at least severe thickening of the boundary layer, at the foot of
the shock wave. It appears that the wing trailing-edge shock wave falls across the fin and is made
stronger locally by the increase in supersonic Mach number ahead of it associated with the local
expansion caused by the reducing thickness of the fin and the curvature of the rear fuselage. The
strength of the shock can be expected to increase with wing lift coefficient, since the strength of the
isolated wing trailing-edge shock would increase.

The development and variation of this flow pattern with increasing Mach number is illustrated
by Fig. 16. Fig. 16a shows that at a Mach number of 0-90 and a lift coefficient of 0-4 no separation
occurs. The boundary layer thickens (reducing the surface shear) and is swept upwards near the
trailing edge. Oil-flow observations of the flow over the wing at this lift coefficient show that at
this Mach number the wing shock wave is ahead of the fin leading edge (Fig. 37). The lowest Mach
number at which there is evidence of a shock wave on the fin at zero yaw at low lift is 0-96. This is
shown in Fig. 16b, where a region of sharp upward deflection of the oil streamlines, followed by a
recovery towards the chordwise direction, can be seen on the lower half of the fin. The shock
position appears to be a little upstream of the wing trailing edge, which would be consistent with
observations of the flow on the wing. The photographs for M = 1-00 have already been described;
the wing shock wave has reached the trailing edge. At Mach numbers of 1-04 and 1-12, Figs. 16d
and e, the shock wave appears to lie a little farther back on the fin and to cause separation over
the whole fin height; at each Mach number the separation line on the fin can be produced to pass
through- the wing root trailing edge.

The variation of the pattern with angle of sideslip at a Mach number of 1-00 and a wing lift
coefficient of 0-51 is shown in Fig. 17. At small angles of sideslip the shock wave on the pressure
side of the fin is slightly downstream of its position at zero sideslip while the shock wave on the
suction side is slightly upstream. This is apparent in the photographs for § = 0 and 1°. There is
not much difference between the shock positions for angles of sideslip of 0 and — 4°, On the pressure
side of the fin at § = — 4° there appears to be only a local separation at the shock, followed closely
by reattachment, over part of the fin height.

It is suggested that the low effective lift-curve slope of the fin for small angles of sideslip at
transonic speeds may be associated with the presence, and relative movement, of the shock waves
on the two surfaces. The explanation offered is illustrated by the diagrammatic pressure distributions
shown in Fig. 18.

Fig. 18a shows, as broken lines, the type of pressure distributions to be expected on the fin at 2
small angle of sideslip in the absence of any shock waves. The pressure on the suction side of the
fin is everywhere lower than on the pressure side. In the Mach number range in which the instability
occurs, shock waves are present and cause separation of the fin boundary layer. If the shock waves
remained at the same chordwise position with variation of sideslip angle the pressure distribution
downstream of the shock waves would be as shown by a full line in Fig. 18a. With separation
occurring on both sides of the fin (forining a single bubble which closes downstream of the trailing
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edge) there would be very little difference in pressure between the two surfaces downstream of the
shock waves. This in itself would account for some loss of lift associated with the presence of the
shock waves. ,

However, it is known from the oil-flow patterns that the shock wave is slightly farther upstream
on the suction side of the fin than on the pressure side. In this case, as shown in Fig. 18b, there will
be a negative pressure difference across the fin between the shock positions which will give a negative
contribution to lift. In certain conditions this could result in a negative effective lift-curve slope;
that is, the fin side force could decrease with increasing sideslip angle.

The effective lift-curve slope of the fin recovers again at larger angles of sideslip, presumably
owing to a limit being reached in the relative movement of the shock waves.

The significant difference between the flow described here and the case of the isolated aerofoil
considered by Pearcey? is that in the present case the shock strength and position are largely deter-
mined by aerodynamic components other than the fin itself. In particular, the shock wave is much
stronger than any that would have occurred on the isolated fin. The relative movement of the shock
waves with varying sideslip will also differ, to some degree, from that on the isolated fin. The
explanations of the relative movement with incidence on ‘an isolated aerofoil which are given in
Ref. 2 cannot be expected to apply here where the movement with variation of sideslip angle is
significantly affected by the flow over the wing and fuselage.

4.2. Effects of Modification.

'The modifications to the basic aircraft shape which were tested in an attempt to cure the
instability are shown in Fig. 19. Their effects on the overall cross-sectional area distribution are
shown in Fig. 5. A description and explanation of the purpose of these modifications follows:

(a) The shape and thickness distribution of the fin was altered by an addition to the leading
edge over the lower half of the fin span. The fin root chord was increased by 11-89, the root section
thickness was increased to 10-99, of the new root chord, and the position of maximum thickness
brought forward to 209, chord. This modification was made by adding a balsa-wood nose to the fin.
The surface was coated with ‘Phenoglaze’ and worked to produce a smooth hard surface, correctly
contoured. The object was to test the effect of a simple fin modification which could be expected
to slightly reduce the fin contribution to the shock strength,

(b) The upper rear fuselage was modified to increase the cross-sectional area and height at the
base and to reduce the streamwise curvature and rate of decrease of cross-sectional area of the
fuselage in the neighbourhood of the fin root. This is referred to below as the small rear-fuselage
modification. It was built up on the model with balsa wood and ‘Plasticene’. It was not made very
accurately and its surface was not very smooth. This modification was intended to reduce the shock
strength by decreasing the expansion due to the local fuselage curvature upstream of the shock.

(c) A similar but more extensive addition to the rear fuselage, referred to as the large rear-fuselage
modification, was obtained by continuing (b) around the sides of the fuselage. This was made of
balsa wood, shaped on the model. Again the surface was not very smooth. The dimensions of the

added fairing were checked in this case; it was found to be slightly asymmetric and rather flat on
the upper surface in cross-section.

(d) A ‘bullet’ fairing was fitted to the junction of the fin and the tailplane. It was intended to
reduce the velocities in the junction of the fin and the tailplane, ‘
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(e) Vortex generators were mounted approximately along the quarter-chord line of the fin (as
shown in Fig. 19). These were approximately 5%, fin chord long and 13%, high (approximately
2 boundary-layer thicknesses high). They were set at a spacing of approximately 1-7 generator
chords at 30° to the aircraft datum, which resulted in 15° inclination to the surface flow direction
given by the oil-flow observation, which was inclined downwards at 15° to the datum. They were
constructed from sheet steel 0-002 inch thick and were attached to the fin with ‘Araldite’.

Fig. 20 shows the effects of these modifications on the variation of C, with §at M = 1-00 and
— C, = 0-14, while Fig. 21 shows the oil-flow patterns on the fin at M = 1-00 and — C, = 0-2,
0-35 and 0-5. The modifications were only tested after the sting had been bent (see Section 2.2)
and, hence, measurements of yawing moment and side force were only possible at the lowest
normal-force coefficient. The vortex generators were applied at an even later stage in the investigation
(with the model set so that the incidence could be varied at zero sideslip) and force measurements
were not made with this configuration.

It will be seen that the fin root leading-edge extension does not reduce the instability appreciably
and that the oil-flow pattern is not changed significantly.

The small rear-fuselage modification reduces the unstable slope of the C, vs. # curve but the
instability is not completely cured. There is a marked alteration in the oil-flow pattern at
— C, = 0-2. The oil is still swept up sharply over the rear of the fin but the pattern does not
indicate definitely whether separation occurred or not. An oil-flow pattern was obtained at
— C, = 0-5 but was not photographed. It showed that separation occurs at this C, but the extent
of separation is less than on the basic configuration.

The large rear-fuselage modification appears to be quite successful at the lowest lift coefficient;
the oil-flow patterns show no boundary-layer separation and the force results show only a slight
reduction in the stability. This supports the suggestion made in Section 4.1 that the instability is
due to a loss of fin lift associated with the separation of the boundary layer on the fin. At the two
higher wing lift coefficients the fin boundary layer continues to separate and it is likely that the model
is still directionally unstable. As was pointed out in Section 4.1, the contribution of the flow at the
wing trailing edge to the shock strength at the fin will increase when the aircraft lift coefficient is
increased.

The bullet in the junction of the fin and the tailplane was then tried in combination with the large
rear-fuselage modification. The intention was to investigate whether improving the flow in the
junction would postpone the instability to higher lift. However, even at the low lift coefficient of the
force tests the stability was decreased over a range of sideslip and no improvement could be seen
in the behaviour of the boundary layer at the higher lift coefficients.

The oil-flow patterns obtained with the vortex generators on the fin at the two higher lift
coeflicients suggest that they prevent the separation of the boundary layer. An improvement in
stability may be inferred but no force measurements are available to confirm this.

Fig. 22 shows the effect of the modifications on the variation of C, with § at M = 1-04 and
Fig. 23 shows some oil-flow patterns obtained at the same Mach number, The results are similar to
those obtained at M = 1-00 except that the small rear-fuselage modification makes the model
just stable.

Since the large rear-fuselage modification cured the instability at M = 1:00 and 1-04 (at lift
coefficients corresponding to level flight) the force measurements were extended over the whole of
the Mach number range in which the basic model was unstable. The results are shown in Figs. 24

9



to 26. With this modification the model is directionally stable at low lift throughout the Mach
number range with only minor reductions in stability near zero sideslip. Curves of dC, /o8 obtained
from Fig. 25 are shown in Fig. 14. The values of the slope obtained at 8 = — 3° are identical to
those for the basic model.

A feature of the results of these tests which is of some general importance from the point of view -
of wind-tunnel testing is the significant effect on the directional stability produced by a com-
paratively minor modification to the rear fuselage. It should be noted that, with other conﬁgurationé,
the tailplane contribution to longitudinal stability could be affected in a similar way. Some models
may well need to be modified as much as this in order to accommodate an internal strain-gauge
balance and sting or to allow flow through the engine ducts to be represented.

5. Comparison with Flight Test Results.

The behaviour of the unmodified aircraft in flight has already been described (Section 3). A
comparison between the flight test results and the model results (described in Section 4.1) shows
that the directional instability first occurs on the model and the aircraft at approximately the same
Mach number. Thus the model shows instability between M = 0-96 and 0-98 while the aircraft
begins to yaw at a Mach number between 0-97 and 0-98. At M = 1-00, the model tests (Fig. 9)
show a possible stable trimmed condition between 8 = 14° and 2° compared with the maximum
sideslip angle measured in flight of 4° to 5°. This high peak value recorded in flight is most probably
due to the aircraft overshooting the trim value since the damping of these directional oscillations is
fairly low. The angles of sideslip obtained later in the dive (between 164 and 19 seconds, after the
damping of the oscillations) are more consistent with the model results. The tuft patterns obtained
on the aircraft (Fig. 7) are also consistent with the oil-flow patterns obtained on the model. Fig. 7b
may be compared with the oil-flow patterns in Fig. 15. It will be seen that the directions of the
tufts are very similar to the local directions of the oil-flow lines. :

The aircraft was stable at Mach number between 1-00 and 1-04 but in the model tests the
instability persisted throughout the Mach number range up to 1-12, the limit of the tests. No
completely satisfactory explanation of this has been found but it is possible that it is related to the
effects of wind-tunnel interference on the rearward movement of shock waves mentioned in
Section 2.3. ‘

Only the two rear-fuselage modifications were tested on the aircraft. With the small rear-fuselage
modification the aircraft had no tendency to yaw while accelerating during the entry to the dive
but there was sometimes a tendency to yaw while decelerating in the recovery from the dive. This
could have been due to loss in directional stability at the increased wing lift coefficient experienced
during the recovery. Variation in directional stability with lift coefficient may also explain the
observed difference in effect of this modification on the model and on the aircraft. In the wind-
tunnel tests the model was still unstable but the tests were made at a lift coefficient corresponding to
level flight whereas during the entry to the dive the lift coefficient on the aircraft was approximately
half this value. Thus it would appear that the small rear-fuselage modification cures the instability
at lift coefficients less than about 0+ 1. The addition of this modification to the aircraft introduced a
limited amount of rudder buffet at low speeds. This was eliminated by the Gloster Aircraft Company
during flight development by altering the shape of the extreme rear end of the modified fuselage.

The effect of the large rear-fuselage modification on the stability of the aircraft was similar to.
that of the small modification. However, increase in fuselage base area had a noticeable effect upon
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the performance of the aircraft, and since the small modification was sufficient, flight development
of the large modification was not continued.

When the experimental conditions are taken into account, the qualitative agreement which was
found between the wind-tunnel and flight observations may be considered to be very satisfactory,
at least up to M = 1-00. However, it is important to emphasize that the tests might have been
completely unsuccessful if the fuselage shape had been changed at the tail, as is often done in aircraft
model tests, ‘

PART II
Longitudinal Stability

6. Tests Made and Results Obtained.

Measurements of normal force and pitching moment were made at Mach numbers from 0-70 to
1-12 on the basic aircraft model, with and without the tail unit, and on the model with the large
rear-fuselage modification with the tail unit on. Axial force was not measured and hence the results
are given in terms of the normal-force coefficient, — C,, rather than the lift coefficient. Figs. 27 to 35
show the variation of — C, and C,, with « and of C,, with — C, for each of the three configurations.

Qil-flow patterns on the wing surface are shown in Figs. 36 to 39 for Mach numbers of 0-70,
0:90, 0-96 and 1-00. Some of these patterns were obtained with the modified rear fuselage and
some on the basic model but it is thought that the modification would have had an insignificant
effect except when the wing shock wave was near the trailing edge. In all cases, except — C, = 0-56
at M = 0-70 in Fig. 36, the patterns were obtained with the tail unit on, although in most cases it
was removed before the pattern was photographed. Except where stated to the contrary, the
photographs are of the upper (i.e. suction) surface of the model.

7. Discussion of the Results.

7.1. Variation of the Lift and Moment, and of the Flow over the Wing, with Incidence and
Mach Number.

The variation of lift and pitching moment with both incidence and Mach number followed a
similar pattern for each of the three configurations. Consider the results for the model with the
tail unit off first (Figs. 27, 28, 29). At M = 0-70 the lift varies linearly with incidence up to
— C, = 0-40, the moment curve having an unstable slope. With further increase in incidence the
lift-curve slope decreases and the stability becomes positive. The oil-flow pattern for — C, = 0-38
in Fig. 36 shows approximately streamwise flow over the major part of the suction side of the wing
with approximately spanwise flow near the tips. At — C, = 0-56 the oil-flow pattern shows
approximately streamwise flow over the inboard part of the wing (i.e. inboard of the kink) and a
spiral flow over the outboard part of the wing. These patterns suggest that the decrease in lift-curve
slope and increase in stability above — C, = 0-40 are associated with the onset of a leading-edge
separation which originated near the wing tip and moved inboard with increase in incidence.

The oil-flow patterns in Fig. 36 for /M = 0-90 show considerable differences from those for
M = 0-70 due to the occurrence of boundary-layer separation induced by the wing shock wave.
It first appears at mid chord, approximately 909, semispan, at — C, = 0-13 (and was probably
present at somewhat lower lift), and spreads inboard with increase in incidence so that at
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— C, = 0-20 the separation occurs over the entire outboard part of the wing (this is clearer on the
starboard than on the port wing). For — C, up to 0-20 the variation of normal force with incidence
is linear (Fig. 27) and the stability is constant (Fig. 29); this suggests that the spreading of the
extent of separation occurs in a regular way, without rapid large changes within this range of — C,.
Between — C, = 0-20 and 0-30 the lift-curve slope decreases slightly and the stability is increased
while the oil-flow patterns show no further development. At — C, = 0:39 the oil-flow pattern
(Fig. 37) suggests that the shock wave is farther forward (the pattern is clearer, in this case, on the
port wing). The associated increased loss of lift over the rear of the wing results in a reduction of
the lift-curve slope and causes an unstable kink in the moment curve. At higher incidences the lift-
curve slope and stability recover towards the earlier values.

At M = 0-93 and 0-96 the moment curve has an unstable slope for « < 1-5° (Fig. 28). The
oil-flow patterns in Fig. 38 for — C, = 0-02at M = 0-95 show boundary-layer separation occurring
at the shock waves on both surfaces near zero lift. The unstable moment can be associated with
differential movement of these shock waves as the incidence varies, as explained for shock waves
on the fin in the investigation of directional stability in Section 4.1. The moment curve has a stable
slope from — C, = 0-06 to 0-56 (the maximum tested) apart from a region between — C, = 0-30
and 0-38. The oil-flow patterns in Fig. 38 show a large change in the character of the flow between
— C, = 0-11 and 0-42. At — C, = 0-11 the wing shock wave (and the associated separation) is
near the trailing edge of the wing and is approximately normal to the incident flow. At — C, = 0-42
separation is seen to occur at a nearly normal shock wave on the outboard part of the wing and at
an oblique shock on the inboard part of the wing. It is probable that this change in the flow pattern
occurs within the range of — C, from 0-30 to 0-38 causing the loss of stability shown in Fig. 29
by a reduction in lift over the rear part of the wing.

The oil-flow patterns in Fig. 39 for M = 1-00 show a gradual development of the flow with
increase in — C,. At low lift, — C, = 0-14 and 0-19, the flow appears to separate just ahead of
the trailing edge on the outer third of the span. With increase of lift, to — C, = 0-28, an oblique
shock develops roughly parallel with the inner portion of the leading edge. Where this shock wave
meets the trailing-edge shock wave, the separation extends forward slightly from the trailing edge.
(The large blobs of oil in these regions are thought to be due to the collapse, during the stopping
sequence of the tunnel, of accumulations of oil within the separated regions.) At — C, = 0-50 the
pattern has developed further. Separation occurs at the oblique shock over most of the span with
separation at a nearly normal shock near the tips. The lift and moment vary linearly with incidence
(Figs. 27, 28) in the range tested except for the apparently unstable region near zero lift. Since this
is indicated by only one point it should be considered with some reserve.

At M = 1-04 and 1-12 the lift and moment curves are linear except for a small region of reduced
stability around — C, = 0-4 at M = 1-04.

The presence of the tail unit had an appreciable effect on the flow over the inboard part of the
wing. Thus, as shown in Fig. 40, for — C, = 0-11 at M = 0-96 without the tail unit the wing
shock wave is parallel to the trailing edge over the whole span whereas with the tail unit in position .
the shock wave is farther aft over the inner half of the wing, reaching the root-chord trailing edge.
In the latter case smaller areas of the wing are affected by the shock-induced separations and the
quantitative effects on the stability are reduced. Thus, for — C, between 0-3 and 0-4 at M = 0-90
and 0-96 the stability decreases with the tail unit off but remains constant with the tail unit on
(Figs. 29 and 32). At M = 1-12 with the tail unit on there is a slight decrease in stability above
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— C, = 0-2 which is not accompanied by a corresponding change in lift-curve slope. This may be
caused by a loss of tailplane lift due to forward movement of shock-induced separation on the upper
surface of the tailplane.

The addition of the large rear-fuselage modification had only a minor effect (Figs. 33, 34 and 35),
producing a small negative increment in — C, and a small positive (nose-up) increment in C,,. At
M = 0-96 the unstable region near zero lift extends up to an incidence of 1-5° with the modified
rear fuselage (compared with 1-0° for the basic model). This change can be associated with the
change of strength of the wing shock wave produced by the rear-fuselage modification (see
Section 4.2). '

7.2. Variation of Lift-curve Slope and Aerodynamic Centre with Mach Number.

The results have been analysed to obtain lift-curve slopes and aerodynamic-centre positions for
the three configurations. These are plotted against Mach number in Figs. 41 and 42. To avoid the
unstable region around zero lift at some Mach numbers (occurring only at values of — C, not
attained in flight) the slopes have been obtained at — C, = 0- 1. The positions of the mean quarter-
chord point and the mean half-chord point of the wing are shown on Fig. 42 for reference.

The standard deviations of the derived lift-curve slopes and aerodynamic-centre positions are
estimated to be about 0-001 and 0-01 respectively.

The effect of the addition of the tail unit (Figs. 41a and 42a) is, as expected, a slight increase in
lift-curve slope and an increase in the stability equivalent to a rearward shift of the aerodynamic
centre by approximately 5%, of the aerodynamic mean chord.

The effect of the rear-fuselage modification on lift-curve slope is seen (Fig. 41b) to be greatest
at approximately M = 0-96. This can again be associated with the different strengths of the wing
shock wave in the two cases. There is no difference in the position of the aerodynamic centre
(Fig. 42b) except near M = 1-04 where it is 29, of the aerodynamic mean chord farther aft with
the modified fuselage; the reliability of the results at this speed is doubtful owing to the possibility
of reflection of the bow wave back on to the model (see Section 2.3).

The values of — dC,jdx and — dC,,/dC, for the original planform (unkinked leading edge) from
Ref. 3 are compared* in Figs. 41a and 42a with the results of the present tests. The aero-
dynamic-centre positions for the two planforms have been calculated for each wing at M = 0-7 by
the method of Ref. 4. The estimated difference of 2-5%, of the aerodynamic mean chord agrees
with the experimental difference at M = 0-7 (Fig. 42a). In addition it will be seen that the rearward
travel of the aerodynamic centre with increase of Mach number occurs at a Mach number approxi-
mately 0-02 higher in the present tests. It is not possible to say whether this arises from the change
in the wing geometry or from wind-tunnel differences, the earlier results being obtained in a solid-
wall working section while the present results were obtained in a slotted-wall working section.

7.3. Comparison of Aerodynamic-Cenitre Positions from Tunnel and Flight Tests.

The aerodynamic-centre positions obtained in the present tests are compared with results from
flight tests in Fig. 43. The flight test results®® contain considerable scatter and for each Mach

*In order that the aerodynamic-centre positions from the earlier results (which were based on the
geometric mean chord of the original wing) should be directly comparable with the present results they have
been recalculated using the aerodynamic mean chord of the present wing as the reference length.
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number have been analysed statistically to yield a mean value and a standard deviation of this mean
value. Each vertical line plotted represents the mean value + its standard deviation. There is some
doubt as to the true value of the Mach number in the range 0-90 to 0-975 due to possible inaccuracy
in the position error correction; following a verbal suggestion from the Gloster Aircraft Company,
Mach numbers within this range have been increased by 0-02.

In the aircraft flight tests, measurements were made of the loads on the tailplane; from these
were derived moments about the aircraft centre of gravity and, hence, the aerodynamic centre of
the wing, fuselage and fin iz the presence of the ‘tailplane. Thus the results should approximate to
the tail-off condition and are compared in Fig. 42 with the tunnel results for the model with the
tail unit off since this would then be the most directly comparable case tested. It is to be expected
that the comparison may be affected by the differences between the two configurations in the Mach
number range where the presence of the tail unit affects the wing shock posmon (see Fig. 40 and
Section 7.1).

It will be seen that at Mach numbers below 0-85 the aerodynamic centre is 2:5%, of the aero-
dynamic mean chord farther aft for the flight tests than for the tunnel tests. At Mach numbers
around 0-95 there is more scatter in the flight test results and less satisfactory correlation between
the two sets of results, the limits of the standard deviation band ranging from 6-59%, aft of the tunnel
tests at M = 0-93 to 49, forward at M = 0-975. At Mach numbers of 0-98 and 1-05 the results
agreed to within about 19,.

8. Conclusions.

Force measurements and flow observations on a 1/72 scale model of the Javelin aircraft show
directional instability near sonic speed, as observed in flight due to shock-induced separation on the
fin; this appears to have been caused by the Wlng trailing-edge shock wave strengthened by the ﬂow
fields of the fin and rear fuselage.

The shock strength was reduced and the separation delayed to higher wing incidences by a small
change of shape of the rear fuselage. In this condition the variation of yawing moment with angle
of sideslip was stable. Vortex generators also improved the flow over the fin. Modification to the
shape and thickness distribution of the lower half of the fin and the addition of a ‘bullet’ in the
fin-tailplane junction had no beneficial effects on the stability nor on the flow over the fin.

Flight observations and the tunnel results for the basic aircraft and the aircraft with the modified
rear fuselage were in good qualitative agreement.

The significant effect that a small distortion of the fuselage shape at the tail, such as might be
made to accommodate a supporting sting, can have on directional stability is of general importance
from the point of view of wind-tunnel testing techniques.

Tests of longitudinal stability show that the curves of pitching moment against normal force have
stable slopes throughout the incidence and Mach number ranges covered except near zero lift at
isolated Mach numbers. The stability decreases at high incidence at M = 0:7 and at moderate
incidence around M = 0-93.

Comparison of aerodynamic-centre positions from the tunnel tests and from aircraft flight tests
shows reasonable qualitative agreement in general; differences of the order of 2:5%, of the aero-
dynamic mean chord occur at Mach numbers below 0-85, 19, at Mach numbers of 0-98 and 1-05,
and larger differences at Mach numbers between 0-85 and 0-98.

14



LIST OF SYMBOLS

b Wing span
¢ Aerodynamic mean chord
Cn Pitching moment/1pV2S? (see Fig. 1 for sign and Table 1 for moment centre)
C, Yawing moment/3pV'2Sh (see Fig. 1 for sign and Table 1 for moment centre)
Cy Side force/pV72S (see Fig. 1 for sign)
-C, Normal force/%szS (see Fig. 1 for sign)
M Mach number
R Reynolds number (based on ¢)
S Gross wing area
V Free-stream velocity
v Component of free-stream velocity in direction of negative y-axis (see Fig. 1)
w Component of free-stream velocity in direction of negative z-axis (see Flg 1)
o Angle of incidence '
= arctan w/(V?—0v? —w?)1? (see Fig. 1)
B Angle of sideslip
= arcsin v/(VZ—0%)12 (see Fig. 1)
p Density of free stream
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TABLE 1
Main dimensions of Gloster ‘Javelin’ Model

Model scale = 1/72

Wing
Gross area 25-835 sq. in.
Span 8-666 in.
Standard mean chord 2-981 in.
Aerodynamic mean chord 3-526 in.
Chord at centre line 5-278 in.
Chord at kink 2-518 in.
Tip chord 0-903 in.
Taper ratio (Tip centre-line) 0-171
Aspect ratio 2-91
Distance of chord at kink from centre line 2-517 in.
Sweepback of leading edge, inboard 47-6°
outboard 41-6°
Position of moment centre 0-537 centre-line chord,
ie. 0-307 aerodynamic mean chord
(this corresponds to the mean centre of gravity position of the aircraft).
Sections
Inboard (centre-line to kink) RAE 101
(Symmetrical, 109, #/c, T.E. angle 10-2°, Nose rad. 0-0076¢, Max. . at
0-31¢)
Outboard Straight line generators from tip section to kink
section at constant percentage chord
Tip Symmetrical, 7%, t/c, T.E. angle 10-2°, Nose rad. 0-0032¢, Max. ¢ at
0-51¢
Geometric twist 0
Wing-fuselage incidence
Dihedral
Fuselage ]
Length 8:176 in.
Maximum width 1-948 in.
Distance of base behind wing T.E. 0-870 in.
Distance of intakes ahead of wing root L.E. 0-924 in.
Cross-sectional area of blind duct in intake 0-090 sq. in.
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TABLE 1—coniinued

Tailplane
Gross area ) 3-187 sq. in.
Span : 1 2-833 in.
Standar?d_: mean (!hord 7 1-125in.
Aerodynémic:ﬁean chord 1-293 in.
Chord Eilt centre line 1-875 in.
Tip chord 0-375 in.
Taper ratio | , ~0-200
Aspect :lfé;tio . h : . 2-51
Sweepbéck of leading edge 50-0°
Section RAE 101
| (Symmetrical, 99, ¢/¢, T.E. angle 9-2°)
Dihedral 0 '
Setting relative to wing 0
Height abové wing plane 1-750 in.
Distance of mean quarter-chord point behind 3-535 in..n‘
moment centre
Fin
Exposed area . , 3-067 sq. in.
Height from centre line o - K 1-750 in.
Root chord : ' | 2-472 i,
Tip chord ' o 1-833 in,
Aspect ratio of exposed atea o ‘ 0-62
Sweepback of leading edge S 50-2°
Sweepback of trailing edée .. 3604°
Section | RAE 101. ‘
(Symmetrical, 9%, /e, T.E. angle 9 -Zé)m o
Distance of mean quarter;‘qhord point be;hiﬁd ' 2:289 in.
moment centre 3 1/
Distance of centre of ai‘eé' behind fhomen;c centre 2+831 in.
17
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Fic. 1.

Definitions of forces, moments and angles.
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TRANSITION FIKING

Fic. 2. Layout of the wind-tunnel model.
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F1G. 3.

Model on the sting before attachment of the strain gauges.
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Basic configuration —C, = 0-18.

F16. 23. Effect of rear-fuselage modification on the oil-flow
pattern at M = 1-04, B = 0.
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for the aircraft with the large rear-

fuselage modification and with the
tail unit on.
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Fi1c. 36. Oil-flow patterns on wing at M = 0-70.
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F16. 37. Oil-flow patterns on wing at M = 0-90.
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F1G. 37 (continued). Oil-flow patterns on wing at M = 0-90.
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-C, = 0.02 PRESSURE SURFACE

_ =C, = 0.02 SUCTION SURFACE

F1G. 38. Oil-flow patterns on wing at M = 0-96.
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z

-C, = 0.42

F1G, 38 (continued). Oil-flow patterns on wing at M = 0-96.
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F1G. 39. Oil-flow patterns at M = 1-00,
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Fi1G. 39 (continued). Oil-flow patterns at M = 1-00.
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TAIL UNIT ON

F1c. 40 Effect of presence of tail unit on flow over wing at M = 0-96, —C, = 0-11.
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