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1 INTRODUCTICW 

c 

J . 

2 

In connection with the design of slender wings for supersonic flight 
various considerations have led to studies of slender planforms ltith curved 
leading edges. However, these studies have been hampered by a la& of 
information on the movement of aerodynamic centre on these planforms 
throughout the Mach number range, in particular at transonic speeds. This 
Note gives result s of wind tunnel tests on an ogee planform'; from M = 0.4. 
to M = 1.8. In addition to data on the aerodynamic centre movement the 
tests also provide information on the variation of drag due to lift with 
Mach number. 

2 EXPERIME~ALDETAILS 

2.1 Details of the model 

Details of the model are given in Fig.1; basically it consisted of a 
slender wing of aspect ratio I.2 mounted on a simple circular body. The 
wing sections normal to the stream were rhombic and the root section was of 
parabolic biconvex shape with a thickness chord ratio of 5%. The circular 
body was the full length of the wing (20 inches); over the rear half of the 
wing the body had a constant diameter of I.6 inches. The front of the body 
was ogival in form. 

The rear, parallel part of the model was made of steel and was bolted 
to a metal plate inside the wing, this metal plate was used to attach the 
model to the sting support. The rest of the model was made of glass-cloth 
and arcaldite c<ast onto the body and the internal metal plate. 

2.2 Details of the tests 

Tests were made in the speed range TromM = 0.4 to 1.82 in the tran- 
sonic and supersonic working sections of the R.A.E., Bedford, 3 ft tunnel. 
All tests were made at zero sideslip. 

Lift, pitching moment and drag viere measured at Mach numbers of 0.4, 
0.7, 0.8, 0.85, 0.9, 0.94, 0.98, 1.00, 1.02, 1.04, 1.06, 1.08, 1.10, 1.15, 
1.20 and I .25 through an incidence range from -20 to +13' in the transonic 
working section, ti at Mach nmbers of 1.32, 1.42, 1.61 and 1.82 througl~ an 
incidence range from -2' to +lO" in the supersonic working section. In 
addition to these force tests a series of oil flow patterns were obtained at 
Ma& numbers of 0.7 and 1.61 and a series of vapour screen photographs at 
M= 1.61. 

The force tests were made vtith transition fixed by means of a band of 
distributed roughness 0.5 inch wide the whole length of the leading edge; 
this band began 0,125 inch back from the edge to ensure that tile edge 
remained sl-arp. At subsonic and transonic speeds the roughness consisted of 
Carborundum particles 0.003 inch high, whereas at supersonic speeds the 
particles were 0.007 inch high, Transition was not fixed in the flow 
visualisation tests since the main interest was in the flow near the leading 
edge and the presence of roughnes s vmuld have obscured the flow pattern in 
this region. Both force a 

"% 
flow visualisation tests were made at a 

Reynolds number of 1.7 x IO based cm aerodynamic mean chord. 

The results of the force tests between M = 1.02 and 1.20 are liable to 
wind tunnel interference due to the reflection of the model flow field by the 
tunnel walls; these results are not presented in this Iu'ote, but they have 

';The term logee ' has been used to describe slender wings which have a point 
of inflection in their leading edge shape (see Fig.1) 
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been used to draw faired curves between results outside the region of 
interference. 

BelowM = 1.0 the results may be liable to some mind tunnel inter- 
ference, however, this is probably small at low incidence but may increase 
at the higher incidenoes. No detailed data is available on the actual 
magnitude of this interference on slender configurations but results on 
other models'suggest that at the maximum incidence the true lift coefficients 
msy be about % higher than the quoted values. In addition, near M = 1.0 
the quoted Mach number may be about 0.005 higher than the true Mach number. 

Ap& from this wind tunnel interference it is estimated that 95% of 
the results have accuracies within the following limits:- 

CL = +0,003 

C m = ~0.0005 

cD = to.0004 at CL = 0 

40.001 at CL = 0.3 

The drag results 
stream static pressure 
quarter chord point. 

a = 20.05 

have been corrected to abase Fressure equal to free 
and the pitching moments are referred to the mean 

The force results, except those in the Mach number range from $1 = 1.02 
to 1.20, are tabulated in Table I. 

3 DISCUSSIQN OF RESULTS 

3.1 Lift snd pitching moment 

The variation of CL with a, and of Cm with CL, is presented in Figs.2 

to 5. The variation of CL with Mach nuniber at fixed incidence is given in 
Fig.6 and the movements of aerodynamic centre and centre of pressure position 
with &ch number in Figs.7 and 8. The outstanding feature of the lift and 
pitchin 

8 
moment curves (Figs,2-5) is the marked non-linearity of the lift 

curves particularly at subsonic speeds) compared with the almost linear 
character of the pitching moment curves. 

Considering the lift curves in more detail, it will be seen that at 
subsonic speeds the non-linear increase in lift associated with leading edge 
separation and rolled up vortex sheets is apparent from very low incidence. 
This increase in lift is illustrategAat M = 1.0 by comparing the experimental 
lift with slender wing theory a = =a (radians), (Fig.2). At low incidence 
the lift is just above the slender vsing value but at IO" the measured lift 
coefficient is 0.454 compared with the slender value of 0.3pe 

Y , 

For slerder delta wings Mangler a& Smitghave shy" that the 
additional lift due to the vo qyg i;s7appro&nately 4a (a in radians). 
Various other simpler theories ' 9 9 9 
k a5/3, whare the coefficient 

lead to non-linear lift of the form 
1; varies from 3.3 tc 7.2 in the different 

theories for the present wingz8. 

3 

* Actually for the delta wing of the same aspect ratio. 
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When 4a2 was added to the slender wing lift fairly good agreement with 
the masured lift was obtained at M = I.0 (see Fig.6). Below M = 1.0 the 
lift at a given incidence decreases with decrease in &ch ntier: the 
decrease is similar to that given by linear theory fo3* a delta wing of the 
same aspeot ratio i.e. the delta formed by joining the apzx to the wing 

tips. This lift is plotted in Fig.6 when it is labelled "L a. Also 
( > XA 

plotted in Fig.6 is the linear lift plus 4~~. In general this theoretical 
lift is in fair agreement with experiment, although the experimental lift is 
lower than the theoretical values at M = O.l+. Ehch better agreement with 
experiment is obtained if the as/j form of non-linear lift is used with a 
coefficient of 2. This non-linear lift has alsobeen added to the linear 
lift and plotted in Fig.6, and the agreement is now very good throughout the 
incidence range at Mach numbers below 1.0, At M = 0.4, for example, the 

measured lift is about I$ below 
( > 

'%J a + 2a5/j for all incidences, and at 
aa, 

M = 0.7 the measured lift is in exact agreement. Above M = 0.7 the measured 

lift is slightly higher than 
( > 

'& 01 4 2a5/J tlurrughout the incidence range 
a;;, 

except at M = 0.98 and 1.00 where the measured lift falls off at the higher 
incidencea , possibly due to the interaction of shockwaves with the vortices. 

These results show that on this tting the non-linear lift associated 
with the leading edge separations is almost independent of Mach number below 

* M = 1.0. An analysis of results betweenI{ = 1.0 and N = 1.2 showed that the 
. non-linear lift remained of the same form and magnitude throughout this 

speed range, but began to decrease thereafter. 

P 
* 

In Figs.y-11 oil flow patterns at 11 = 0.7 and M = 1.61 are compared at 
approximately the sane incidence. The oil flow patterns at M = 0.70 confirm 
that there are large leading edge separations on this wing at BUbBOnic Speed8 
even at low inoidence. For example at 2O incidence at RI z 0.7 (Fig.9) the 
oil patterns show the typical streamline pattern of a leading edge separation 
with a rolled up vortex sheet. The attachment line, that is the dividing 
line between the streamwise flow inbozrd and tne outward spanwise flow near 
the leading edge, follows the leading edge shape and is at approximately 
96 of the local span along the whole leadiq edge. Outboard of the attach- 
ment line the oil streamlines run together into a thick oil line just inboard 
of the leading edge; this running together of the streamlines indicate 

8 
that 

a secondary separation is taking place under the rolled up vortex sheet . 
At 4' incidence (Fic.10) both the attachment and secondary separation lines 
have moved inboard and their shapes tend to follow the curve of the leading 
edge. The oil lines outboard of the seoondazy separation line are consistent 
with a second vortex lying along the leading edge under the main vortex 
sheet and rotating in the opposite direction. In general the flow pattern 
at 8O incidence (Fig.11) is similar to that at 4o; the attachment and 
separation lines are further inboard but still follow the shape of the 
leading edge. Outbonrd of the separation the flow pattern almost certainly 
indicates a secondary vortex, in particular olose to the leading edge, at 
about l/3 of the chord from the nose, the oil lines near the leading edge 
flow towards the edge, whereas just a little further inbard the flow 
dtiection is more stremvise. This pattern would tend to indicate a second 
attachment line with the f1os-r inboard of this line floting into the separated 
region of the main vortex. 

Turning nclw to the lift at supersonic ,speeds there are tvro main 
differences from subsonic speeds, first there appears to be a region of 
linear lift ourve near zero incidence, the extent of this region of linear 
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lift increasing with Mach number, and secondly when the non-linear lift is 
apparent it is less than ataubsonic speeds. These trends are shown in both 
Figs.3 and 6. At M = 1.8 for example the lift curve appears linear up to 4' 
incidence and at IO0 incidence the increment in non-linear lift is only 
0.020 in CL. At M = 1.0 the non-linear lift increment at IO0 is 0.124. It 
should be noted that at Iv! = 1.82 the slope of the linear lift is about 15% 
higher than that of the corresponding delta and in fact agrees with the slope 
given by slender body theory. The region of linear lift near zero incidence ? 
can be explained by the results analysed in Reference 9. Here it was shown 
that on a swept edge at supersonic speeds the flow did not separate from the 
edge until some positive incidence when the Mach number normal to edge was 
greater than about 0.6. In fact 4’ at M = I .8 lies just above the boundary 

9 

for attached flow if the wing leading edge sweep is taken as that of the 
delta of the same aspect ratio. The absence of leading edge separations at 
low incidence is confirmed by the oil flow photographs at 14 = 1.61 of 
Figs.9~Il. At 2' incidence, Fig.9, the oil flow pattern does not have the 
characteristic pattern of a leading edge vortex (see M = 0.7 in the same 
figure); instead the oil shows a number of streamwise streaks, between 
which the oil flows almost parallel to the leading edge. Similar patterns 
have been found and investigated in the flow over some 65” delta wings" 
where it was found that these streamwise streaks are associated with small 
vortices , probably within the boundary layer, which lie along the wing in 
the stream direction. These vortices did not appear to produce any non- 
linear lift. At 4" incidence there is an attachment line along the leading 
edge, in about the same position at both Mach numbers. Over the front part 
of the wing the oil patterns at these two Mach numbers are very similar. 
Over the rear portion of the wing marked differences occur- At M = 0.7 the 
oil outboard of the vortex is very well defined with clear streamlines under 
the vortex and a large amount of oil at the separation line, at M = 1.6 on o. 
the other hand the oil has not really moved outboard of the attachment line. 
This lack of oil movement is due to a shortage of running time; in fact at 
8' incidence a similar pattern was first obtained and the pattern shown in 
Fig.11 required at least 3 times the usual running time to fully develop. t 

This increase in running time is much greater than could be attributed to 
changes in oil mixture or model temperature, thus it would appear that at 
M= I.6 the vortex is either weaker, or further from the surface, than at 
M = 0.7. However , photographs of the vapour acreen 1 inch ahead of the trail- 
ing edge (Fig.12) show that the separated sheet is close to the wing surface. 
Thus, taken in conjunction with the 1033 of non-linear lift between M = 0.7 
and 1.6, it would appear that there is a weaker vortex under the separation 
at M = 1.6 than at M = 0.7. 

At 8' incidence the oil flow patterns at M = 0.7 and 1.6 both reveal 
a large vortex above the wing inboard of the leading edge, however, there are 
significant differences in the two flow patterns. At M = 1.6 the attachment 
line is further inboard and appears straighter than at 0.7, and the area of 
cross flow between the attachment line and the secondary separation is greater 
at the higher Mach number. The secondary separation at 1.6 is also slightly 
further from the leading edge than at M = 0.7. Under the vortex the oil 
streamlines at M = 1.61 do not have such a marked inflection point as at 
M = 0.70; however, without detailed caloulations of flow directions the oil 
flow pattern does not reveal any obvious reasons for the lower non-linear c 
lift at M = 1.61. 

Turning now to the moment results it will be seen that in general the 
ourves are much more linear than the lift curves. At M = 0.4 there is a very : 
slight decrease in stability with increase in CL, this decrease is, however, 
quite small and corresponds to a forward shift of about &!Y! of root chord in 
the centre of pressure position between CL = 0.1 and 0,5, the change in 
aerodynamic centre position is about 1.5% co between the same values of CL. At 
M= 0.7 and 0.8 the aerodynamic centre is constant (within the accuracy of 
the results) throughout the lift range up to CL = 0.6. At X = 0.85 and 0.90 
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the aero!iynami~ centre is again constant up to CL = 0,3 but above this CL 
there is a steady increase in stability, for example at M = 0.9 the aero- 
dynamic centre moves bapk by 2$ co with increase of (;5, from CL = 0.3 to 
CL z 0.5. At M = 0.94 and 0.98 there is a region of reduced stability near 
zero incidence, at M = 0.94 for example, the aero3ynami.c centre at C 
is at about?G@ of the root chord comlJared with 66.B at CL 

L"O 
= 0.1. Above 

CL = 0.1 the stability again increases at M = 0.94, as at 0.90, Above 
M = 1.0, up to M = 1.8, the pit&ing moment curves vary linearly with lift 
and there are no significant changes in aerodynamic centre or centre of 
pressure position. 

The total movemnts of aerodynamic centre aki centre of pressure, at 
varioustis,with Mach number arc smised in the ourvcs of Figs,7 and 8. 
In Fig.7 is also plotted the linear theory (attached flow) aerodynamic 
centre position for a delta wing of the same aspect ratio. It wild. be seen 
that although the e~rimentai position of the aeradynamic, centre does not 
agree with theory the agreement of variation with M&h number is remarkably 
good; the experimental position is about ,$ behind the theoretical position 
throughout the speed range. It is interest.' Lng to note that the centre of 
area of the ogee is at 68.5 af' the root chord, as coompared with 66.66:: for 
the delta. Thus the diiference between the experimental curve for the ogee and 
the theoretical curare for the delta is about twice the difference of the 
centre of area of the two planforms. Finally, it should be noted that the 
aerodynamic centre fcr the ogee as given by slender body theory (attached 
flow) is at 64.G of the root chord. 

In the discussion of these results it should be noted that the wing 
tips were very flexible; the w5.n~ deflecting in such a Imanner as to reduce 
the loading at the trailing edge t the actual bending ctill be seen in the 
vapour screen photographs of Fig.l2), Thus the aerodynamic oentre of a 
rigid model would be further aft. Only one test v;as made to investigate 
this effect; at M = I .3 the force tests were repeated at half the ReynoUs 
number, The results at the low Reynold s nurriber gave an aerodynamic centre 
position which was only a @ of co behind the high Reynolds number position. 
Thus at M = I, 3 the rigid model Lerodynamic centre may be about O,.$ behind 
the quoted results. Since the highest model wing loading "*(for given 
incidence) occurrecl near M z 1.3 in this test series tids shift of O,j$ is 
probably tne maximum correction required throughout the speed range. 

3.2 DraFt, 
The variation of CL with Cr, is presented in Pigs.1 3 and 14; the only 

point of interest in these curves is the dip ti the drag curve near zero 
incidence. This drop in drag at low lift has been noted in other tests and 
is believed to be due to a region o- f laminar flew whish occurs only at 1~ 
lift, (suggesting that at low incidence the roughness w~j not complete@ 
fixing transistion). Vhen the drag coefficient Bcas plotted against n '- it 
was found that the drag corresponding to incidcnoes of 2O to abcut 6 3 

*Ah values of aerodynamic centre arc found from slopes of the Cm* CL 
curves; this method is reasonably accurate if the curves are smooth, but 
extremely difficult where there are changes in skpe, as in the Iresent 
case at transonic speeds. 

'%The actual model wing loading at Go, q GL, varied from 0.2 lb/sq in. at 
M= 0.4 to 0.5 lb/sq in. at N = 1.2 dropping again to O,l+ lb/sq in. at 
M = I.@. 



varied almost linearly with k2; this line,% variation has been used to 
extrapolate to CL* = 0 in order to obtain a (CD ) which is believed to be 

OT 
a fair value for a turbulent boundary layer at the test Reynolds number, 
The resultant values of (CD ) are plotted in Fig.I3(a). At $1 = 0.4 the 

oT 
drag is close to the estimated skin-friction drag of the wing. Vith 
increase in speed the drag coefficient rcmaizs almost constant, in spite 
of a decrease in the skin-friction estimate, until11 = 0.95 when it starts 
to increase reaching 0.0117 at M = 1.0, Above this Mach number the results 
are subject to severe wind tunnel interference effects and are not resented 
until the region of interference is past, At Zd = 1.3 the value of CD, B > 

T 
is 0,012O and above this Mach number it decreases steadily to 0.0101 at 
N = 1 . 8, Subtracting the estimated skin-friction drag the wave drag 
coefficient is 0.0042 at N = 1.3 md 0.0030 at M z 1.8. These values of 
the wave drag are compared in Fig.l5(b) with the wave drag calculated by 
slender riving theory for the ring alone and for the vring plus body.'. It mill 
be seen that the measured drag is approximately 2% higher than the wing 
plus body theory values at M = I. 3 and I..&. and I@$ higher at M = I .8. The 
reasons for this discre:Jancy are not fully understood; it should be pointed 
out, however, that the experimental results would be brought into exoellent 
agreement with theory if the estimates 
by -$ 

of skin-friction drag were increased 
The present estimate has been obtained from flat plate skin-friction 

drag; the Reynolds number was based on the wing mean chord and the v;etted 
area was the actual wing surface area (2.12 X Wiilg <area). Previous results'* 
have, however, suggested that this method may slightly overestimate the 
skin-friction drag and so the disorcpancy may be greater than the results 
quoted above. More detailed investigation of this point must therefore be 
deferred until more reliable estimates of skin-friction drag are available 

The drag due to lift results are plotted in Figs.16 cand 17. Fig.16 

shoi-rs the variation of TCA [CD - (CQT]/CL2 and tia/CL with Maoh nu&er at 
CL = 0.1. Also plotted on this ficure is the elliptic loading value of 
drag due to lip-f;, 1.0, at subsonic speeds and the R.T. Jones lower bound, 

* r( ;2L;ufs (ff 2~ rit _"t (-wy;nl; a$" eds. Thrnu‘ghout the Kach number range the 
CL lie below the experimental no leading edge 

suction values, ~&/CL. At subsonic speeds the actual amount below is about 
35% of the difference between "A"/($, and the theoretical minimum; at super- 
sonic speeds KA [CD - (cDo)T 3 /CL2 moves closer to Ml/CL, but even at 

M = 1.8 it is still about 265 of the difference belo< W&/CL. 

At supersonic speeds the values of 'U (CD - CD )/(?I,2 are in close agree- 
ment with values for delta wings of the scame slenderzess parameter as tested 
by Ormerod and Sprinks in the 8 ft tunnel at Bedford. 

The vm-jation of 7W/CL and %'& IC, - (C ) 1 /CL2 with CL at four 
Do T 

representative Mach nuribers are plotted in Fig.1~. These plots show 
the decrease in the drag-due-to lift factor with increase in CL, due to the 
non-line,ar lift of the vortices and also show Bhat some leading edge thrust is 
achieved throughout the CI, range. 

u The wing plus body drag was calculated by the methods cf Ref.11; it should 
be noted that the theoretical wave drag for the wing plus body does not allow 
for base pressure, in these tests (@)baso was at least 0.003 at supersonic 
speeds and so the total drag of tne wing + body is greater than that of the 
wing alone. 
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4 cOxcLusIOKs 

* 
c 

,  

Tests have been m-&de throug+out the Mach number range from li = 0.4 to 
M = I,82 on a slender ogee xing to investigate the flow development and the 
longitudinal static stability. 

The results shove t&t at all sneeds the flow separates from the lead- 
ing edge at some positive incidenccs-to form a pair of vortices above the 
wing. At subsonic speeds this separation occurs at very low irwidence and 
the n-n-linear lift associated with the sepzaratod flow is almost independent 
of Mach number; at supersonic speeds the separations start to occur at 
progressively higher incidence s with inxease in Mach number and the non- 
linear lift drops off rapidly, 

At M = 0.4 there in *3 a slight decrease in stability with increase in 
lift, but this decrease is not present at higher Mxh numbers, The overall 
shift in aerodynamic centre between M = 0.4 ancl M = 1.8 is about 6% of the 
root chord; most of this shift occurs below X = 1.0. 

The zero lift wave drag of tlx model is higher than the theoretical 
value, but this may be due to the methods used to calculate the skin-friction 
drag. The drag due to lift is similar in magnitude to that obtained on a 
delta wing of the same aspect ratio. 
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